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DE FINITION OF KEY TERMS

ASSURANCE - Knowing that the spacecraft carl and wil_.___lperform.

ASSURANCE ACTIVITIES Those activities associated with establishing the potential
of the hardware to perform its intended function and the
demonstration of that potential.

ASSURANCE CATEGORIES - A divisionof assurance activitiesintocategories where all
activitiesin thatcategory are aimed at a common goal.
Six such categories have been defined;namely, performance,
workmanship, life,identification,trends and operability.

PER FORMANCE Those technical considerations and activities concerned with the
capability of the spacecraft to perform its intended function within the
total environment.

WORKMANSHIP - Those activities and considerations including test which are concerned
with the conversion of drawings and specifications into functioning
hardware that meets the design intent.

LIFE - Those considerations and activities concerned with establishing the useful life
of the hardware.

IDENTIFICATION - The process of discovering, evaluating, and validating the assurance
activities performed in previous areas.

TRENDS- The determination of dynamic stability for use by subsequent areas of activity.

OPERABILITY The determination of changes in performance resulting from testing,
handling, etc. The principal interest is in the readiness or capability
of the hardware to perform rather than its performance capability,
i. e., its ability to perform its intended function.

RISK - As used herein, the term risk has a somewhat limited meaning. Risk is ordinarily
though of as the chance of loss or the opposite of confidence in success. In the
sense that it is used herein, it is applied to the chance that a test will provide the
desired result or the chance that a spare piece of hardware will be in a condition
to allow the spacecraft to meet the confidence goal.

CAPABILITY - Having the qualitiesnecessary to perform the mission.

MARGIN - Capability in excess of nominal mission requirements.

BUS - The portion of the spacecraft that is separated from the bus and placed on a
collision course with the planet.

PROOF TEST/QUALIFICATION TEST/TYPE APPROVAL TEST - Terms applied to that
phase of testing concerned
with design verification
as opposed to develop-
ment or acceptance test.

7
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1o INTRODUCTION

In April of 1964, a study of spacecraft testing philosophies and techniques was initiated

for the Jet Propulsion Laboratory of the California Institute of Technology under

Contract No. 950830. This report contains the results of that study°

Emphasis was placed upon the system testing aspects of a test program for a future

interplanetary spacecraft of the general Mariner class. Test approaches, specific test

problems and such related items as spares and facilities were studied and the recommen-

dations resulting from these studies are included herein.

As the study progressed, it became increasingly apparent that the test program could

not be removed from the context of the total program since design, manufacturing and

test are all interrelated and have a direct influence on accomplishing program goals. A

method has been formulated for relating these separate parts of a total program to the

probability of successfully accomplishing the program goals.

The contributions of test to program success and the techniques by which these con-

tributions are evaluated are both defined. Examples and sample calculations are

included to illustrate their application.

1-1/1-2
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2. PURPOSE OF STUDY

When a new program is initiated, program management is faced with the very real

problem of making optimum use of the resources available. Manpower, facilities, funds

for operation, and time must be divided between the major program functions of design,

manufacturing and test in such a way as to maximize program success.

In the development of a military system, time is usually included for iterations of the

design in order to optimize payload and reliability. In scientific systems, the first

vehicle flown is "operational." Without the priority of military systems, optimization is

usually degraded in favor of reliability. As a result, a scientific program must rely

heavily upon past hardware rather than on development and innovations. Where weight

limitations exist, the necessity to use existing equipment can be detrimental to the amount

of scientific data obtained.

Budgets are also a consideration. The availability of funds determines spending rates

as well as total amounts. Other factors, such as the design cycle or procurement

and m_nufacturing time also enter into the total situation. All can combine to alter the

program schedule. For example, if existing hardware to be adapted to a new program

proves unacceptable, this can change schedules and cost.

JPL's interplanetary programs operate in a climate that permits changes within the

schedule only. A Mars opportunity occurs only once every twenty-five months and

the launch window is normally about 4 weeks long. Thus, a rigid constraint exists that

influences every aspect of the program.

System test is the last activity in the cycle prior to the launch and flight operations.

In formulating a schedule for these activities, it cannot be approached from the standpoint

that another month or two can be used if major problems are encountered. This time

simply does not exist, and state-of-the-art advances in a two-year period make unused

spacecraft virtually useless.

This general situation led to the present study, which was concerned with:

a. Providing a basis for testing - a method or tool that will allow an identification
of those tests required to provide assurance that the mission has a reasonable
probability of success.

b. Providing a criterion for determining the end of each phase of testing.

c. Defining test methods and procedures for actually conducting certain tests.

do Defining the optimum way to provide spares for the system so that expensive
testing is kept to a minimum while risk is also reduced to an acceptable level.

e. Evaluating the necessity in the future for exotic facilities to support spacecraft
programs.

Therefore, not just the "why" of testing, but also the "how" was of interest in this study.

2-1/2-2
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3. SUMMARY

3.1 GENERAL

This study is concerned with the Mariner class of interplanetary spacecraft during the

general time period of the 1960's. This indicates the general complexity of the system,

the relative length of the mission, and the environment within which the spacecraft must

function. While not concerned with the detailed definition of the spacecraft, its mission

and its environments, they must be given some consideration so that the problems of

conducting systems test can be defined. A description of the "study" spacecraft was

prepared to serve this purpose.

3.1.1 DESCRIPTION OF STUDY SPACECRAFT
/

Mariner C, as defined in the Mariner C Spacecraft Design Specification Book_ has been

used as the basic vehicle with regard to design approach, relative complexity and

method of construction. )Thus, it was assumed that a major change to microelectronics,

which could alter the entire design concept, would not take place.

The one major change, or addition, that was assumed was the addition of a Lander with

a surviving capsule. This appears to be a probable addition to interplanetary vehicles

of this class during this time period. Since GE has been active in the study and

definition of such a Lander system, the Lander design described in GE's Mariner B

Entry Vehicle Study (Re-entry Systems Department, 1963) was selected to serve as that

portion of the study vehicle. The description that was prepared and issued to those

participating in the study is included in Appendix A.

3.1.2 DESCRIPTION OF MISSION

A Mars mission was used as the typical mission. Fly-by was assumed to occur between

six and one-half to eight months after launch. The Lander would be ejected at

approximately forty hours before encounter and the Bus would fly by with its scientific

instruments operating during the encounter period° A description of this mission and a

sequence of events is contained in Appendix A.

3.1o 3 ENVIRONMENTS

An estimate of the environments that the spacecraft would be subjected to from

assembly through completion of the mission is shown in the tables contained in Appendix

Ao While the levels, etc. are considered to be indicative, they cannot be treated as

specific requirements.

3.2 APPROACH

Prior to launch it must be established that the spacecraft has a realistic potential to accom-

plish the mission. In addition, enough testing must have been conducted to establish the

desired confidence that the hardware can and will perform its intended function.



It is generally acceptedthat bothcapability to perform the mission and reliability are
designedandbuilt into the hardware. Testing candetermine only the degree to which
this hasbeenaccomplishedsothat changescanbe madeif required.

Design, manufacturingandtest all havea direct influence on the accomplishmentof
program goals. The contribution of test to program accomplishmenthas beenanalyzed
in an effort to organizetest activities in a more meaningfulway. This was then extended
to provide a numerical relationship betweentest, design, manufacturingandprogram
goals so that a basis exists for directing corrective activity.

Thelarge numberof poteatial influences uponultimate capability make it necessaryto
beselective in applyingprogram resources to their definition andcontrol. Engineers
andother specialists must be relied uponto definethose characteristics of the spacecraft
that represent the greatest risk. Effort is then concentratedon theseparticular items
since total system capability is never greater than the weakestlink. Testing must also
provide an opportunity for anysignificant spacecraft deficiency to becomeevidenteven
thoughit was not identified as beingeither critical or probable. Systemsare so complex
that it is almost impossible to anticipate all interactions.

The term "assurance" hasbeenadaptedto thesevarious activities of analysis, planning,
testing, evaluatingandassessingspacecraft capability in aneffort to knowthat
functional effectivenessis includedandthat the spacecraft will perform properly during
the mission. This assuranceapproachwas incorporated into the other aspectsof the
study.

3o3 PHILOSOPHIESAND TECHNIQUES

A complexspacecraftis delivered to the system test function as manydifferent parts
andsubsasemblies. Thesevarious pieces must beassembledand testedto verify system
capability. Tests must determine that the assemblywas correct, that this particular
system hasthe required capability, andthat all unanticipatedinteractions of any real
consequencehavebeenidentified andactedupon° The following list summarizes the
principal conclusions relative to this testing:

a. The system configurationprovides the only "true" mechanical, thermal and
electrical environmentfor the various spacecraft equipments. After delivery
of the various spacecra/tparts to the system test area, assembly shouldbe
initiated after establishingthat the various parts are operable. Eachspacecraft
is a separateentity and,becauseof the relatively small margins that are incor-
poratedinto spacecraft, the performance capability of eachmust beverified.

b. The results of the total test program canand shouldbe related to provide
additionalassuranceaboveandbeyondthat obtainablefrom a single test phase.

Co Environmentaltests are required to establish the degreeof performance capa-
bility for somespacecraft functions; e. g., thermal control. Environmental
tests are also aneffective methodof inducing failures causedby workmanship
andassemblyfaults. Data indicates that thermal/vacuum andvibration tests
have beenused effectively and extensively for this purpose. Experience strongly
influencesthe environmentsactually used.

d. Little actual dataexists to support a conclusionthat combinedenvironmental
tests are actually needed. There is no apparentneed, particularly at the systems
level, for capability in excessof existing spacesimulation facilities. This does
not, however, imply that improvementsare not required. A comprehensive
program to provide definitive information relative to the worth of combined

environmentaltests is needed. I--"_
3-2
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e. Numerical analysis techniques preclude a general rule for the amount of time
that should be imposed during test° Performance must be established and
workmanship faults must be eliminated. Equipment life, as such, cannot be
demonstrated during acceptance test and must be done principally by identification.
Operating time and environmental testing for the purpose of eliminating faults
are related to wearout. At the present time, the relationship is not well defined
for all types of equipment and the environmental testing currently being done may
or may not have a significant wearout effect° A program to define this more
precisely for various types of equipment is needed.

f. Comprehensive testing is favored over minimum testing. Each spacecraft is
different and its relatively small tolerances require that assurance be
established for each spacecraft° PTM testing and experience can be used
to identify critical items that require testing and the analysis can be used to
determine the degree of testing required.

g. The qualification aad acceptance test cycles proposed here cannot be expanded
into a definitive plan until specific design information is developed. They do,
however, indicate the assurance approach by utilizing assumptions relative to the
design.

h. A "Figure of Merit" analysis is proposed as a method to aid in the selection of the
degree to which a test should be dynamic. Experience with air bearing dynamic
tests has revealed a number of test problems.

io Existing facilities can accommodate the bulk of testing requirements anticipated
in the near future. Some improvements are required. For example, solar
simulators have some limitations that require modifications.

jo The assurance methods and techniques delineated provide an adequate and
effective way to determine the end of each test phase. Each test has specific,
identifiable purposes. By categorizing all of the purposes into the assurance
categories of performance, workmanship and life, a numerical measure of the
achievement of the test can be made. These measures do not necessarily
indicate the total capability of the hardware, but they do provide a relative
indicator of the contribution of the test, and, hence, a means for making a
decision relative to each test phase.

k. At this relative stage of development, critical sensors such as star trackers are
still being performance tested as near to launch as practicable. Design con-
straints that allow the sensor's removal are normally imposed; however, all
such components are not necessarily removed for test°

1o Solar panel testing for performance capability is confined to the panel level.
Panel operability is tested at the systems level.

mo Pyrotechnics are subjected to an extensive qualification test program and batch
sampling during acceptance. Actual tests during the system test cycle are
confined to tests of the circuitry.

n° Thermal controls systems are tested during system testing.

o° The test philosophy for Lander systems is the same as that for the spacecraft°
Sterilization will probably impose design constraints on both the system and the
test methods.

3° 4 SPARES

A concept for estimating risk with regard to spares has been formulated. A tentative

conclusion that a "spare" spacecraft should be assembled and entered into the test cycle

to serve as a source for "tested" parts was made. This risk assessment method should

be expanded and developed to validate this tentative conclusion in regard to spares.

3.5 CONCLUSION

During the course of this study, philosophies have been thoroughly explored on the premise

that method is ultimately rooted in philosophy° Particular emphasis has been placed upon

3-3



the identification of specific goals for testing, the alignment of tests to satisfy thesegoals
andthe identification of methodsto evaluatethe results. It wouldbepresumptuousto
concludethat the conceptspresentedherein represent the ultimate in testing technique.
As thesemethodsare usedandrefined, major changesand improvementscanbeanticipated.
At the same time, the inability to prove perfection shouldnotpreclude a serious attempt
to use thesemethodsin an effort to enhancethe successof our current programs.

3-4

!

!

!

!

I

I
I

I
I

I
I

I
I

I

I
I

I
I

I



I

I

I

I

i

I
I

I

I
I
I

I
I

I
I

I

I
I

4. CONCEPTS, PHILOSOPHIES AND TECHNIQUES OF IMPLEMENTATION

4. 1 GENERAL

Since the inception of space flight with the first Vanguard attempt in 1957, to July of

19641 , there have been 242 launches of spacecraft. Of these launches, 176, or 72 percent

were successful if judged only on the basis of boost and injection. Since many of the

payloads are classified, an assessment of spacecraft performance after separation is

impossible; however, it is reasonable to assume that failures and partial failures would

reduce the overall accomplishment to less than 70 percent.

While this would be judged by some to be an acceptable degree of accomplishment, by

others it would not. A reasonable judgement could not be made until the potential degree

of accomplishment were defined for comparison with the actual. If the potential or

ultimate capability at this point in time is 70 to 75 percent, then a 70 percent accomplish-

ment is quite good. If, however, the potential is 95 to 98 percent then the accomplishment

would appear to be unacceptable. Considering all program aspects, this is not necessarily

true because the added time or cost required in design, manufacturing or test to achieve

this potential may not be justified.

Figure 4-1 illustrates the highly organized influences that exert pressure on the accom-

plishment of a program. Ideas are conceived and converted into actual functioning hard-

ware through design, manufacturing and test. Management, cost and time also influence

the total program and play an important role in accomplishing the program goal. For

example, ff cost considerations force a reduction in desired design time, a direct re-

duction (not necessarily a straight-line function) in potential capability can be expected.

By the same token, a reduction in test time can materially reduce the demonstrated

confidence in probable success.

Before any definitive statements can be made, or before a proper balance can be achieved

between effort and actual accomplishment, a measure is required to characterize the

interrelationship of cost, time, design, manufacturing, test and the ultimate capability

of the hardware.

At some point in a program, the ability is lost to make changes in the hardware that

will alter its potential or ultimate capability to accomplish the function. For an important

subsystem, this may be many months in advance of the launch date if the substitute requires

that long to be designed and integrated into the system. This time is reduced if the fault

requires only a replacement (spare). Launch usually represents the last time that a

change (other than the way in which the equipment is used) can be made. At the point

where control is relinquished, it is imperative that:

a. The delivered hardware has the potential to accomplish the intended functions.

b. Tests (the right kind and the right number) have been conducted to develop the
desired confidence that the hardware will perform these functions.

This study is concerned with testing and the contribution that it makes in achieving

greater hardware capability. This section describes the techniques for evaluating potential

1 STL's Space Log, Vol. 4, No. 2, Summer of '64.
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Figure 4-1. Program Influences

capability and the means of identifying the tests required to establish the desired level

of confidence.

Due to the necessity of allocating program resources early in the program, it is

important that the test function have a means of identifying the tests required so that the

allocation is as near to optimum as possible. This refers not only to funds, but also to

manpower and time° The technique described herein not only relates the design,

manufacturing and test to evaluate potential capability, but allows an identification of the

tests required to provide the confidence demonstration. It is not just a post-test evalua-

tion technique, but it is also a planning tool. See Appendix E for a summary of previous

applications of this assurance approach by GE since 1960.

4.2 CONCEPTS AND PHILOSOPHIES

4.2.1 WHAT IS ASSURANCE ?

In Section 4. 1, it was stated that at some point the ability to alter the hardware is lost.

It further stated that two things must 1 have been accomplished by that time:

ao The hardware must have the potential to accomplish the intended functions.

b. Confidence must have been established that the hardware will perform those
functions.

Stating this another way is to think of potential as probability of success and confidence

as the demonstration. Assurance is a term adapted to the whole activity of establishing

1The necessity for accomplishing these things prior to this point of no return is not the
subject of this study. Motivation to do the best possible job stems from a variety of
sources ranging from prestige to economic survival. The assurance approach is
premised upon the existence of such motivation.
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potential and its demonstration. It is related to knowing whether or not the hardware can

and will function. Specifically, it is related to the degree that one knows:

a. That the design is adequate and is capable of performing its intended function

b. That the materials (used in the broadest sense of the word) have the required
life capability

c. That the materials are being used in such a way that they can realize their life
potential, or at least exceed the requirement

do That the hardware is produced correctly

e. That the frail or marginal items are identified and removed

f. That the hardware is not damaged during test, handling, etco

g. That control is exercised over the hardware to limit changes that might
invalidate the "knowing" (assurance)

h. That the hardware is still operative when control is relinquished

i° That the tests have been designed to uncover unknowns.

To know, we do the following types of things:

ao Develop elaborate and complex equations to express relationships that require
computers to provide the solutions.

bo Maintain a large engineering staff supplemented by consultants, reliability
analysts and development laboratories°

Co Manufacture equipment in controlled environments.

do Check and re-check the equipment to determine that it works not only in ambient
and under environmental conditions, but also alone, in the subsystem and in the
system.

e. Have closed areas to prevent unauthorized people from approaching the hardware.

f. Conduct elaborate tests on the hardware in facilities costing substantial amounts
of money to operate them.

This list can, of course, be expanded to include all of the procedures that an organiza-

tion uses to design, manufacture, test and control hardware. As stated previously,

assurance is the degree to which one knows that the hardware can and will perform its

intended function° This degree varies depending upon a number of factors. If your work

in the test area actually operating the hardware and have seen it function each time that

it has been turned on, then you "know" or at least feel that it will operate. If you are

pretty far removed from the actual hardware, as much of management necessarily is,

then knowing must come from another source.

Certainly there are problems, and significant problems, in organizing, implementing
and controlling the activities that convert an idea into functioning hardware which accom-

plishes the program gOalo Knowing that this goal can and will be accomplished motivates

many of the activities in a program. The assurance approach discussed herein is con-

cerned with establishing the degree to which we know prior to the point where control to

alter the hardware is lost. It relates design, manufacture, and test in a positive way to

indicate their influence on the end result.

From the time that materials are taken from the ground in the form of various ores

until they are finally brought together to form a spacecraft, the number of variables and
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influences that could be a factor in success are virtually numberless° It is theoretically

possible that all of these influences could be defined and controlled to provide a nearly

absolute degree of knowing; but this is not really a practicable thing for one organization

to do. Our system of transforming ideas into hardware is based upon the delegation of

responsibility. For example, the responsibility to produce a particular kind of steel

needed in the spacecraft is delegated to a steel company. In addition to the steel itself,

we also require that an analysis be furnished so that we can know that the material

complies with the requirement. Merely having the steel is not enough - we must know.

(Actually, knowing isn't required, if getting the wrong thing cannot provoke a response to

change it. )

Many of the potential influences are, therefore, eliminated from active consideration by

delegating responsibility to organizations or people of demonstrated capability, by

providing margins in the design to allow for these variations, and by testing to determine

if they have been properly identified and treated. It is not feasible within the time and

resources available for every potential influence to be controlled by a program. Assurance,

then, is obtained by several methods some of which are direct measures of the capability

of the hardware. For those aspects of a program that are identified, a measure can be

applied, but a recognition of the total situation within which work is performed forces one

to conclude that these measures are indicative and not absolute.

4.2.2 INTENT OF TESTING ACTIVITY

The specific problem considered herein is the contribution of test to assurance.

Since assurance is a term adapted to the whole activity of establishing and demonstrating

that the hardware can and will function, testing is conducted to get assurance. This

implies that tests be conducted for specific reasons, that relative success be evaluated, and

that action be taken to correct those things that are deficient.

Testing is a broad term covering a variety of activities such as:

a. Determine design adequacy°

bo Determine use conditions.

c. Determine hardware conformity to design.

d. Determine the suitability of materials.

e. Remove production errors.

f. Verify operability.

An examination of any test plan will reveal tests of these "objectives" that guide test

activities. An analysis was made of these activities and their contribution to assurance.

It was concluded that these activities could be placed in three distinct categories; namely,

those activities that contribute to or are associated with the determination or demonstration

of:

ao

b.

Co

Periormance capability.

Proper workmanship.

Life capability.
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Any comparable analysis could result in the definition of other categories, but these were

selected because they allowed enough flexibility without becoming unwieldly, and each

one is especially suited to a particular type of evaluation.

Performance Category

Performance is defined as "functional effectiveness" and this is the way that

the term is normally used. The word "effectiveness" implies that some standard

or specified functional capability is required. From the conception of an idea

until the actual accomplishment of a physical function, there are many activities

that lead to obtaining actual hardware with the desired functional effectiveness.

Use requirements are defined in the light of the total environment. This

includes electrical, thermal, mechanical and others, such as vacuum, radiation,

etco Performance specifications are derived and the engineer then begins the

transformation of these requirements into hardware. In the process, he may

state the design in the form of one or more complex equations° At this point,

these equations represent in a very real sense functional capability. If a

functioning breadboard is constructed in the laboratory, it will be used to verify

the equations, and hence the performance. From this point on, a building block

approach is used to convert to a higher and more sophisticated form until the

total system is completed.

The performance category includes all of those activities associated with

interpreting use requirements, defining a performance specification, developing

a design concept, converting this concept into functioning hardware, and verify-

ing the precise functional effectiveness of the hardware.

Workmanship Category

Many activities are accomplished in the process of converting drawings and

specifications into functioning hardware that meets the design intent. These

activities, which reach from planning of the manufacturing cycle to ambient and

environmental acceptance tests, are included in the workmanship category.

Life Category

The life category is related to the period of time when the part or equipment is

useful. As used herein, this applied to both accumulated time and/or cycles

under normal deterioration of the materials as opposed to actual life that may

result from an accelerated deterioration due to overstressing.

For purposes of obtaining assurance, activities will be separated into one of these

categories so that specific tests can be conducted, specific data can be taken and specific

evaluations can be made. Each step in the build-up of the system will concern itself with

these three categories; i. eo, performance, workmanship and life. In order to relate their

activity to the activities of others, three other quasi-categories have been identified. They

are identification, trends and operability.

Identification

This is the process of discovering, evaluating and validating the assurance

activities carried out in previous areas. Thus, if sub-system test has used a
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valid test method to prove a particular performance parameter that is not

influenced by assembly into the system, the process of identification is used

in place of running system tests (or at least reduce the number of tests to a simple

check).

Trends

Trends are the determination of dynamic stability in each of the categories for

use by subsequent areas of activity.

Operability

Operability is the determination of consistency of performance from one area

to another. In general, this is a determination of whether or not anything has

changed due to testing or handling, etc. A precise measure may be required to

determine this but it is not necessarily a measure related to end-use requirements.

As stated previously, there are a number of steps between the conception of an idea

and its accomplishment. Test is certainly one of these steps. Even within the test

activity, there are a number of phases and each phase has a primary objective. Test

phases are development, qualification (or type approval) and acceptance. Table 4-1

relates the test phases with the assurance categories. In the area of performance, the

primary objective of the development tests is to establish the capability of the design.

While design changes may require that design capability be established during qualification,

this is usually a secondary consideration.

Testing, then, must be considered and organized in a systematic way to realize the

most from it. There are certain things - performance, workmanship and life - that

must be determined and evaluated. They must be objectively identified, tests must be

devised for evaluating them and data must be interpreted. The techniques to be applied

are not cure-alls but they can be used to provide an added degree of understanding relative

to the degrading factors at any point in the program from conceptual idea to actual accom-

plishment.

4.2.3 ORGANIZATION OF GOALS

The planning of a testing program may be compared in many ways to the process of

decision making. The decision matrix requires the establishment of precise goals, the

identification of realistic alternatives and an individual judgement to select the

optimum course of action. In order to formulate a working test plan, specific goals must

be established, a means of identifying and evaluating possible courses of action must be

provided and a mechanism for decision must be created. The timing for each of these

functions is very important because of the alignment required on the associated imple-

mentation activities, such as furnishing test equipment, preparing test instructions,

obtaining facilities and determining shipping schedules.

For each test, precise goals should be established to reflect what is required relative

to the categories of performance, workmanship and life. The necessity for establishing

these goals cannot be over-emphasized, since they provide the guidelines for all the
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activities that follow. The goals should clearly identify the nature of the information

(quantity, accuracy, etco ) that is to be obtained, and the information obtained should be in

such a form that it can be related to the appropriate item for evaluation.

Possible courses of action result since an actual assurance status and potential can be

described in terms of additional testing, or a design change or a modification to the

manufacturing process. Time and/or cost can also be estimated so that the basis for a

valid selection of alternative courses of action exists.

The final step is the selection or choice between the possible alternatives. The

choice is actually a judgement as to which alternative best fulfills the goal. The decisions

that are being discussed here are not always the obvious decisions, but are decisions that

may not by themselves greatly influence the outcome of the program. Considered to-

gether, however, they can greatly influence the potential capability of a program. For

example, there may be particular items that are marginal and would not create special

concern, but as the quantity of these items increases the chance of a system failure is

increased and, therefore, the potential of the equipment is reduced.

One of the main concepts of the approach is that of decision - decision that leads to an

ultimate improvement in the equipment's capability. With a fixed launch date, the

actual alternative courses of action are virtually eliminated by the time of the pre-launch

activity. It may appear that a decision of acceptability is required during the countdown,

but for a Mariner-type vehicle, virtually every decision that could play an important role

in increasing the probability of success of the mission will have been made prior to this

time. The test plan must be arranged considering all resources so that decisions can be

made and associated actions taken within the restraint of the launch date.

4o 2.4 APPROACH PHILOSOPHY

All testing and recording of data are done for one purpose, assurance. The current

tendency in the use of this data is to build, rework, substitute, replace and modify equip-

ment until it demonstrates the capability of performing some pre-determined function.

This essentially establishes that the equipment did work, but actual assurance is the

proof or verification that the equipment can and wil____!lwork. The work that is currently

being performed and the information that is currently being gathered is capable of providing

more than just an indication of a defect that has already occurred. Even though the

information that is being gathered has true significance and plays a major role in the

preparation of the equipment, it does not within itself provide assurance. It is only

through an evaluation relating this information to some recognized base that assurance

may be obtained.

Because of incorporating new design concepts and the limited capability of achieving

data, each new program falls short of generating enough information from the traditional

approaches to be able to establish the desired assurance. Assurance, and especially higher

levels of assurance, is based on massive experience. This is not to say that massive

experience is obtained only by large quantities. It can also be obtained through the

identification of surplus capability. Part of the philosophy of the proposed approach is to
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apply rudimentary statistics to convert the surplus capability into the same assurance that

high quantities have previously provided.

In order to do this, we consider another facet of the philosophy. This is the identi-

fication of the potential problem areas by the technical functions. We rely on

engineering judgement and experience to create the design. It is logical, therefore,

to use their inputs as the baseline for evaluation. Further, the engineer creates assurance

in his design by providing the capability to meet unusual conditions that exceed mission

requirements. The goal of the assurance activity is to identify the degree to which the

stated mission requirements could be exceeded, thus providing a basic for analytically

evaluating assurance.

The interest of the assurance activity cannot stop at only evaluating those significant

items that are planned to be measured. It is necessary, in order to identify unanticipated

problems, to run tests of the equipment under conditions that simulate the critical

environments that will be encountered in use. The overall test requirements would be

similar to the diagram in Figure 4-2. The illustration indicates that most of the things

that will affect the ultimate equipment capability are known and can, therefore, be tested

and analyzed specifically.

There are many formalized ways to evaluate equipment capability, but in their

current forms they are not consistent with actual testing methods or program capabilities.

For example, mean time between failure estimates made by Reliability must be based

upon great volumes of data to be meaningful. It is not practicable for a spacecraft program

of the Mariner type to generate this much data.

OVERALL TEST REQUIREMENTS
^

I ^
! I

SPECIFIC TESTS FOR PERFORMANCE, WORKMAN- MISSION
SHIP AND LIFE PROFILE

Figure 4-2. Nature of Tests

The approach described in this report is to modify the way that data is used and to

force proven theoretical approaches to fit the real situation. Programs have limitations

in terms of time and funds available. Each piece of hardware is, in fact, different and

variables do exist. The techniques have been adapted to this situation and data must be

used within this context.

The total assurance consideration is virtually endless and very complex. In reality,

though, there are usually only a limited number of items of significance that must be

considered, and their interrelations and potential effect on ultimate equipment capability

are generally known. To provide overall coverage and to identify the critical events that

affect equipment capability, a modeling system should be used.
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The modelingsystemwill provide the framework for the identification of the significant

aspects of the hardware that will be used in evaluating the assurance. The best way to

define this assurance model is to describe how it would be developed. The beginning point

is the development of a diagram (or series of diagrams) that interrelates the functions

required to perform the mission. A sample of this diagram, called a function structure,

is shown in Figure 4-3. The sample function structure shown is only the starting point,

to illustrate its contents, and it would be developed to any level of detail deemed necessary

to include the items of significance to be used in the assurance evaluation. For example,

on a new or unique component the function structure might be carried to the part level.

An identification is then made of the hardware involved and its relation to the accom-

plishment of the function. Certain hardware is directly related to the function while

others only influence it. For example, a timer will have a direct effect on the completion

of a circuit, but a power drain by another system may reduce the input voltage to the timer

and cause a change in the time of closure.

The selection of the hardware and the technical elements to be developed for the

model will be dependent on the identification of the critical areas related to the function,

considering the influence of performance, workmanship and/or lifeo Key inputs, outputs,

operational parameters and indicators of status will be identified for each item to be

considered° For an electrical timer, for example:

a. Inputs are the range of voltage and range of operating temperature.

b. Output is completion of circuit continuity.

c. Operational parameters are continuity and time.

d. Key indicator for performance is closure time as a function of temperature and
input voltage.

e. Key indicator for workmanship is continuity and nominal operating time.

f. Key indicator for life is the imposed and self-induced temperature environment.

For the performance category, the significant items in the assurance model will be

further defined using the technical elements of the design approach to describe what the

performance should be under the conditions that exist. For this electrical timer, the

performance would be described by the change in time due to voltage changes and the

change in time resulting from elevated temperature. If a mechanical timer were used,

time change may be more a function of loads (such as acceleration). Details of the

design must be considered.

With the requirements and an estimate of the capability of the particular design, the

techniques described in the following section for performance evaluation can be used to

estimate the potential performance capability, or probability of success, and the amount

of testing required to establish a desired level of confidence in this capability. The data

required and the test method and instrumentation used to support the assurance evaluation

must be compatible with the representative parameters (indicators) and conditions being

used to prove the capability.

During actual testing, the data is used to replace the estimates of performance and

the variances within the model. For those things that cannot reasonably be measured, the
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Figure 4-3. Sample Function Structure
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estimatesof the designerwill beusedin the assuranceevaluationof performance. The
necessity for goodanalysis is obvious. First of all, the designis baseduponit and
secondly, evena very comprehensivetest program cannotcheckeverything.

For the workmanshipcategory, the significant items that couldaffect the assurance
will be further definedby identifying potential failure modesas related to workmanship
influences. Sinceperformance results will beusedto identify thesedefects, the per-
formance variations that wouldbe indicative of the defect must also bedefined. For
example, using thewrongparts and errors in assemblingthe timer wouldvary the
operating time (atambient, but perhapsonly at anelevatedtemperature), while miswiring
and/or damagewouldresult in the timer being inoperative°

Thetest methodusedto evaluatethe workmanshipcategory must be compatiblewith
the anticipatedfailure modes. There must bea continuousawarenessof the wear-out
phenomenathat couldoccur in testing as a result of over-stressing. Thedata required
for the evaluationmust reflect the criteria developedto define a failure and/or acceptance
andmust provide the type, criticality andtime of failure. The analysis technique

described in the following section for workmanship evaluation can be used to determine the

status of the testing method in discovering defects.

For the life category, the significant items in the assurance model that are related to

life will be defined further, Those conditions that will influence life capability must be

spelled out. For example, if power surges will reduce life, this fact and an estimate

of the relationship must be known° Experience is our principal source of life capability

information. Other similar uses of this particular item and a definition of the environ-

mental conditions under which adequate life was obtained must be identified. Acceptable

environmental stress levels can then be established for this particular application.

For evaluation in the life category, the testing must supply adequate measurements

of the operating environment. The analysis technique described in the following section

for life evaluation will provide an estimate of the probability of exceeding the acceptable

environmental level. It also provides a determination of the number of test results

needed to establish the desired level of confidence that the acceptable environmental level

will not be exceeded. As the test results are obtained they will replace the estimates

used for the planning analysis_ and the demonstrated probability and confidence of not

exceeding the acceptance level will be determined.

The use of the modeling system does not imply that every known facet of the equipment

must be analyzed. There are many designs, design approaches, processes, parts and

components which, because of their accumulated experience, need little additional effort

to provide the necessary assurance° On the other hand, there are many new designs,

new operating conditions, and new arrangements that require additional effort to meet the

assurance requirements. The assurance model provides an identification of the assurance

measures needed to evaluate the capability of the hardware. The evaluation indicates

actual capability and its anticipated effects on program success. By relating potential

and actual capability, changes in assurance that would occur with program modifications

are identified, thus providing information for selecting the optimum course of action.

4-12

I
I
i



!
!

40 3 ASSURANCE TECHNIQUES

I
'I
I

'I
I
!
t
I

4. 3o 1 GENERAL

The fundamental concept of the assurance approach is to systematically separate the

total problem of developing assurance into the three categories of performance, workman-

ship and life. Data is then obtained for the evaluation of each of these aspects of the

hardware.

Proven theoretical techniques have been (and could be) related to each of these categories

to evaluate the assurance developed by the various test activities. This section

identifies the techniques and principles being used in this evaluation. Where limitations

are involved, they are discussed so that they can be considered when the techniques are

applied. No attempt will be made to demonstrate the validity of the principles.

4. 3.2 PERFORMANCE APPRAISAL

The performance category is the largest area and is also the one of most current

concern. Performance is evaluated primarily by a statistical tolerance technique. The

statistical analysis is based upon the determination of the probability of the occurrence of

a failure. A failure results when the load variables add in such a way that they exceed the

load carrying capability of the design° The design also has variables that may combine to

reduce the nominal load carrying capability. This is illustrated in Figure 4-4°

>-

L
i

NO_ INA L

MAX ANTICIPATED

LOAD

_r

L2_

N ON INA L

LOAD CARRYING
CA PABILITY

Figure 4-4. Frequency versus Load Carrying Capability
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These frequency distribution curves represent the number of times a certain load will

occur, that of the use environment about "LI," and that of the design capability around

,,L 2. " L 1 is the nominal value of the maximum loading condition expected in the use

environment. L 2 is the nominal value of the design capability. The difference between

L 1 and L 2 is the design margin, "d." "_1 and "a2" are the expected deviations from

these nominals. In the case of the environmental load, L1, this deviation, _1' may be

attributed to variation in the ambient conditions, the accuracy of our environmental data

used to derive the load and the influence of other equipments and the equipment itself.

The deviations of the design capability, _2, may be attributed to variations of design

coefficients, material consistency, manufacturing tolerances, errors introduced by

calculation techniques and failure measurement inaccuracies. It can be seen qualitatively

from Figure 4-4 that the inherent probability of success of a particular design will be a

function of the values of the design margin, d, and variables, _1 and _2"

Initially, the distribution of both variables will be as the common normal distribution.

This assumption will be satisfactory over the desired range of interest. As the actual

distributions become known, they may be substituted as a refinement to increase the

accuracy of the analyses°

The engineer relies on his experience and skill to create the design and he is called

upon to identify the criticality of a group of parameters that may be used to provide a

meaningful measure of the capability of that particular equipment° This information is

used in the generation of the assurance model° In general, the parameters that will

require measurement are the ones already being measured, but the engineer's analysis

may indicate that there are other parameters that should be measured to be more represent-

ative of the capability. A critical parameter evaluation is often desirable to establish the

best parameter that can be used for indicating and evaluating capability.

The statistical approach is based upon knowing the placement of the mean applied load,

the mean design capability and the variables of each. The designer actually works with

these values now but calls them design safety factors, variability of analytical techniques,

preciseness of configuration portrayal, material properties, etc. Once these values are

established, they determine the inherent design capability. Before testing starts, this

inherent design capability can be related to the probability of success and confidence desired

for the program. The statistical model will provide a measure of the chance or test risk

that will be involved in the sample size (or the quantity of independent test results) for

providing this success/confidence assurance as a result of the proposed tests. Once testing

has started, the test values will be used to verify the values of the significant load nominals

and the nature of their variances. This statistical analysis of the test data will provide a

continuous measure of the assurance being achieved by each test toward the goal of the

program°

4.3.3 ELIMINATION OF WORKMANSHIP DEFECTS

The approach being taken to appraise the workmanship category has a less definitive

nature than either performance or life. Currently, there are direct methods of appraising

workmanship, such as control charts of the producing functions and of the many cycles of
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operation approach used for reliability determination, but these methods do not directly

relate themselves to the responsibilities assumed by test. Tests are used to uncover

defective equipment so that it may be replaced or repaired; therefore, the approach being

used is to determine the degree that the various tests have accomplished their function of

uncovering the existing workmanship faults rather than to directly appraise workmanship.

In system test, there presumably will be a number of failures. If these failures are

assumed to be completely random, they follow the exponential distribution and the life of

the vehicle after launch will, on the average, be as long as the average time between

failures observed. If this were actually the case, there would be little reason for running

tests at all.

On the other hand, the more realistic view is that the observed failures are the result

of errors in assembly, procedures, design_ etc., which will occur at a decreasing

rate as they are successively eliminated° The probable life of the vehicle will, therefore,

be much greater than the average MTBF observed during test. This phenomenon is generally

true and is depicted by the decreasing failure rate at the beginning of the traditional "bath-

tub" curve illustrated in Figure 4-5.

This decreasing failure rate is usually observed in the testing stage and is called the

debugging or infant mortality period. The early failure portion of the curve in Figure 4-5

is commonly described by the Weibull type distribution. The Weibull distribution, unlike

the exponential and normal distributions, can reflect the decreasing failure rate obtained

as the defects are eliminated. It is through the application of this statistical distribution,
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Figure 4-5. Failure Distribution
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using the information from the discrepancy reports generated during testing, that a

numerical measure can be maintained to indicate the worthiness of additional testing.

Before testing is started, an evaluation of the data from similar equipment produced by

the same organization will provide a measure of the testing that may be required to

eliminate defects for the new equipment, if the same producing and test approaches are

used.

4.3.4 LIFE VERIFICATION

The approach being proposed for the determination of equipment life capability has

two separate possibilities. The first, but most unlikely, is to develop the desired

reliability and confidence by the method of chance failure evaluation, which involves the

accumulation of a large amount of operating time compared to mission time. The higher

assurance goals resulting from the excessive cost of failures in orbiting or interplanetary

vehicles and their extended operating times would greatly increase the required testing

time. This virtually eliminates this particular technique from being widely used on any

particular program°

The second method (the one that is commonly being used but probably is not specifically

recognized) is the identification of experience accumulated from previous applications

and test efforts using similar equipment. This accumulated data is evaluated using the

chance failure method to determine the equipment's potential life capability and associated

confidence. The responsibility for this particular program is verifying that the envir-

onmental influences on the equipment in the application do not surpass those on which the

life determination is based.

Tests are used to simulate use, and measurements are made of the influencing

environments. From these environmental measurements, a mean and standard deviation

of the actual environmental levels can be established. These levels are then compared

to the environments that provided an acceptable life capability on previous programs. The

relationship of the environmental load and the acceptable level will provide an estimate of

the chance that the environment in this application will exceed the demonstrated acceptable

level. The normal distribution of the measured mean and standard deviation, adjusted

for the quantity of measurements, will be used to determine the actual probability of

surpassing the acceptable level. The mean and standard deviation determined from the

data may require adjustment to compensate for the fact that a small sample is used. If

the confidence goal is high, adjustment using standard statistical techniques will be

required. (See Appendix D for an example. )

With this adjusted mean and standard deviation, which indicates the worst conditions at

the confidence level desired, an estimate can now be made of the probability that the

measured load will exceed the established acceptable level. This, coupled with the

probability of success inferred through the identified experience, will provide the

probability of success for this application. It can be seen that the number of tests, the

confidence and the probability of success are interrelated. If the margin is large, the

number of tests can be reduced. If the margin is small, a large number of tests may be

required for a high confidence and probability of success.
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4o4 MECHANICS OF RELATING MEASUREMENTS TO THEORIES AND PRINCIPLES

4.4o 1 GENERAL

Many concepts have been proposed as the means of obtaining assurance of successful

performance by the final product, but each seems to lack something in making it a useful

tool. Either it is not complete, it is not identifiable with the actual activities performed,

or it is too idealistic and cannot be applied realistically. The purpose of the approach

contained herein is to modify either the nature of the data or the mechanics of the theory

to develop a direct measure of assurance using the specific data obtained.

All tests are run and all data is obtained to enhance some area o f assurance. The real

usefulness of the approach is its ability to establish a direct relationship between the

program assurance goals and the measures taken by the performing activities. The

separation of the data into the assurance categories of performance, workmanship and life

seems to overcome at least part of the major difficulty in using the information. The

resultant grouping of information lends itself to a consistent evaluation since each category

will have a similar influence on the resultant equipment assurance.

Table 4-2 lists the techniques that are being proposed to join the various hardware

measures with the appropriate theoretical appraisal methods. The column designated

"technique contribution" explains what results from relating the information concerning

the real equipment to the theoretical assurance appraisal. As presently developed, none

of the techniques will provide a total or absolute answer, such as a systems analysis

alleges to do, but they do provide a quantitative common sense that will allow maximum

use to be made of what is available to better approximate what the answer really is. The

approach is not directed so much to a complete evaluation of a piece of equipment, but is

slanted toward a numerical approximation of what systems test contributes to assurance.

The technique relates all activities to the specified goals of the program by direct

measurements.

4.4.2 PERFORMANCE APPRAISAL

The assurance measure associated with performance is based on the definition of the

relationship of the statistical mean and standard deviation of the imposed load and the

mean and standard deviation of the design capability. It is necessary that the engineering

function define the load parameters that will affect the performance of the equipment.

From these, the critical parameters are selected, starting with the most significant and

including as many as desired, to represent the performance capability of the equipment.

The engineering design approach will provide the necessary information to define the

anticipated imposed load and the intended design capability for each of the parameters to

be considered. The next step is to determine the amount of testing that will be required

to meet the program assurance goals.

The flow diagram in Figure 4-6 shows the arrangement followed when this technique is

being used for planning purposes. The engineering design approach provides the informa-

tion for the design area: design margins, variability of environmental load and variability

of design capability. The relationship of these parameters determines the inherent
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Figure 4-6. Statistical Method Flow Diagram

probability of success. The program intent must be established since it reflects what must

be demonstrated relative to equipment capability. It is implicit that the inherent capability

and the program intent are compatible. With the design and intent information, the

quantity of tests needed can be determined. The statistical derivation, an example of its

application and a sample calculation are presented in Appendix Do

The engineering information upon which the success of the whole program is dependent

forms the framework on which the demonstration requirements are based. A key element

is the establishment of the critical parameter listing. The test data for these critical

parameters are carefully reviewed for extremes and biases, and are then analyzed to

determine the degree of demonstrated capability.

Figure 4-7 is a flow diagram illustrating the analysis procedure followed to evaluate

assurance. The data comes directly from the testing area. In many cases, the information

must be combined with the other design information in the performance model. The data

from any particular test usually provides only a certain part of the total information needed

to perform the analysis, and all the other inputs must come from either the engineer's

estimates, if they are not going to be measured, or from other tests where they are

measured. While in many respects this may appear to provide only an approximation of the

capability, the approach as proposed is mainly concerned with determining the assurance

contributions that are made by the work performed. Every aspect of the design will not be

evaluated. The original design analysis will identify those things that are significant to

equipment performance and they will be the parameters evaluated. The resulting evaluation

will then provide a measure of the achieved assurance on those items considered and will

serve as a barometer indicating total system acceptability.
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4.4. 3 ELIMINATION OF WORKMANSHIP DEFECTS

The technique being proposed for an assurance determination in the area of workmanship is

based on a new concept. The approach is not to measure how good the workmanship is, but

to create a measure that provides criteria for determining the potential of a particular

testing approach to uncover additional defects. Tests are run primarily to uncover defects,

and the reported failures and operating time accumulated may be evaluated by early failure

distribution to estimate the ability of a particular testing approach to eliminate the defects°

There is certain information available concerning the hardware that can be used to determine

the position and characteristics of the Weibull curve that describes the rate of eliminating

defects° The main items are the actual accumulated test time and the time of the failure.

These parameters are so important to the application of this method that clocks and

counters should be installed at key points in the spacecraft to record the operating time and

cycles of operation on various equipment sections. Where less precise methods are used,

scaling factors may be assigned to these various functional sections to improve the

estimates of actual operating time. For example, experience may indicate that a particular

section operates only 10 percent of the total test time° In such a case, the use of the total

test time would create a totally erroneous picture. Existing data should allow a fairly

accurate basis for deriving such scaling factors.

To the degree possible, the time of failure should always be carefully analyzed to verify

that the failure was identified at the precise time of failure. It may be that, due to a

number of reasons, such as it simply was not checked, the failure was undetected during

a previous period of operation. While the exact time of the failure has an influence on

the curve, it may also have other implications such as a life restriction, nt
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In its current state of development, the major influences of time to failure and number of

failures can be included to create the curve. Figure 4-8 is a hypothetical curve

illustrating the type of plot that results. In this figure, failure rate (failures/hour) is

plotted as a function of total operating time in hours on a log-log scale. The line identified

as the "ideal line" represents the zero failure case. The first failure falls on this line

and such a failure was placed at point A, which represents a failure at 2 hours (hence,

a failure rate of 0.5)° The second failure occurs after another hour and is plotted at

point Bo At that point, it must be assumed that the next failure could occur at the instant

it is turned on; therefore, the rate could be infinite. If it does not, then it will follow a

curve that is asymptotic to a vertical line drawn through point B and the ideal line.
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Figure 4-8.

22 HOURS

{ { I I{l{{{
10 100

TOTAL OPERATING TIME - HOURS

Major Influences of Time to Failure and Number of Failures

36

4-21



The curve identified as the "New Failure Free Line for Point B" is such a line. Failures

also occurred at points C and Do The failure at point D occurred after 16 hours of

operation° At this point, an estimate of the period of time until the next failure is made

by drawing line EF (in this case, it is drawn through the centroid of failures A, B, C and

D and parallel to the ideal line), to intersect the failure free line from point D at point Go

The result is a prediction of 22 hours before the test failure. This prediction is in rea-

sonable agreement with what might be expected in this hypothetical case. A total of four

failures have occurred in 16 hours of operation; therefore, line EF is indicative of a

declining failure rate. Since the trend of point B, C and D is toward a lower failure rate,

the longer period of failure free operation (22 hours) could reasonably be expected. But

the more valid conclusion to draw is that this particular mode of testing is identifying

failures for removal and can profitably be extended. If, for example, the prediction had

been 500 hours instead of 22, it could indicate that another type of test was justified.

For this illustration, line EF was drawn through the centroid of all four points and

parallel to the ideal line. For making a prediction, this is the more conservative

approach. For evaluating test methods, it is suggested that the parallel line be drawn

through the last point. In this particular case, there Is not a significant difference but

there very well could be, which would indicate that the point of diminishing returns had

been reached.

An extension that requires evaluation is the concept that the slope need not be parallel at

all. This also seems reasonable since a constant failure rate could be obtained if a

failure occurred every hour, and conversely a very good test could remove all failures

within a very short period of time.

A further extension is to separate the different functional sections according to their

relative criticality. If a test has removed all of the critical faults, it is better to alter it

even though minor faults are still being discovered.

This method is indicative of the state of the hardware and the effectiveness of the tests

being used. Every bit of information available should be used to determine the best course

of action° The failure rate, the type of failure (obvious to find or indicative of a very high

degree of sophistication), the criticality, the time, the cost, etc., all should be used in

judging the proper action to take°

This method is discussed more fully in Appendix D.

4° 4° 4 LIFE VERIFICATION

The direct measure method is not a new technique and will not be discussed herein.

For those components where operating time or the number of cycles becomes excessively

long for the direct measure, the method of identification is utilized. In this case,

emphasis is placed upon the measurement of imposed environments that will affect life.

These environments are vibration, temperature, vacuum, etc., and the technical

environments of mechanical and electrical stresses. These environments all influence

the basic capabilities of the materials involved. An excessive temperature may induce a

change in grain size in a material and this could alter its characteristics resulting in a

failure.
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The realistic stability of materials in various space environments has been established

by a number of programs. For a new application, identification of this capability and the

related environments is a starting point for verifying life on this application. As in the

performance category, there is great dependence upon the technical functions to identify

the critical environmental conditions that could potentially influence the life expectancy of

the materials. This engineering know-how, coupled with hardware experience, will be

used to fix acceptable limits for the critical enviro_nent. Plans for tests and test

instrumentation must be devised and implemented to provide data for the evaluation of the

actual environmental conditions° The relative value of the acceptable limit and the actual

environment provide an estimate of the probability that the acceptable limit will not be

exceeded. This, then, is an indirect measure of the life of the part°

Associated with this, but not yet fully explored, is the contribution that can be made by

accelerated life testing. There appears to be a logical statistical relationship, using the

results of this testing, that can establish the requirements for the environmental load

capability as a variability rather than a limit. The results will also provide an influence

for the establishment of the mean and may ultimately provide the exact environmental

description for the life capability.

The formulations to be used and a sample calculation are included in Appendix D.

4.5 SUMMARY

Numerous techniques of testing have been considered and many have been attempted by

various groups to determine the best way to obtain trouble-free equipment. The results

and connotations of all of these approaches have been under constant study by those

persons concerned with this type of activity. To date, there does not appear to be a

means of achieving the desired or even expected success results using these testing

methods by themselves. The selection of particular techniques for a specific application

are grossly influenced by the convenience of cost and schedule or by personal preference.

The result is that varying approaches are taken on different programs or by different

groups and the advantages of one over the other are unknown. Also, since an integrated

standard does not exist for evaluating the contribution of the proposed tests, the purposes

for the test and the significance of the results are not clearly identifiable.

The intent of this approach is to provide a means of evaluating the contribution of the

various assurance activities to mission success. Categories of performance, workmanship

and life have been established along with a particular evaluation technique for each

category that directly relates the activities performed. The engineering function is relied

upon to identify the critical areas of the equipment in each of the categories; thus the high

assurance needed for a spacecraft does not require a total effort of all conceivable means

to achieve and appraise every design characteristic of the product. However, every

possibility for the test required must be recognized and evaluated to make their

probabilities of success consistent with use requirements.

There are many designs, design approaches, processes, parts and components that,

because of their accumulated experience, require little additional effort to provide the
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necessaryperformanceassurancefor the particular application. Onthe other hand,
there are manynewdesigns, newoperating conditions, andnewarrangements that require
additional effort to meet the assurancerequirements. A summary list of those items
requiring special attention, related tothe tests being run andthe assurancecategories, will
provide a modelthat is representative of the total equipmentcapability to perform its
mission. Thetests will supplythe necessarymeasurementsand, throughthe evaluation
techniquessuggested,a continuousmeasureof achievementof assurancein eachof the
areas will beprovidedas the program activity progresses°

The information neededfrom test to implement this approachis essentially the sameas
that which is beinggeneratedin test programs now. At eachstepin a program, from the
program plan stagethroughthe test planningandtest conductionstages, test problems are
beingdealt with in a variety of individual ways. To implementthis assuranceconcept, a
coordinatedeffort involving essentially the sameactivities will be required from all areas.
The assuranceapproachdoesnot changeexisting, developedtechniquesbut simply
provides greater insight into their use and contribution° Lastly, the old standard of

simply meeting mission requirements must be abandoned in favor of making changes in

our operating system and/or hardware to increase the probability of success wherever

practicable, even though mission requirements may have been met on the last test.
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5.TEST PHILOSOPHIES AND TECHNIQUES FOR
ADVANCED AND FUTURE SPACECRAFT

5.1 GENERAL

A philosophy of testingforms the base upon which a test plan is generated for a specific

program, and governs the time and other resources that will be required to implement

that plan.

Philosophies evolve over a period of time and are modified by experience. Missions

change, goals change, people change their company affiliations and other factors such

as economic conditions change. The press of getting the job done limits the amount of

study that can be devoted to questioning whether the philosophies that have evolved are

suitable for the situation which exists today or whether they will apply for future systems.

In the broadest sense, new philosophies can apply only to future programs, since re-

sources must be defined and committed early in a program. Thus, a major test facility,

particularly if it incorporates new concepts, must be conceived several years prior to

its use date.

The following are of particular concern:

a. The spacecraft is delivered in several sub-assemblies that are essentially sub-
systems. In the final analysis, very few functions are clearly system functions.
Most are subsystem functions; therefore, is it better to assemble the space-
craft and devote most of the time to system test or is it better to test the indi-
vidual subsystems where accessibility, etc. are generally superior?

b. Are dynamic tests superior to static tests?

c. Are ambient tests as effective or more effective than environmental tests?

d. Are comprehensive tests required on every vehicle?

e. Are complex environmental and other facilities going to be required that require
long lead times and the expenditure of large sums of money?

The test philosophy at General Electric has evolved in a climate somewhat comparable

to that at JPL. The nucleus of the group that was organized in 1955 to execute a re-

search and development (R and D) program on re-entry vehicles came from a missile

project conducted by GE in the early fifties. A series of ballistic missile re-entry

vehicle programs have followed. Other types of entry vehicles have been designed, in-

cluding Discoverer. With Advent, OAO and Nimbus, the base has been widened to include

spacecraft systems and subsystems. Each of these programs have their own peculiarities

that require a different approach. A strict R and D program, resulting in an operational

military system, is different from a spacecraft program involving a limited number of

vehicles that are essentially operational when the first vehicle is launched. Philosophy

evolves and is influenced by previous experience.

General Electric's overall test philosophy is summarized as follows:

Tests progress from piece parts toward the total system in a planned, building-
block sequence culminating in a test of the total spacecraft under conditions
that simulate the operational situation to the degree possible within the limita-
tions of time, money and the state-of-the-art.

L/D
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This general test philosophyis impleme,_tedin a test cycle suchas the following:
1. Breadboards

a. Component breadboards are constructed and used to develop the design and
establish the basic performance capability.

b. Subsystems are assembled to establish subsystems performance and com-
ponent compatibility.

c. Selected environmental tests, primarily temperature, may be performed.

d. Selected inter-subsystem tests may be conducted. For example, power
and communications.

2. Prototypes

a. As components become available in a packaged form, performance capa-
bility is evaluated.

b. Environmental tests are conducted to ascertain their effects. Not all en-
vironments are imposed, but vibration, high and low temperature, thermal/
vacuum and RFI are common. Others may be imposed if susceptibility is
antic ipated.

c. Subsystems are assembled and performance is evaluated. Outputs are
measured as a function of input variations, etc.

d. Very specific environmental problems may be investigated at this point,
but environmental tests are not generally conducted at the subsystem level
due to the pressure to evaluate system capability.

e. Inter-subsystem compatibilities are established at the system level, as
well as system functional capability in all modes for both ambient and se-
lected environmental conditions.

3. Models

a. Antenna tests on models are conducted. A representative structure is used,
but it may be scaled rather than full-sized.

b. Thermal models consisting of a representative structure and actual coatings
and insulation are used to evaluate thermal characteristics of the system.
Programmable heat sources are utilized and thermal masses are used to
the degree possible. Steady-state and dynamic conditions are simulated
for various mission phases.

c. Structural models are utilized to identify problem areas in a dynamically
representative structure with equivalent masses attacl]ed. Design criteria
for specific equipments are defined and verified.

4. Proof Test Vehicles

5-2

a_

b.

Components of prime or flight quality are acceptance tested and then sub-
jected to functional and environmental tests to demonstrate design conform-
ance (normally referred to as qualification tests). Some packaging methods
currently in use have consolidated several functional sections into a single
black box rather than individual black boxes. A bay on Mariner would be
such a sub-assembly. Qualification would be done at this level in these
cases. A full compliment of environmental tests are utilized as required.

System level tests of an evaluation and qualification nature are conducted.

1) Evaluation tests are conducted to evaluate the performance capability
of the system. Inter-subsystem compatibilities are verified. Emphasis
is on electrical performance. Inputs and outputs are verified over the
range of operation. Limits of capability are established.

2) Qualification tests are conducted to demonstrate design conformance.
A full range of environmental stresses are imposed. Emphasis is on
nominal conditions, rather than limits, except where environments
are a key factor.
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5. Flight Vehicles

a. Acceptance Test - functional and environmental - on all flight components.
Sub-assemblies are considered to be "components" if packaging, etc. dic-
tates.

b. System acceptance tests are both functional and environmental to establish
performance and eliminate workmanship faults. While reduced level en-
vironmental tests have been common, the tendency is to use flight levels.

Since this is a summary, variations result, but the basic test approach remains the

same. A typical example is vibration testing. For the re-entry vehicle programs, the

prototype and qualification levels are generally set at the maximum anticipated flight

load. Even here there are variations and some programs have added a factor above this

level for qualification. Acceptance levels have generally been approximately one-half

the maximum anticipated flight levels. For space vehicles, qualification levels have

generally been one and one-half the maximum anticipated flight load while acceptance

levels are the same as the maximum anticipated levels.

The total test plan is drawn together to form an integrated test plan for the purpose of:

1. Providing in a single place a summary of all of the tests to be conducted, their
purpose and their relative timing.

2. Placing relative emphasis on those aspects of the test program that require it
so that a balanced test program is presented in view of program resources.

3. Preventing unnecessary duplication.

4. Reducing the possibility that an important assurance consideration will be over-
looked.

Uniformity in the test program is obtained by test requirement specifications and en-

vironmental specifications. While not all components will require an RFI test, all those

that are tested for this environment will be tested in the same way.

The cognizant engineer has the prime responsibility for testing during the development

and qualification of his component. Systems level testing is planned, organized and

implemented by a Systems Test Group. Assistance from design engineering is available

on a planned basis.

Many of General Electric's programs have been of the "production" type where twenty or

more vehicles were produced even for the R and D portion of the program. Under these

circumstances, GSE has been produced in "sets" and placed at the various test stations

in-house and in the field. As a result, different people have tested the hardware during

the component, subsystem and system tests. Thus, different people test the hardware

at different locations using different equipment. This approach has both advantages and

disadvantages. On the plus side, the approach reduces the possibility of having un-

acceptable performance overlooked by a person that is overly-familiar with or emotionally

wrapped-up in the spacecraft. At the same time, the continuity of having the same test

team is lost. A proper balance must be achieved between people who are familiar enough

to recognize problems, but are not so engrossed in that particular spacecraft that they
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overlook what appears to be a minor problem. On Nimbus, the test team approach was

used. In this case, the actual test conductors were evaluating performance, the data

was being reviewed by local NASA representatives and engineers from the Systems group

were also looking at all of the data to verify vehicle performance and look for variations.

In this manner a thorough check was made and the possibility of having an undetected

performance variation was reduced.

Within a general test philosophy and even within the same basic test approach, any

assurance testing program must contain these following essential elements:

1. Those specific areas of the design that are critical to mission success or repre-
sent anticipated problem areas because of new applications or small margins
(or a myriad of other reasons) must be defined so that emphasis can be applied
to those areas that require it.

2. Each test must have specific, stated goals. Performance, workmanship and
life considerations must be separated in the process of selecting the best test
and the data required to satisfy the goal.

3. Data must be utilized to determine the degree to which these specific test goals
are fulfilled. All changes in performance, as indicated by the data, must be
understood. It is only in this manner that unanticipated performance interactions
can be discovered.

4. Spacecraft deficiencies that are detected must be corrected.

5.2 COMPLETE CAPTIVE ENVIRONMENTAL TESTS VERSUS LIMITED SUBSYSTEM
ENVIRONMENTAL TESTS

5.2.1 GENERAL

The spacecraft is received in the system test area at JPL as a number of pieces that vary

as to their relative state of assembly. Parts and components, such as antennas, sensors

(sun, earth and Canopus), paddles, pin-puller supports, radiation shields, etc. are de-

livered as separate items for assembly.

These various pieces and sub-assemblies have been assembled and tested prior to de-

livery to the system test area by the cognizant division; therefore:

a. Each item has been tested and conforms to some specification requirements for
performance and operability.

b. Some tests have been conducted to discover and/or induce workmanship faults.

c. Some operating time has been accumulated on the item.

d. Some number of operations or cycles, perhaps indeterminant, have been imposed
during component and subsystem tests.

The spacecraft must now be assembled and tested. The sequence for doing this can be

approached from two extremes. The majority of testing can be done at the component or

sub-assembly level prior to assembly, or assembly can proceed after brief subsystem

tests followed by comprehensive tests at the systems level° The optimum use of this

time is the problem considered herein.

5-4

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I



I
I

I

I

I
I

I
I

I
I

I

I
I

I

I
I

I

There is a tendency, particularly on the part of the people who actually execute the tests,

to minimize the value of testing that preceded that particular test phase. Thus, some

strong system test advocates minimize the value of component and subsystem testing on

the basis that changes in the hardware reduce the value of the previous tests and that

system interactions make the system environment different and, hence, better than any

other environment for evaluating performance and system capability. Environment refers

to either the electrical, mechanical or thermal environment. As a result, tests are

conducted at the system level with the specific objective of demonstrating that the various

components passed the test without any obvious degradation. From the standpoint of

gaining assurance, that is not the most efficient approach.

First of all, the problem of checking the input and output of each component or sub-

assembly during the system test is too complex a job to accomplish in this test configura-

tion and marginal items can be overlooked. Secondly, component, subsystem and system

tests that complement each other give a reinforcing action to assurance determinations

on the basis of sample size alone. Thus, the environment within the system should be

one of the determinations made during the tests in order to validate the previous tests.

This raises the question, of course, of how much added instrumentation can be tolerated

without invalidating the test. It is obvious that a very large number of temperature,

vibration and voltage monitors cannot be assembled into each component in order to de-

termine the specific environment during the systems tests. Their very presence would

invalidate the data. To alleviate this, component and subsystem test data and the judge-

ment of the engineer and specialist can be used to identify those specific areas where

the margin of safety is low relative to the expected environmental effects. A rather

limited number of additional monitors can then be placed in those critical areas thus

identified.

In some cases, it will be determined that the actual environment within the system is,

in fact, significantly different from that which was used to design or test the component

or subsystem. In these cases, these design and test requirements should be altered.

In other cases, the similarity will be such that the performance of the item will be demon-

strated with all of the tests rather than just the system test. The verification of environ-

ments (electrical, mechanical and thermal) should be included as an integral part of

system tests to enhance the assurance demonstration.

5.2.2 CONSIDERATIONS

Tests can be conducted at either the sub-assembly or system level and the relative gains

must be evaluated. The two principal considerations are the environmental simulations

and accessibility.

A. Environmental Tests

Subsystem environmental tests can be valuable for:

1. Establishing the performance capability of that subsystem.

2. Evaluating subsystem performance degradation as a result of a particular en-
vironmental stress.
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3. Isolating and inducing manufacturing and assembly faults.

4. They can usually be done both earlier and more economically.

System environmental tests can be valuable for:

1_ Establishing the performance capability and operation of the system in the "true"

mechanical, thermal and electrical environment.

2. Discovering workmanship faults resulting from assembly.

3. Providing the operational situation within which the system must operate for an
extended period of time in order that unanticipated problems can be brought to
light.

If the environments imposed are not dependent in any way upon the level of assembly,

then the level of assembly is immaterial. This is not the case however. Table 5-1 lists

the various environments normally considered for a spacecraft of this nature and indicates

the significance of level of assembly relative to environmental test results. The static

environments, such as thermal soak, are independent of level of assembly while the

dynamic environments, such as vibration, that are dependent upon the response of the

total vehicle are best done at the system level.

TABLE 5-1. SIGNIFICANCE OF TESTS VERSUS LEVEL OF ASSEMBLY

Subsystem System

Thermal (Soak) Good Good

Vacuum Good Good

Thermal -Vacuum Good Best

Vibration Good Best

Acceleration Good Best

Acoustic Noise Good Best

Shock Good Best

EMI Good Best

Thermal-vacuum, or more specifically, space simulation, in which a sun simulator and

nitrogen-cooledblack walls are used, is a dynamic test developed to test the thermal

response of the hardware under various operating modes and angular positions relative

to the solar source. Although not included in the table, the system test provides the only

real dynamic electrical environment.

It could be argued that all environmental tests could be conducted at the sub-assembly

level if the inputs were known. Unfortunately, our ability to predict all inputs accurately

in these complex systems is deficient and system tests are required to verify these pre-

dictions. This alone is self-defeating. In addition, test fixtures and set-ups frequently

become very complex in an effort to duplicate known dynamic inputs. All in all, the

system is sometimes the cheapest fixture. On top of this, unanticipated system, subsystem

and component interactions are encountered that make early system tests a requirement.
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In determining which environmental tests to conduct at the system level, the proof test

model and the flight vehicles present separate problems.

PTM Tests are used for:

1. Design verification or, more generally, the verification of the system of pro-
curement, manufacture, inspection, test, repair, etc. to produce a spacecraft
that meets the design intent.

2. The demonstration and evaluation of performance capability.

3. The verification and validation of procedures whether it be the countdown or the
method of acceptance testing the flight hardware.

4. Isolating and identifying unanticipated system, subsystem and component inter-
actions.

5. As a means of inferring probable life (some aspects).

Flight Spacecraft Acceptance tests are used for:

1. Determining the performance capability of each specific spacecraft. In vehicles

where design margins are relatively small, the capability of each vehicle must
be verified.

2. Detecting and eliminating assembly errors and faults.

Design verification, performance evaluation, procedures validation and tests for unanti-

cipated interactions imply a comprehensive environmental test program involving all of

the dynamic environments of:

1. System "electrical" environment

2. Vibration

3. Acoustic Noise

4. Shock

5, EMI

6. Space Simulation.

Environments such as sand and dust, etc. have been excluded on the basis that provisions

will be included to eliminate these environments to the degree possible. For a vehicle

of this type, environmental control on the ground prior to launch is feasible and considered

to be more desirable than incorporating design allowances and providing test time.

During acceptance test, the scope of environmental tests has been reduced. Vibration

and space simulation are "standards." Shock is eliminated on the basis that it is not

very repeatable and has been used on non-flying hardware for design verification only.

Acceleration testing presents facilities problems and has been used almost exclusively

for design verification. Acoustic noise testing has been used at GE only for design

verification.

Comprehensive EMI tests were conducted by GE as a part of system acceptance tests on

a current classified Air Force program with excellent results. The test approach used

was very much like the one defined in this report for the verification of performance.

¥6
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Componentandsubsystemtests revealed some30points in the vehicle as potential prob-
lem areas. SeeAppendixF, Interference Control Plan, for an illustration of the tech-
niquesemployedto identify theseproblem areas. Monitors were addedat thesespecific
points during the system tests to determine the effects of the imposed radiation environ-
ment. An arbitrary margin of 6 dbwasestablishedas the criteria for acceptability.
A simple extensionof this test approachis to use the margins andvariabilities technique
to provide a direct measureof the degreeof assurancethat resulted.

Experience is a major influenceon the selectionof environmental tests for acceptance
testing. Acoustic noisetest, for example, maybe a very satisfactory acceptanceen-
vironment for inducingworkmanshipfaults. GEhas not usedthis test environment for
this purpose, eventhoughthe Re-entry SystemsDepartmenthas anacoustic testing
chamber in their plant in downtownPhiladelphia.

B. Accessibility

As a general rule, accessibility is reducedas the level of assembly increases. Thus,
more detailed information relative to performanceandoperation canbe obtainedat the
componentlevel thanduring system level tests. This presents a problem in that certain
key environmentsare best simulatedat the system level, but the amountof information
available from the test mayactually be inadequatefor determining the effects. The
additional understandinggained(or potentially gained)by the system level test may be
more thanoff-set by the loss of datafor evaluation.

Too often, the problem simply is not recognizedandtests are conductedat the system
level with a minimum of information. While it maybe possible to determinewhether
the system functionedor not, the degree is lacking andthis is a key element in under-
standing.

The current systemof specifyingperformance limits derived from mission requirements
has contributedto this problem. It maybe acceptablefrom a system point of view for
a power supply to vary from the nominalby 2volts, but variations of a half a volt from
the nominal of a particular power supplymaybe indicative of an impendingfailure.
Minor variations from anticipated operatingvalues shouldbe carefully evaluated.

Developmenttesting at the componentandsubsystemlevel shouldbe usedto identify
those few parameters within the subsystemthat serve as the barometers of performance.
Thesefew indicators shouldbe monitoredduring subsequenttests to allow an evaluation
of performance.

Two approachesto the problem of supplyingdataand information havebeenutilized. In
somecases(Nimbus, for example), telemetry monitors havebeensuppliedto "bring-out"
a relatively large quantity of diagnostic datafor evaluatingperformanceprior to and
after launch. Thephilosophyutilized on Mariner recognizes the severe weight limitations
imposedby launchvehicle capability, andtelemetry is reducedto a minimum in order to
increase the scientific payload. To counteractthis loss of data, hardwire monitors are
provided for useduring groundtesting. This allows for the acquisition of detailed data
during system tests, thus maximizing the possibilities for understanding.
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The Mariner hardwire solution is deemed to be a good compromise providing:

1 Tests are conducted to verify that these hardwire monitoring circuits are well
isolated from the operational circuits and do not influence the operational cir-
cuits when they are disconnected.

.

.

Special emphasis is placed on the concept of using the hardwire tests to verify
that the performance capability of the subsystem can be assessed with the
telemetry data furnished. This implies that the telemetry data can indicate
trends or indications of unacceptable performance in all key areas even though
it may not provide the specific reasons for the degradation.

The final confidence tests are made with the vehicle in the operational mode,
i. e., with all hardwire monitors removed.

5.2.3 RECOMMENDATIONS

a. Initiate a formalized log book system that requires that the component and sub-
system tests supply the following:

1. An identification of the hardware included.

2. A Test Log

a) Date

b) Time on

c) Time off

d) Procedure(s) followed.

3. Performance Data Sheets

a) Acceptance criteria

b) Nominal performance and expected variations

c) An estimate of the accuracy of the performance measurements.

4. Failure and Repair History.

b. Upon arrival at the System Test Complex, conduct a Component or Subsystem
Acceptance test to verify performance and operability as set forth in the log
book.

c. Assemble the spacecraft and utilize the building block approach to verify inter-
subsystem compatibilities leading to a full system test.

d. Conduct the environmental tests listed in Table 5-2 for proof tests or acceptance
tests. EMI has been used during acceptance test by GE. It has been included
as an acceptance environment here on the premise that susceptibility, margins,
etc. will indicate the need for it. If component, subsystem, and PTM tests
clearly indicate that the control measures utilized in the design have been effec-
tive, then the test can and should be eliminated.

TABLE 5-2. RECOMMENDED SYSTEM ENVIRONMENTAL TESTS

PTM TESTS ACCEPTANCE
TESTS

Thermal -Vacuum X X

Vibration X X

Acceleration X -

Acoustic Noise X -

Shock X -

EMI X X (Qualified).
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c. Environments - electrical, mechanical and thermal - should be verified at key
points to validate the preceding subsystems and component tests. Appropriate
instrumentation should be selected on the basis of experience and previous test-

ing.

f. Hardwire tests can be used effectively during system test to evaluate perform-
ance. One element of this evaluation should be the verification of the fact tlmt

telemetry data can indicate significant performance degradations.

5.2.4 DESIGN CONSTRAINTS

Telemetry monitors should be selected on the basis of being able to detect all key

failure modes in each subsystem. This may require additional instrumentation and

monitors over that required simply for operation during the flight. If, however, a special

effort is made to correlate data when taken via hardwire and via telemetry, this may not

actually be the case.

5.3 DEGREE OF TESTING

5.3. I GENERAL

In Paragraph 5.2, the question of level of assembly was considered. This question,

relating to the degree of testing, is a logical follow-on.

With a fixed launch date, the period of time available for system tests is decreased each

time a delivery is delayed. With this possibility, the optimum use of the time available

is imperative. This led to the formulation of such questions as:

1. Should the time available be used for ambient or environmental tests?

2. Is it more meaningful to impose environments one at a time or in combination?

3. Is it desirable to impose an extended "burn-in" period or a minimum one?

4. Are complete tests desirable, or is it better to carefully assemble the working
subsystems and launch it with an absolute minimum of testing?

As stated previously, the specific reasons for each test must be identified and maintained

as a separate entity. For assurance purposes, the reasons have been collected into five

different categories.

1. Identification

2. Performance

3. Operation

4. Workmanship

5. Life.

The following discussion is based upon recognizing and maintaining this distinction.

5.3.2 ENVIRONMENT VERSUS NO ENVIRONMENT

In considering this question, the fact that ambient tests are an environmental test must

not be overlooked. In addition, it is a changing environment since the pressure, tempera-

ture, humidity, dust content, etc., vary from day to day in spite of environmental con-

trol in the test areas. The question considered here relates to imposed environments

such as thermal/vacuum or vibration.
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As stated in Paragraph 5.2, environmental tests are helpful for:

1. Establishing performance and operation of the system.

2. Accelerating fault indications.

3. Establishing a base-line of performance for this particular vehicle.

4. Providing a simulation of the operation environment in order to identify un-
anticipated problems or interactions.

Performance and operation will be evaluated primarily in an ambient environment. A

majority of the incompatibilities (including workmanship error) that exist will be obvious

under these conditions. However, some system operations must be verified in an en-

vironment. For example, the thermal control system must be validated in a simulated

space environment, i.e., thermal/vacuum with a solar simulator and cold black walls.

It is generally accepted that environmental testing is a valid method of inducing faults.

During the six years that GE has been producing re-entry vehicles, a comprehensive

failure reporting system has been in effect. In 1960, a study of over 2500 failures that

had occurred from 1957 until September 1960 was undertaken. The results of this study

were published in 1961 (Reference 1) and covered both airborne and ground failures for

several programs. Failures were evaluated from the standpoint of:

1. Environments

2. Component Types

3. Failure Modes

4. Test Activities (acceptance, qualification, etc. )

5. Failure Cause (workmanship, design, etc.)

6o Experience.

Figure 5-1 is taken from this data (Reference 1, pp. 77, Figure 16-h) and illustrates the

percent of failures that occurred as a function of environment. This includes all programs

in progress during that period, and both qualification and acceptance test failures are

included. Post environmental performance tests were standard.

Slightly more than half of the failures were detected in ambient tests. This is attributed

to the fact that this was the first test conducted and obvious design, assembly and manu-

facturing errors were detected. No data is available to compare the relative number of

faults discovered in ambient as opposed to environmental test after these obvious errors

were eliminated. Since the environmental tests revealed almost half of the total, it

seems logical to conclude that they were actually more effective in inducing faults than

the data indicates.

In qualification tests, temperature, vibration and humidity are the most significant. In

acceptance tests, high temperature (conducted first) revealed more failures than vibration.

Acceptance tests were conducted on the components before they were entered into other

parts of the program. It would appear that the acceptance levels were inadequate for

eliminating faults to the degree desired. The tendency is toward tests more nearly

approximating flight levels.

(Reference 1) Malfunctions in Missile and Space Equipment, GE Document, No. R61SD1,
dated 15 March 1961.
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Figure 5-1. Breakdown of Sample By Environment
where Failure Occurred

The levels and duration of the key environments used (Reference 1, pp. 31-43) are sum-

marized below:

QUALIFICATION

Shock (Non-operating)

3 axes - 6 directions - 3 impacts/direction

30g - 5.5 ms peak-to-peak - 11 + 1 ms duration

High Temperature (IOC*)

160°F for 4 hours -

160°F for 1/4 hour -

High Temperature (R & D)

160°F for 4 hours

105°F for 2 hours

105°F for 1/4 hour

160°F for 1/2 hour

Low Temperature (IOC)

-85°F for 4 hours

-65°F for 3 hours

-65°F for 1/4 hour

Non -operating

Operating

- Non-operating

- Non-operating

- Operating

- Operating

- Non-operating (-65°F for batteries)

- Non-operating (-65°F for batteries)

- Operating (-35°F for batteries)

* = designates components for operational vehicles
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Low Temperature (R & D)

-65°F for 4 hours - Non-operating

20°F for 2 hours - Non-operating

20°F for 1 hour - Operating

Vibration (Operating)

3 axes - 0.49 inches peak-to-peak

3 axes - +_ 8g peak

3 axes - + 4g peak

Acceleration (Operating) (IOC)

3 axes - 6 directions - 90g - 1 min/directi0n

Acceleration (Operating) (R & D)

3 axes - 6 directions - 80g - 1 rain/direction

Acoustic Noise (Operating)

High Pressure - 5 min.

Low Pressure - 5 min.

Humidity (Non-operating)

5 to 17.7 cps - 1 min/octave

17.7 to 1000 cps - 1 min/octave

1000 to 2000 cps - 1 min/octave

- 153db - 150 to 16000 cps

143 db - 150 to 16000 cps

O
Temperature to 160 F in 2 hours with 90 percent relative humidity. Hold for
6 hours. In following 16 hours, reduce temperature to within 68 ° to 100°F.
Repeat 10 times.

Other qualification environments had such a minor effect that they are not re-
corded herein.

ACCEPTANCE

Airborne Components

High Temperature (IOC)

160 ° for 1 hour - Non-operating

160 ° for 1/4 hour - Operating

High Temperature (R & D)

105°F for 1 hour - Non-operating

105°F increased to - Operating
140°F in 1/2 hour

140°F for 1/4 hour - Operating

Vibration

3 axes - 5g - 20 to 1000 cps - 5 to 6 min/octave

Ground Support Equipment Components

High Temperature (Non-operating)

150°F for 1 hour

Vibration (Non-operating)

3 axes - 2.5g - 20 to 300 cps - 10 to 12 rain. sweep
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The effect of environmentsis treated extensively in Reference 1 (pp. 227 through 283).

This information has been summarized in Table 5-3 to indicate the distribution of

failures as a function of component type and environment. Those environments that

caused a small number of failures are not included. Electronic components are those

with only electrical functions, as opposed to electromechanical, where some mechanical

action is included. Sensors refer to transducers such as pressure, temperature, etc.

Other categories are self-explanatory.

It is not the specific intent of this data to indicate which environments should be used to

induce faults in the various component types. Manufacturing and packaging techniques

have an undetermined influence, and this sample could hardly be considered representa-

tive of industry as a whole. Even if it were, techniques have advanced over the past

four years and specific conclusions relative to the best way to test equipment being manu-

factured today for a particular program would be very difficult to justify. This does not,

however, degrade from the general conclusion that environmental tests and exposure

contributed significantly in inducing faults in these equipments.

One additional point should be made relative to this data, and this criticism may be

common for all failure reporting systems currently in use. Different test procedures,

different test personnel and different equipment are used at various points in the test

cycle. It is, therefore, quite possible to detect a broken wire during humidity test as a

result of one or more of these differences, since a different operator may use a different

procedure that reveals the fault. Under the system currently in use, this would be re-

corded as a humidity failure which is obviously erroneous. Some people closely asso-

ciated with this aspect of work contend that this is not a rare occurrence.

The environments that are imposed for inducing faults are a function of the anticipated

failure modes of the various system components. Failures can be reduced in the final

analysis to some change or alteration in a material whether it be a fracture or a change

in grain size or some other phenomena. This, then, is the starting point for looking at

environmental tests. An analysis was conducted on the elements of the Mariner system

to illustrate the method that is used. This analysis is included as Appendix B. Not all

of the matrices are included, but the method is illustrated. The results of this analysis

indicate that ambient vibration tests and functional tests in a thermal-vacuum are the

most effective for inducing workmanship faults.

The Advent Program provided an opportunity to investigate environmental effects on a

number of components that had been assembled for that satellite. They included a

number of components that constitute a telemetry and command system, such as a

command decoder, signal data converter, digital telemetry unit, transmitter power

supply, receiver, transmitter, etc. They were operated in ambient conditions, vibrated

and then operated in a thermal-vacuum environment with the component temperature

equal to the maximum specified in its specification. Failures occurred in ambient, as

a result of vibration and during the first 400 hours of thermal-vacuum operation. After

that, there were no subsequent failures durir.g the remainder of the period of operation

in thermal-vacuum. All components were operated for 1400 hours and some for as long as

4400 hours. This very limited sample size makes it extremely hazardous to draw any
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conclusions relative to the proper level or length of time to conduct such tests, but the

tests do indicate the usefulness of environmental tests in inducing early failures.

As stated previously, spacecraft designs are frequently pressing the state-of-the-art

and margins are relatively small. While the Proof Test Model may be used to evaluate

and demonstrate the basic suitability of the design, it is still necessary to establish a

base-line performance for each vehicle. Because of variabilities, each vehicle must be

evaluated from the assurance standpoint. Much of this testing can be done at ambient

conditions, but some must be done in environmental tests.

Since each spacecraft is different, there is the possibility that an unanticipated inter-

action between subsystems or components will occur. To reduce the probability of this,

the operational environment is simulated and the spacecraft is operated in this environ-

ment in various modes to investigate these possible performance anomalies.

During the early development environmental tests, environments are normally imposed

singly so that causes of failures can be identified more readily. However, as the pro-

gram progresses, the pressure increases to simulate all the environments at the same

time - as a demonstration of system suitability.

No real evidence exists which indicates clearly that simulation facilities in excess of

those presently available (or under construction) are required.

Several major simulators are available that incorporate simulated suns, cold black walls

and vacuum. The JPL simulator has the ability to reduce pressure to virtually the

pressure profile experienced in flight, and it also provides the capability to vibrate a

specimen in the chamber. GE's simulators have this vibration capability provided, but

it has not as yet been utilized. Most people associated with testing in this area are

doubtful that it will be needed.

While the potential for environmental reinforcement exists, mission profiles and the

occurrence of peaks of these various environments eliminate most of the combinations

from being a probable source of problems.

Thermal expansion might alter response of a system to mechanical environments, but

these environments occur during launch wllen the vehicle is essentially at ambient tem-

perature. They are, therefore, virtually eliminated as probable sources of problems

in combination with temperature°

Vibration and acceleration occur simultaneously but acceleration loads during launch are

relatively low. During re-entry, high acceleration loads occur in combination with

vibration and acoustic noise resulting from boundary layer and wake disturbances. These

entry loads would apply to only the lander portion of the vehicle. Lander heat shields of

the ablative type are of relatively soft, resilient materials that reduce the effect of the

external dynamic loads. GE has not found it necessary to perform combined environ-

mental tests for design verification. A mitigating factor is the facilities problem.

Centrifuges that can provide accelerations of this magnitude on heavy vehicles are com-

plex in themselves, and the additional problems of providing vibratory loads would be

quite costly.
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Vibration and shock, and vibration and acoustic noise peak at different times, but the

possibility of resonances or beats remains.

Acceleration and shock, and shock and acoustic noise occur at different times.

This leaves thermal-vacuum (or more specifically, space simulation) and vibration in

a vacuum as probable tests. The configuration of the vehicle could eliminate the vibra-

tion-vacuum combination if there were no large area such as solar panel, that might be

influenced by air damping.

One other factor should be considered. The word "simulation" is used since it is recog-

nized that actual environments are all but impossible to duplicate either because they

are really unknown or because of our equipment limitations. It is questionable as to how

far simulation should be added to simulation in our quest for knowledge. Such tests

may prove something, but it may or may not be relevant to the problem.

On the other hand, the Handbook of Environmental Engineering (ASD Technical Report

TR 61-363, 1961, pp. 1-7 and 6-13) suggests that combined environmental testing shows

promise, but that additional work is required to develop confidence in the techniques.

Since a program of this nature would necessarily be very broad and beyond the scope of

a single hardware program, perhaps NASA or DOD will institute a study and test pro-

gram to evaluate the potential gains of combined environmental testing.

5.3.3 TEST TIME

Burn-in has two separate connotations. One deals with the elimination of design and

workmanship faults and the other concerns life.

A. Design and Workmanship Faults

At General Electric, piece parts are screened or burned-in to isolate and eliminate

those parts with a tendency toward early failure. The term "infant mortality" is often

applied. The following tests were performed on Nimbus Control System piece parts:

1° Semi-conductors - Operated for 300 hours at 75% of rated load @100°C.

2. Resistors - Cycled on for 15 minutes and off for 15 minutes for a total 160 hours
with rated load applied.

3. Electrolytic Capacitors - Operated at rated voltage and temperature for 96 hours.

These tests are typical, if not the "standard." Such tests have been very successful at

eliminating weak parts as evidenced by the very low failure rate that was observed on

the Nimbus Control System parts. Although not of the "Hi-Reliability" class, only four

failures were attributed to parts - 3 transistors and 1 potentiometer (pp. 25 of Reference

2).

During the process of manufacture and assembly, damage to a part can occur through

many causes, from over-heating to the dropping of a tool. These faults and other assem-

bly errors, such as miswiring, must be eliminated. Many are discernable in ambient

bench test as the data in Figure 5-1 indicates. For others, environmental tests have

been used to reveal "weak" parts and faulty joints, etc.

Reference 2 - Report on the Reliability Analysis of the Nimbus Stabilization and Control
Subsystem - GE Document No. 64SD4246, dated 2 March 1964.
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J.C. Newof NASA (and others in and out of NASA) has suggested that the failure pattern

illustrated in Figure 5-2 applies to a spacecraft (Reference 3, pp. 9). Note that design,

workmanship and material failures are included in this failure model.

DESIGN, WORKMANSHIP, & MATERIAL FAILURES

INTEGRATION &

BENCH TESTING

<

INFANT

_-----MORTALITY

ENVIRONMENTA

TESTING

.J

L)
Z

,/F"PROTOTYPE ,_

GHT T

W _ "_, _If-RANDOM

,,\ '\/_ 0

RANDOM FAILURES

SPACE FLIGHT

WEAR-OUT__/
FAILURES --

/

FAILURE RATE ,'"//

OLD AGE
MORTALITY

SPACECRAFT LIFE_

Figure 5-2. Typical Failure Patterns

Nimbus Control and Stabilization Subsystem test failure data was analyzed for the specific

purpose of determining whether the data exhibited a characteristic similar to this "bath-

tub" curve. A Weibull distribution was selected and the data does indicate a decreasing

failure rate. The data and the way it was used to derive the curve are discussed in

detail in Section 4.4.3 and Appendix D-II of this report.

On the basis of this analysis, the projected time from the last observed test failure to

the next one was estimated to be 1000 hours. Nimbus was launched some 330 hours

after this last observed failure and it operated about 26 days after launch before a failure

in the paddle drive system. A total of approximately 930 hours were actually experienced.

While this one attempt to analyze failure data from this standpoint appears to have been

very successful, it is not conclusive. Additional work is required to make this method

an operational technique for identifying the point of diminishing returns in eliminating

system faults.

Reference 3 - Achieving Satellite Reliability Through Environmental Test - NASA

TN-D-1853, dated July 1963.
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At first glance, it would appear that the parameter that varies to eliminate workman-

ship faults is test time. While it is certainly involved, the type of test is thought to

be the main factor which determines the slope of the failure rate trend curve. Time

need not be extensive if the test is effective.

While the method described above is not fully developed as of this time, immediate

steps can be taken to help determine the period of time that should be planned for test-

ing. It is suspected that the number of failures detected in a particular spacecraft is

dependent upon:

a. Primarily, the total system which produced it. This encompasses everything
from the paperwork which controls the design, manufacturing and test efforts
down to the method of measuring voltage on a particular pin in a connector.

b. The type of test, i.e., ambient, environmental, etc.

c. The test level.

d. Whether this is the first, second or third spacecraft.

There have been a number of programs at JPL that could be analyzed from these parti-

cular points of view in an attempt to determine the amount of testing required to eliminate

the faults. An extension of this is to approach it from the beginning with the additional

breakdown of critical, major and minor.

Using the Weibull plots of failures, estimates could be made of the length of test time

required to provide a predetermined period of trouble-free operation.

This analysis can be very revealing. If, for example, the analysis indicates that 2000

hours of testing are required to produce 100 hours of trouble-free operation, then there

is reason to suspect that some changes should be made in the total system which pro-

duced it. It is possible that tests conducted at the lower levels of assembly aren't

effective enough to eliminate the faults. It might also indicate that the state-of-the-art

simply had not progressed to the point where a system as complex as the one being con-

sidered could successfully be constructed at this time.

Test time or wear-in or burn-in or whatever term is applied, cannot be separated from

wear-out. For example, an ambient bench test of an electronic component may reveal

all faults in a period of (arbitrarily) 500 hours. If 600 hours is the required mission

operating time and 1000 hours is the actual life, then the 500 hour test is unacceptable.

Any development test program should have as one goal the identification of a suitable

test for the elimination of workmanship faults. The elimination of faults with a minimum

of wear-out needs to be accomplished. A "standard" acceptance test cycle for components

of all kinds may be acceptable and it may be the most economical, but it is very doubtful

that it is optimum.

A program must be initiated to determine the best acceptance test procedure - type of

environment, level and duration - for several generic types of equipment. The evaluation
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of existing datafrom this particular point of view mayprove conclusive in somecases.
There is every reasonto suspectthat a particular organization's procedures hasa major
effect on the result. To accountfor organizational differences, the componentlevel is
suggestedas thebest starting point. In addition, this is the point at which a majority
of the manufacturingfaults, suchas poor welds in electronic modules, shouldbe eliminated.

B. Life

Life considerationshavebeenseparatedfrom the performanceandworkmanshipaspects.
A componentmaybecapableof producingthe required output, andtests may clearly
indicate that it wasproperly manufactured,but this doesnot meanthat it will last for the
required period of time.

Within this category, two aspectshavebeenidentified. Someparts of a system are
turned onand left on for major portions of or all of the mission. Thelogic and control
portions of theattitude control subsystemon Mariner is a typical example. Other parts
of the system may operate in a cyclic manner. A valve or relay are typical examples.
In somecases,both aspectsare involved. A typical exampleis the gyro packagein the
Mariner system. Thegyros are turned on a number of times during the test cycle as
well as during the mission. It must be verified that the packagehas the capability to
withstandtheseturn-ons andthat it can operatefor more than the total time requirements
(test andmission).

An attributes approach,a classical reliability tool utilizing the exponentialdistribution
to characterize failure, is adaptablein somecasesto the problem of demonstratinglife
capability. In essence,the approachrequires that a component(ComponentA) be tested
somepre-determined time or number of times (hours or cycles) in order to provide a
related probability of successandconfidencerelative to a similar component(Component
B). The relationship is containedin Table 5-4.

TABLE 5-4. RELIABILITY DEMONSTRATIONREQUIREMENT

95%
90%
80%

O
o 50%

Probabilityof Success
•999 .99 .9 .5

2996 300 29 4

2303 230 22 3

1609 161 15 2

693 69 7 1

NOTE: The numbers contained in this table are multiplication factors.

Thus, if a component operates for 1 hour (test and operating time), a similar component

must be tested for a total of 230 hours to provide a probability of success of 0.99 and

a confidence of 90 percent (see table).

While this approach is usable for most cyclic functions and for those operating times

that are relatively short, the large multiplication factors make the demonstration of life

on a particular program very difficult• Figure 5-3 illustrates the multiplication factor

as a function of probability of success for a particular confidence demonstration. Note

that a definite point of diminishing returns is reached at a probability of 0.99. This also
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indicates that for those items that have a very high probability of success requirement,

such as a series of components, this approach may be possible, but the effort required

can be prohibitive.

1.0
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_D

(9
(9

_. .7
0

_ .6
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(. 99)

CONFIDENCE = 50%
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MULTIPLICATION FACTOR (N)

Figure 5-3. P versus Multiplication Factor (N)

Since the time and resources are not available on every program to prove life capability

by this direct approach, it has led to the conclusion that one program can be used to

support another if evidence can be obtained to justify this claim. For example, if a

component with a long history of success is used in exactly the same manner on another

spacecraft, there is no reason to degrade its already demonstrated capability. This

implies that a determination be made of the environment - electrical, thermal and

mechanical - in order to verify the similar usage. When similarity is established, the

probability of success and confidence are again taken from Table 5-4. Thus, if a com-

ponent or piece part has a use history of 2 years on each of 150 parts for a total of 300

part-years, the probability of success is 0.99, and the confidence is 95 percent if it is

to operate for a total of a year in this application.

The term "identification" has been applied to describe this method of approach. Each

material has some capability to withstand the total load (electrical, thermal, mechanical,

etc. ) that is applied to it. If this total load is exceeded, then a degradation can be ex-

pected. If the degradation is rapid enough, an immediate failure is detected.



For some cyclic life and short-term operating life items, the direct demonstration method

can be used. For other parts and components, the identification approach can be used.

A considerable quantity of information has been generated in this area, but it may be in

a form that is difficult to obtain. There is, of course, the further problem of correlation

when minor variations in use environment are detected. Tests on Advent parts indicate

that the field of accelerated environmental testing may be of real use in this area. This

requires additional development.

C. Minimum Testing Versus Complete Testing

From the standpoint of gaining assurance, tests are conducted to verify that certain con-

ditions exist and to establish the degree to which they exist. Knowledge and understand-

ing are key factors in assurance. Spacecraft margin restrictions with regard to weight,

etc. practically eliminate the possibility of having total assurance.

Since we are involved with a matter of degree, one of the key factors in assurance is the

comprehensiveness of the tests. Two other factors, namely, the type of test (environ-

mental) and the duration of the test, also enter into the picture.

The technique of numerical analysis of margins and variables can be used to preclude a

general rule relative to the necessity for testing. Thus, a general rule that complete

testing is required no longer applies since the amount of testing required in each of the

performance areas can be defined and related to a desired assurance goal or objective.

The bath-tub concept of eliminating faults provides a measure of the amount of testing

required to reduce workmanship and assembly faults to a practicable (and acceptable)

minimum.

Life can be obtained by association and identification, or by demonstration (cyclic).

As the launch date approaches, a measure of the degree of assurance attained is prac-

ticable with these techniques. If the time is reduced and some of the testing must be

reduced or eliminated, a means exists for eliminating the least effective tests.

In addition to providing a method for determining which test to eliminate, it also provides

a measure of "where we stand" with regard to verifying system suitability.

Minimum testing, or "Prima Donna" testing, is not without virtue or precedent. An in-

tangible motivation to "do the job right" exists when people realize that this is the last

test and it must be done properly. It is far too easy for people to acquire the attitude

that "They will catch it later." At GE, arming and fuzing devices for re-entry vehicles

have been delivered for assembly into the system as sealed units on every program.

Only continuity checks are made thereafter, and these vehicles are in storage for ex-

tended periods of time. The Polaris guidance system and the Nimbus spacecraft both

have extensive tests done in the factory, but a relatively small amount in the field. This

is particularly true for the Polaris guidance package which has a stable platform in it.

Nimbus was completely assembled in the factory including pyrotechnics. The planned

field cycle was nine days. There were no pla_med disassemblies and a minimum of test.
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5.3.4 RECOMMENDATIONS

a. Environmental tests should be utilized as a means of establishing the performance

capability of certain spacecraft subsystems (e. g., thermal control) and to induce faults

resulting from design, manufacturing or assembly errors. Data indicates that vibration

tests under ambient conditions and functional tests in thermal-vacuum are the most

effective for accomplishing this.

b. Combined environments are currently an unknown quantity in that little real data is

available for a corrp arison with single environmental tests. This is evidenced partially

by the fact that the pressure for combined environmental tests is associated with a desire

Probable gains in understanding and performance must be balanced against facility cost

and complexity. If it were easy and cheap, these facilities would already be in existence.

The fact that they are not is indicative that industry has not been able to justify the gains

for the cost and complexity involved.

Present system test facilities, which combine thermal, vacuum, vibration and the ability

to reduce pressure in a controlled manner, are as sophisticated as can currently be

justified. This is not to say that combined environmental testing should not be pursued

as a future technique, but our current understanding of single environment testing should

not be abandoned without some data to indicate the value of its substitute.

c. Analyses should be utilized to define the amount of testing required, taking into account

performance, workmanship, and life (both operating time and cyclic).

The evaluation of margins and variables provides the method for determining the tests

required to establish confidence in the performance capabilities of the system. This

analysis should be augmented by the assignment of relative priorities based upon the

criticality of the function being tested. With this relative criticality and the potential

gains to be realized from the tests, a criteria then exists for eliminating or modifying

tests should the time available to complete the tests be reduced. For possible or probable

schedule changes, a contingency plan should be prepared in advance taking into account

the time, potential gains and criticality. A key input into such a plan would be the con-

fidence in performance capability that has already been established by testing at the sub-

system level.

The bath-tub approach should be developed to determine when the point of diminishing

returns has been reached for a particular test in uncovering system faults. As discussed

therein, all faults were grouped together. A logical extension of this is to segregate

the critical, major and minor functions and associated hardware into separate categories;

while the elimination of all faults is the ultimate goal of this testing, the elimination of

critical faults is the first order of business.
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Cyclic life canbe demonstrated with the attributes approach. Operating life can also be

treated in this manner if the operating time is sufficiently short. For longer periods of

operation, the identification of proven life in another program is the best method. This

implies that an effort be made to verify that the part was used properly. It also implies

that one of the key design constraints is an approved parts list that is rigidly enforced

on those functional components judged to be critical to mission success. An exotic

design that does a fine job for half the mission is unacceptable.

d. Data from previous JPL programs should be analyzed to determine if a relationship

exists with regard to the elimination of faults as a function of time. The first goal of this

analysis is to determine if a trend exists which transcends programs and reflects JPL's

"way of doing business." If enough data exists, the analysis could be extended to look

for trends as a function of:

1. Type of test, i.e., ambient or environmental

2. Level of test

3. Vehicle number, i.e., PTM, 1st flight, 2nd flight, etc.

4. The relative criticality of the function.

e. Minimum testing should be utilized where assurance can be obtained by some other

method, e.g., by identification. In general, complete testing is favored because:

1. Each vehicle is different and confidence must be established in the capability
of each one.

2. A performance base-line is desired for each vehicle.

3. Workmanship errors must be eliminated to the degree practicable.

f. Testing is concerned with determining the relative capability that has been designed

and built into a system. Environmental tests, operation of the equipment, and the com-

prehensiveness of these tests all contribute toward determining this capability. A method

of determining their relative contribution is available. For an interplanetary system

that has a very limited number of opportunities, it is imperative that this relative con-

tribution be determined and tests implemented in such a way as to provide a maximum

of assurance.

5.3.5 DESIGN CONSTRAINTS

Total test time and the time of failures are required inputs for evaluating the removal

of spacecraft faults. To implement this, it is recommended that clocks be provided

at key points in the functional or operating sections of the spacecraft in order that operating

time can be determined directly rather than by making estimates.
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5.4 QUALIFICATION AND ACCEPTANCE

5.4.1 GENERAL

The recommended test cycles for the Proof Test Model (PTM) and the flight vehicles

are presented in this section.

Qualification has generally meant the functional and environmental testing of a flight

quality system for the purpose of design verification. In the re-entry vehicle programs,

the qualification unit is usually subjected to nominal functional inputs and flight level

loads. Limits of capability are investigated on a different evaluation vehicle.

On Nimbus, a single prototype which is comparable to a Mariner PTM was provided

for both evaluation and qualification (or proof testing).

As noted in Section 4, the "qualification" of the whole system which produces the space-

craft is involved as well as the design of the vehicle.

Every effort should be made to accomplish tests at the lowest level of assembly practi-

cable. System testing should not have to be concerned with problems that can be found

in component test. This is not to say that an opportunity should not be provided for such

problems to become evident, but complex system tests are not an efficient component

test area.

Another major task of the PTM test phase is to validate the tests and procedures to be

used for acceptance testing. Suitability is based upon the ability of the test to provide

the desired assurance. If it cannot, then the test method, the instrumentation, the

number of tests on the design (or all of them) may have to be altered.

The EMI test step has been expanded to illustrate the application of the approach to the

planning of a test.

5.4.2 PROOF TEST MODEL

The objectives of testing of the Proof Test Model are:

a. For design verification or qualification.

b. To demonstrate and evaluate the performance capability and operation of the
spacecraft system.

c° For procedures development and verification.

do To provide the operational environment for the identification of unanticipated
component or subsystem interactions.

e. To make environmental measurements for life influences.

fo To examine trends in performance.

The test cycle is illustrated in Figure 5-4. Different parts of the test cycle are identified

with a particular aspect of the total test activity. Table 5-5 relates the various test

steps to the test phases. There is some overlap.
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Assurance is built up during the test cycle in a series of tests starting with the lowest

level of assembly and moving toward the highest level. Thus, intercomponent tests are

the first during assembly and the compatibility of the total system including spacecraft

and data acquisition net are last.

An attempt has been made to make the PTM cycle as much like the acceptance cycle as

possible considering such things as relative priority of the data. Design verification comes

before procedures verification for priority reasons. The desire to duplicate the accep-

tance cycle resulted in the order of imposing the environments. Normally, the actual

sequence of environments is recommended.

A. Test Phases

For the most part, the test phases are self-explanatory.

phasizes the assurance aspects of the test phases.

1.

.

.

.

.

.

The following discussion em-

The inspection and assembly phase represents the first opportunity to actually
work with the hardware. The detailed analysis of previous activities and results
should not be overlooked in the rush to put things together. At the risk of repeti-
tion, knowledge is one of the key factors in gaining assurance and this initial
familiarization phase should be used to good advantage.

The concept of establishing degree of compatibility applies to several of the
early phases and not to just the performance of spacecraft systems alone. This
also applies to the tests between the STC and the facility support equipment and
between the spacecraft and the STC.

During the bus tests, emphasis will be an operability rather than performance
as such since much of the performance must be determined at the spacecraft
level of assembly. This is not to say that performance determinations should
not be done at the lower level. Degree of capability should be established if
subsequent lander assembly will not alter the assurance determinations.

Performance determinations are made at various points in the cycle, but the
principal tests are initiated upon the assembly of the lander. Both hardwire and
telemetry will be used during mission profile tests 9 and a thorough analysis
should be made to determine the degree to which spacecraft performance can be
deduced from telemetry data only.

As in the case of performance, workmanship consideration begins during the
assembly phase. The activity should terminate with the space simulation test
since this duplicates the acceptance test cycle, and evaluation of this cycle is
one of the goals of the PTM testing. Plots of failure rate versus total test time
should be prepared which reflect all testing up to this point. It may be obvious
that the test cycle or test levels need to be modified. Any faults which occur
after this point will require careful analysis since workmanship may be the cause
or life considerations may be involved.

A controlled disassembly of the spacecraft has been included as a way of dis-
covering mechanical failures induced by the vibration test. Following re-assembly,
another vibration test is recommended to verify proper assembly. Since it is
for assembly and not workmanship, less than flight loads should suffice.

Life inferences are based upon the measurement of environments for comparison
to acceptable environmental levels. This includes electrical environments
(spike voltages, etc. ) as well as thermal or mechanical environments. Such
measurements should be made at those points in the test cycle where they are
most meaningful. For example, electrical environment determinations must
be verified after bus/lander assembly.
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. Design verification can hardly be separated from any of the PTM tests, but it
is centered around those tests starting with weight and cg determination and
ending with the environmental tests. Functional tests which stress the identifica-
tion of changes in performance will be conducted during the environmental test
cycle.

During environmental tests, the spacecraft should be operating as it would be
during flight.

The free mode test is a system demonstration test rather than a detailed power
system test, and operation rather than performance is the main consideration.

The Simulated Mid-Course Interaction Test (SMIT) is included only because
the study spacecraft (see Appendix) has the PIPS engine removed from a bay
and mounted in the center position. Due to the relative complexity of this test
and the difficulty of providing a good simulation, it is suggested that margin
be utilized to provide assurance without the necessity of a test of this type.

8. In the launch complex equipment tests, degree of compatibility is again a con-
sideration. Analysis should also verify that key performance and operation
characteristics can be properly interpreted with regard to suitability.

9. Lander sterilization has been omitted on the premise that a separate lander
evaluation system will be provided for evaluating lander performance after
sterilization. This is based upon a conclusion that sterilization should not affect
lander/bus interactions.

B. Test Steps

The principal elements of each step in the test cycle are discussed below. Here again,

the assurance activities in each test step are emphasized.

1. Receiving and Inspection

a. Visual inspection to identify that the proper parts have been received.

b. Examination for obvious damage or missing parts.

c. Operation check with a close comparison of the value of key indicator(s) relative
to last test prior to delivery to the STC.

d. Thorough review records accompanying the hardware:

1) Quantity of tests performedat critical conditions.

2) Results of tests in terms of performance means and variabilities.

3) Tests performed to eliminate faults and the number, nature and action taken
relative to faults discovered.

4) Cycles and/or total operating time.

5) Critical environment identification and measure.

2. Assembly

Done in accordance with the assembly procedure with particular emphasis on such things

as mechanical fit, alignments, harness routings and fit, accessibility, proper interface

coatings, gasketing, etc.

3. STC/Facility Support Equipment

a. Assembly, check-out and validation of the test complex and support equipment.

b. Range of suitable operation as a function of input.

c. Sensitivity verifications.
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4. STC/Bus Compatibility

System Ground Tests - Check the grounding system within the spacecraft and systems test

complex to verify the presence of planned grounds and the absence of ground loops. The

concept of establishing degree with the margins and variabilities approach can be applied

where required, i.e., where margins are low.

5. Initial Power Tests

Check the compatibility of the spacecraft with the external power source:

a. Attach dummy loads and check the input variations when STC power is turned
on as a function of various load combinations.

bo

e.

de

Check power variations as a function of turning dummy loads on and off with the
STC power held constant.

Check the voltage variations resulting against the input power variations allow-
able for spacecraft components.

Attach spacecraft loads sequentially and repeat. Verify anticipated values of
live loads against actual.

6. Subsystem Tests - Bus Power

a. Power system outputs as a function of inputs will be verified. The mean output
and variability will be established for various input voltages and combinations
of power system equipment operating.

b. Each subsystem will be tested sequentially with the spacecraft power system.
Operability will be verified as a function of input voltages.

7. Intersubsystem Tests

Subsystems will be tested in combination until all systems are checked together. Em-

phasis will be placed upon interactions as various combinations of subsystems are on and

off.

8. TLM Calibration

Validate the operation, stability and accuracy of the telemetry subsystem.

9. Bus System Test

This test is the first system test following the completion of the assembly of the lander.

Previous tests have established the basic compatibility of the various subsystems and

their operation. The following will be accomplished:

a. An operability standard for the bus will be established for comparison with
tests to be conducted later in order to detect trends, etc. It is implicit that
all redundant modes will be checked for operability.

be The first tests will follow the normal sequence. Thereafter, variations should
be tested based upon a criticality/probability of occurrence analysis. A numerical
system for relating criticality and probability of occurrence can be used to
establish a priority listing for tests. The numerical system should be sensitive
enough to indicate all combinations which have a reasonable chance of occurring.
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10. Bus/Lander Assembly

The lander will be assembled to the bus system and mechanical fit will be verified.

11. Bus/Lander Compatibility

a. Mechanical and electrical connections will be made and lander operability on
bus power will be established.

b. Check-out and validate lander control and instrumentation via the bus systems.

12. Weight and Center of Gravity Determination

Since this is the first mating of the bus and lander, weight and center of gravity determina-

tion will be made for comparison with requirements.

13. Parameter Variation Tests

a.

b.

These tests are principally concerned with electrical performance as a function
of controlled parameter variations. Means and deviations will be determined
for the verification of previous margin analyses. The following are repre-
sentative of the parameters to be varied:

1) Voltages
2) Frequencies
3) Control signal levels
4) Noise.

Environmental determinations such as maximum voltages imposed in various
equipment sections will be made to verify the existence of an acceptable en-
vironment for life.

14. Spacecraft System Test

Tests based upon the mission sequence with variations determined by criticality/probability

analyses to verify bus/lander operability. Results should be compared to previous opera-

bility standard for the bus alone in order to detect unanticipated interactions.

NOTE: Data for the verification of performance is gathered during virtually
every test. While a particular combination of events may not pro-
duce a result which is clearly "out-of-requirements," means, de-
viations and the probability that the result could exceed the require-
ment should always be a consideration. The data should be used to
derive the maximum amount of information relative to actual condi-
tions in order to determine if hardware changes or additional tests
are required to attain the degree of assurance desired.

This also applies for life and workmanship considerations.

15. Magnetic Mapping

This test was included on the premise that a magnetometer will be included. If the

magnetometer will be used only after the lander is separated, this test should be done

with the appropriate portions of the lander system removed.

16. EMI

There are a number of RF noise sources in a spacecraft and a significant number of

points in the system which are vulnerable to this type of interference. Pyrotechnics,

relays, command and control devices, digital circuitry and other such devices are

vulnerable to induced noise and must be controlled. Tests must verify that adequate

controls have been applied and that no unanticipated interactions are present.
7_
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It is assumedthat anadequatecontrol plan exists, andthat aneffective meansof identi-
fying potential problem areas is also in operation.

Interference canbe detrimental in two different ways:

1. Malfunctionssuchas a premature squibfiring canoccur which maydegrade
or abort the mission.

2. Inducedvoltage may result in the degradationof life capability in someparts
(suchas semiconductors).

a. Test Objectives

1. To verify that malfunction levels have a reasonable probability of not occurring.

2. To determine environmental levels for comparison with acceptable life environ-
mental requirements.

3. Obtain steady-state and transient data on the power system during mission pro-
file tests.

4. Obtain radiated interference data and radiated susceptibility data on the system
while operating.

5. Obtain conducted interference data on the power system with various operating
loads.

b. Test Philosophy - The basic philosophy is to monitor all vulnerable points in the

system with proper instrumentation while the interference sources are energized. The

process is carried out conservatively and a sufficient number of times to ascertain any

degradation of system performance or whether malfunctions have or have not occurred.

In all phases of testing, the basic intent of MIL-E-6051C will be adhered to whenever

possible. However, in certain areas discussed below, some deviation may be required

to achieve a practical engineering test.

1) Selection of Test Conditions - To accomplish the foregoing objectives, all known

vulnerable points in the spacecraft will be considered. The heavy noise sources (the

term used here for convenience to denote sources of high level electromagnetic inter-

ference occurring anywhere within the frequency spectrum of interest, 1 mc to 10 gc)

have been identified and localized in the course of the EMI tests on the various modules

performed in accordance with MIL-I-26600. Likewise, the various points of potential

vulnerability to the high-level EMI for each module and the malfunction level will have

been determined by the same means. Prior to the Systems Test, agreement must be

reached by all testing groups concerned that the most likely sources and most probable

points of vulnerability have been identified.

Table 5-6 shows the planning and computation sheet for a few typical items that would be

suspected points of vulnerability. These do not represent all of the significant non-

compatible combinations but do represent a cross-section of the type that would require

varying degrees of assurance measurement. It is presumed that within the items chosen

for a total analysis, a few will evidence malfunctioning, degradation of performance, or

a change in indication as a result of normal or likely energizing sources. The practical

objective of this compatibility test shall not be only to demonstrate the compatibility of

the various combinations of high-level noise sources and vulnerable points, but the de-

gree or tolerance level by which malfunctioning is avoided. _ I
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The degree or tolerance level is represented by th_ probability, P, and the confidence,

C, given in Table 5-6. Considering the actual voltage level at a particular point whicl_

causes a malfunction and the anticipated voltage levels at that point resulting from energizing

a particular noise source, an inherent probability of successful performance can be

determined. In Table 5-6, the mean and standard deviation of malfunction level are

given and the estimate of the system noise level, expressed as a mean and standard

deviation, is also listed. By combining the malfunction level, noise level and the demon-

stration goals of probability of success and confidence, the quantity of test results re-

quired can be determined. This quantity is listed in the column marked N.

The five items given in Table 5-6 exemplify three general conditions that may exist in

attempting to demonstrate assurance.

a. Items 1 and 2 by virtue of their estimated design have ample margin to meet
the assurance requirements. The assurance demonstration in this case is
essentially a gross check. There may be many items in this category, and it
may be proven by additional analyses or development data that there is no need
to measure these points at the systems test level.

!
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b. Items 3 and 5 have a degree or margin that would indicate they could be sus-
ceptible to the energizing sources. The margin is so close that a minimum of
testing of 23 and 10 tests respectively would be required to demonstrate the
desired confidence.

C. Item 4, although the analysis indicates it should not be susceptible to the ener-
gizing sources, the margin is extremely close when considering the degree of
assurance desired for its successful operation. The 800 tests needed for its
demonstration appears to warrant further investigation before initiating the test
program. There may be hidden margin in the design which test data will reveal
so that the demonstration quantities may be reduced. It may be that acquiring
800 test readings is relatively easy and the program would be carried out as is.
Another possibility is to modify the design to add more margin at this point thus
reducing the susceptibility and therefore the quantities required for demonstration.

2) Methods of Monitoring Vulnerable Points - The selection of the proper method of

intercepting a power or signal lead in the system may vary from circuit to circuit. This

stems from the differences in the parts of the system to be monitored and the possibility

of inducing malfunctions with the monitor or instrumentation that would not otherwise

be present.

There are four generally accepted methods of intercepting power or signal wires: tee

cables, breakout boxes, direct harness interception (stripping back the leads to be

monitored), and current probes. Since fully wired tee cables have been known to cause

apparent system malfunctioning due to the amount of extraneous wire present, they will

be used in this test only where no other method of monitoring is possible. Breakout

boxes, while considerably superior to tee cables, still affect leads other than the ones

of principal interest, therefore, a minimum number of breakout boxes will be used.

Direct harness interception has considerable virtue from the standpoint of effectiveness

for the purpose of the test, but it is a costly procedure because the stripping of the leads

may ruin the harness. It is also presumed to have some residual effect upon the meas-

urement.

I
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Finally, the use of current probes, which are ideal from the standpoint of minimum effect

upon the r-f current in the wire to be encircled for monitoring, involves the practical

difficulty of cutting the harness lacing, spreading the wires and locating the particular

desired wire in order to enable encircling that wire with the pickup probe. This proce-

dure, depending upon the nature of the cable, may also destroy the usefulness of that

part of the harness for the operational spacecraft.

On the basis of the foregoing, there is no single ideal solution to the problem of isolating,

intercepting and monitoring a particular power or signal lead in the system. A combina-

tion of the above-mentioned four methods will be employed, the "best" method being

selected for each particular application on the basis of a relative evaluation of all the

pertinent practical factors discussed above.

c. Test Operation - The ability to correlate cause and effect and further to measure

the effect level is a basic premise of this test. The maintenance of accurate test records

(such that the results can be reproduced) requires accurate time synchronization of noise

source stimulation and data recording.

To provide the time resolution needed, a single time code generator will be used to

synchronize events, and the test will be expected to run continuously until major system

malfunctions which cannot be tolerated in flight will cause a "hold" in the test sequence

until the malfunction is cleared. Deviations from expected system performance will be

noted as to time and station of occurrence and will be investigated after the test is com-

pleted.

The data recording equipment will be timebased such that records will be continuous.

This equipment will include telemetry recorded on magnetic tape, Brush (or equivalent

strip type) recorders, recording oscillographs, oscilloscopes with cameras, and Radio

Interference-Field Intensity (RI-FI) meters.

With all of the ground equipment and extra test harnesses required to test the spacecraft,

the EMI/Compatibility testing may be considered generally conservative, inasmuch as

the exposed condition of the external auxiliary cabling, as well as the relatively open

condition of the spacecraft itself, can normally be expected to increase the vulnerability

of the vehicle and its individual contents to impressed interference.

The test sequence will start with the energizing of individual noise sources and continue

through an abbreviated simulated mission profile.

d. Transients - Transients can introduce two major problems into the operation and

reliability of complex electronic systems. First, they generate electromagnetic inter-

ference throughout a wide frequency spectrum that can cause a malfunction of pulse-

critical equipment. Second, transients are known to degrade the life expectancy of solid

state components by exceeding the critical voltage value of the barrier or junction within

the crystal structure.

In order to eliminate or reduce voltage transients, we must first detect and analyze them.
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It is recommended that during the Combined System Test a multi-channel transient

monitor be used to detect and record transients at the preselected suspected susceptible

points. A transient monitor system such as the one available from Applied Systems

Corporation can monitor transients at 32 separate points and produce a permanent film

record of any transient that is greater than a pre-set voltage level. The film record

shows the time of occurrence, the channel in which the transient occurred, and the

polarity of the transient.

Each channel of the monitor has a selector switch on the front panel which permits voltage

settings from 1 to 50 volts, based on the 10:1 step-down ratio of the probe. The voltage

settings change directly with probe ratios; i. e., a 50:1 probe multiplies all of the values

by 5 and makes the voltage range 5 to 250 volts. Similarly, a direct probe will yield

a sensitivity of 100 millivolts to 5 volts.

Negative or positive lights on the front panel glow each time the voltage setting on the

selector switch is exceeded by a transient. There are output connections for each channel

which provide a pulse for driving a counter or event recorder.

Each channel also has a scope trigger output. This output can be utilized to trigger an

oscilloscope upon detection of a transient or when a recorder console is used, the output

triggers a camera. If it is desired to trigger an oscilloscope in addition to triggering

the camera, a "T" connector may be used.

e. Radiated Interference Test

1) Purpose - This test measures the electromagnetic interference being radiated from

the spacecraft during the Simulated Mission Profile testing of the Combined System over

the 1 mc to 10 gc frequency range.

2) Requirement - In general, the spacecraft shall not generate any radiated interference

higher than the limits required by the applicable portions of MIL-I-26600. However, the

specific requirement of this test is that data be collected and time-event recorded so that

possible system malfunctions may be compared with excessive radiated signals emanating

from the spacecraft.

3) Test Equipment

Antennas:

1 - Stoddard Horn #91888-1, Band 1

1 - Stoddart Horn #91889-1, Band 2

1 - Stoddart Horn #91890-1, Band 3

1 - Stoddart Horn #91891-1, Band 4

1 - Empire Model LM-105

1 - Empire Model KT-105-D

Radio Interference Field Intensity (RI-FI) Meters:

4 - Stoddart NM-62A

4 - Empire NF-105
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X-Y Recorder:

8 - Moseley Model 2DR

Auto-Plot Controller

4 - White Electromagnetics, Inc. - Model 10A

4) Test Setup - All radiated measurements shall be taken with the receiving antennas

located a distance of one meter from the spacecraft. The antenna shall be connected to

the RI-FI meter which shall in turn be connected to the X-Y recorder. Prior to the actual

testing, a cut-and-try test run shall be made in an attempt to locate the measurement

antenna at the point, one meter away, of maximum interference. After trying several

locations, a compromise position may have to be used for each frequency band. In order

to save test time and to ensure adequate coverage, all antennas should be used simul-

taneously - each being connected to a separate RI-FI meter and X-Y recorder.

5) Description of Test Equipment and Procedures

Antennas

Four directional horn antennas are recommended, one for each frequency band to

cover the range from 1 to 10 gc. The frequency range for each band is:

Bandl- 1.0to 2.3gc Band3- 4.4toT. 3gc

Band2- 2.3to4.4gc Band4- 7.3to 10.0gc

For the frequency range from 1 mc to 30 mc, the Empire antenna equipment Model

LM-105 is recommended. This group includes a 12-inch loop antenna and a 41-inch

vertical. For this frequency range from 20 mc to 1 gc, the Empire Antenna Acces-

sory Kit Model KT-105-D is recommended. This kit uses three dipoles: T1 for

20 - 200 mc, T2 for 200 - 400 mc, and T3 for 400 - 1000 mc.

Radio Interference Field Intensity Meter

The recommended Stoddart Model NM-62A is an RFI measuring instrument operating

over the 1 to 10 gc range with operational features for advanced measuring techniques.

It has the capability for automatic data collection and automatic spectrum signature

recording. It allows the operator to analyze and correlate data as the NM-62A auto-

matically scans the frequencies. Spectrum signature and automatic data collection

capability is provided by X-Y output, which provides analog voltages for recording

frequency versus amplitude. The NM-62A will repeatedly scan a band of frequencies

over an unlimited period of time for recording and analyzing intermittent and con-

stant signals. Scan rates are variable from 3.6 to 20 mc per second to correspond

with the response time of the detector functions and recording instruments.

An alternate RI-FI meter would be Empire Devices model NF-112 (for the 1 to 10 gc

range) which could be adapted to X-Y recorder output by using White Electromagnetics,

Inc. Model 10A auto-plot controller.

For the 1 mc to 1 gc frequency range, the Empire Model NF-105 is recommended.

This range is covered by using the following plug-in tuning units:

T-A/NF-105 1 - 30 mc

T-1/NF-105 20 - 200 mc
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T-2/NF-105
T-3/NF-105

200 - 400 mc

400 - 1000 mc

X-Y Recorder

The recommended Moseley X-Y Recorder Model 2DR is a rack mounting recorder

which produces cartesian coordinate curves automatically from two related analog

electrical signals received from the RI-F! meter.

This recorder accommodates 11" x 17" standard graph paper and when used with

the NM-62A will record the voltage amplitude vertically and frequency horizontally.

The scanning times for each band are:

Band Fastest Scan (Sec) Slowest Scan (Sec)

1 115 300

2 147 380

3 204 1160

4 189 920

An alteruate recorder would be the White Electronics, Inc. X-Y Plotter Model 25A.

f. Radiated Susceptibility

1) Purpose - The purpose of this test is to insure that the spacecraft in the combined

system configuration does not exhibit any degradation of performance, malfunction, or

other undesirable effects when immersed in an RF field similar to the RF environment

expected at the launch area.

2) Requirement - No change in indication, malfunction, or degradation of performance

shall occur when the spacecraft is subjected to specified RF fields. The fields shall be

established with signal sources driving the antennas specified in MIL-STD-826, Method

6001.

3) Procedure

a. Use the same basic test setup shown in MIL-STD-826, Figures 4001-1, 4001-2,
and 4001-3.

b. Susceptibility signals shall be selected for maximum effect on the spacecraft
while simulating known launch area signals. Different modulations shall be
tried to determine the best modulation for test purposes. It shall not be arbi-
trarily assumed that equipment design will insure protection against certain
types of undesired signals. The susceptibility test signal shall be synchronized
with known sequences of spacecraft events so that gates and other timed circuits
are open.

c. Necessary simulators and ground checkout equipment shall be connected to
normal function check points and suspected susceptible lines of the spacecraft
to indicate degradation of performance. Care should be taken that the monitors
are not susceptible.

d. Adjust the signal source so that it is producing the fields required.

e. Scan through the required frequency range at frequencies where problems are
found, determine the susceptibility level that just causes the problem. Record
all pertinent data.
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f. If no problems are found, repeat the test with the signal source adjusted for at
least 6 db more power than that required by paragraph b above. Try to determine
the levels that just cause the problem.

4) Measurement Distance

one meter from the outside

should be repeated with the

located on the opposite side

- The signal source antennas shall be located a distance of

skin of the spacecraft. To be more meaningful, this test

second test being run with the signal source antennas being

of the spacecraft. However, if both sides of the spacecraft

are spot checked, the tests may be conducted on the side producing maximum susceptibility.

This may be determined from knowledge of the spacecraft or by using small loop probes

at frequencies known to be critical.

5) Measurement of Specified Field Strengths - The specified field strengths shall be

established by placing a linearly polarized antenna at the same location where the space-

craft will be placed. The power at the input terminals of the transmitting antenna required

to establish the specified field shall be monitored and recorded. When a test is per-

formed, this same amount of power shall be applied to the transmitting antenna terminal.

6) Test Conditions - The tests described herein shall be conducted in an open area

during the Combined Systems Test - and not in a shielded enclosure. Prior to the actual

tests, a spot check of the ambient interference level should be made. The ideal location

for testing would be one with the ambient at least 6 db below the limits of MIL-I-26600.

Signals with levels above those limits and not associated with the spacecraft shall be

identified and recorded. Identification and recording shall include signal emission char-

acteristics and level.

g. Evaluation of Results - A plan is generated and tests are conducted to produce data.

These results must be analyzed in order that a decision relative to acceptability can be

made.

A work sheet similar to the one shown in Table 5-7 can be used. The mean and devia-

tion of the test data can be computed (and adjusted to conform to program goals if required)

and the assurance obtained can be estimated. The planning sheet includes the goals

which must now be compared to the result to arrive at a decision. It the answer is

acceptable, tests are terminated (even though more tests may have been planned on that

particular item). If the answer is unacceptable, two alternatives are presented. Addi-

tional tests can be conducted to increase the sample or a design change may be required.

17. Vibration

a. The vehicle should be in the launch operative condition with those things which
operate during launch turned on.

b. A detailed operability test should be performed after vibrating so that changes
in performance are detected.

c. Precise measurements should be made at specific points to verify the environ-
ment in order to make inferences relative to life.

d. A controlled disassembly is deemed to be a valid way of revealing mechanical
failures. If measurements indicate that the environmental inputs used at lower
levels of assembly are representative of the levels experienced in the total space-
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craft assembly, parts of this disassembly could be deleted on the basis that
previous tests were effective in detecting these faults.

18. Space Simulation

Space simulation tests are conducted to provide data relative to certain performance,

workmanship and life considerations. In addition to these "known" aspects, the test also

simulates the space environment and provides an opportunity for unanticipated interactions

to become evident. The objectives stated below reflect these two aspects:

1) To determine the thermal characteristics of the system with various operating
loads. Maximum and minimum probable combinations will be considered.

2) To obtain measurements relative to the performance in order to complete the
assurance analyses. For example, the total load drawn by the spacecraft at
various temperatures should be measured for computation of the mean load and
variability used in the evaluation of the power system.

3) To obtain measurements of the environment at various predesignated points to
assist in life inferences where temperature or pressure are deemed to be
major degrading environments.

4) To determine the potential of this test to expose additional defects through an
evaluation of defects discovered during the test.

5) To provide a series of dynamic equivalent missions for the evaluation of unknowns
and life (in some specific cases).

In addition to the nominal tests which will be conducted, extreme conditions must be con-

sidered for establishing degree of capability. This applies to both performance and life.

While performance of the thermal control is one of the main purposes of this test, the

effect of thermal-vacuum on other system equipments is also important. Electrical

leakage, arc-over, venting times, temperature gradients, etc. are all considerations

which will require attention.

A portion of this test cycle should be conducted with a minimum of hardwire attachments

in order to evaluate the capability of the telemetry system to provide the required in-

formation for operation and the identification of system degradation.

Since access to the spacecraft is limited by the time required to open a space simulator

with its cryo walls, special emphasis must be placed upon procedures and equipment

used in the test.

19. Shock, Acoustic Noise and Acceleration

These tests are for design verification. The spacecraft should be in the launch operative

condition during each test. Emphasis will be placed on environmental verification to

validate lower level of assembly tests and for life determinations. Operability will be

checked to determine changes in performance. All failures should be analyzed carefully

to determine whether they can be attributed to workmanship. Close visual inspections

should be made after each test particularly in those areas of the spacecraft which are

judged to be particularly susceptible to the environment. For example, the solar panels

should be inspected closely after acoustic noise.
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20. Free Mode Test

This test is primarily a system demonstration test rather than a detailed power system

test. Emphasis will be placed upon operation rather than performance. A mission se-

quence utilizing the command link will be used and unanticipated interactions will be

looked for during the test. This includes the effect of removing the direct test equipment

connections to the spacecraft.

21. Launch Vehicle Interface Test

Mechanical and electrical fits are validated during this test. The concept of checking

degree of compatibility comes into play.

22. Pre-Countdown and Countdown

This is concerned with procedures verification and the establishment of an operability

standard. The ability to discern key spacecraft performance indications via the LCE

should be verified.

23. Live Pyro and Shock Test

a. This verifies the ability of the spacecraft circuitry and control functions to
activate the pyrotechnics properly.

b. Measurements of the resulting shocks and disturbances which are introduced
into the vehicle are made to validate previous tests.

24. SMIT

The Simulated Midcourse Interaction Test (SMIT) has been included only because the

study spacecraft has the PIPS engine moved to a center position rather than in a bay.

Due to the relative complexity of this test and the difficulty of providing good simulation,

it is suggested that margin be utilized to provide assurance without the necessity of a

test of this type.

25. DSIF/SFOF Compatibility

As confidence increases, this type of testing should decrease.

26. Post Assembly and Check-out

This test is a system operability run to verify operation. Emphasis is on changes in

performance.

27. Standby

The PTM will be retained in a standby condition for investigating special problems, which

arise on subsequent spacecraft during their test cycle. The use of the spacecraft for

other than these special investigations is worth considering.

In general, the test order is dependent upon several considerations including the criticality,

relative assembly level, etc. Another consideration is the probability of occurrence.

This is certainly related to criticality, but it is not the same. Something may have a

very remote possibility of happening, but it could be very critical if it did. Time re-

stricts the number of combinations that can be tested. During this standby time, tests

of unlikely combinations could be conducted.
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While life tests as such require a period of time grossly in excess of the length of the

mission to establish anything other than 50 percent confidence and 50 percent probability

of success, a continuous operating test under ambient conditions might be considered.

This would afford an opportunity to check the operation of the vehicle during its flight

sequence in real-time rather than on an accelerated basis. Assuming that this would

precede the flight operations by several weeks, changes could be made if the ground

spacecraft exhibited characteristics which were not attributable to the test conditions.

5.4.3 ACCEPTANCE TEST

The objectives of the acceptance test on flight vehicles are:

a. To determine the performance and operation capability of each specific space-
craft.

b. To detect and eliminate assembly errors and faults.

c. To accumulative time on the system in order to eliminate equipment with a
tendency toward unacceptable performance or operation.

The PTM tests which are conducted prior to the acceptance tests are very important

because:

a. They pinpoint those areas in the system which require testing because of low
margins, high variabilities, susceptibility to environmental damage, and mar-
ginal environmental levels. In this way, acceptance testing can be directed
at those aspects of the system which will provide the greatest return from the
assurance point of view.

b. They identify system deficiencies and allow the emphasis during acceptance
test to shift to the establishment of assurance rather than a search for defi-
ciencies.

It is not enough to establish that the flight vehicle is like the PTM which was successfully

tested. In hardware of this type where margins are purposely low, it is necessary to

verify that adequate margins do exist on each vehicle.

The acceptance test cycle is illustrated in Figure 5-5. As stated previously, the PTM

cycle was purposely aligned in its early phases to the acceptance cycle in order to

verify the acceptance procedure.

Sterilization has been assumed to be a single cycle immediately prior to shipment to

the field. The practicality of this approach must be established.

Magnetic mapping has been included on the premise that a magnetometer will be included.

EMI tests of an acceptance nature can be done in an ambient environment. A special

screen room is not required. This assumes, of course, that margins are such that this

course is possible. Experience indicates that a comprehensive EMI control and test

plan at the component and subsystem level will allow such an approach. Again, if the

PTM tests indicate a sufficiently large margin, this test may be deleted. In working up

the contingency plan for eliminating tests in the event of schedule problems, a criteria

can be established for deleting this (or other) tests based upon PTM results.
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Following the vibration test at near flight levels, a controlled disassembly for the purpose

of identifying mechanical failures is included. This is followed by a post-assembly check

and a low level vibration test for assembly faults. A natural question is to inquire about

why another disassembly is not planned to locate additional mechanical failures. The

first test is for inducing and locating workmanship and assembly faults. The second test

is for assembly faults.

It is assumed that the bus and lander will be shipped separately. This is optional from

a test standpoint.

Tests at AMR are the same as those currently planned for Mariner.

5.5 DYNAMIC VERSUS STATIC TESTING

The meaning of dynamic testing is that type of testing where the system is made to per-

form under conditions (excluding thermal-vacuum) very similar to those that will be

present during the mission. Static testing is that type of testing that tests the system

section by section based solely on the logic of the test. Static testing, when carried to

the extreme, is the optimum way of verifying the manufacturing processes (i. e., every

connection and every component is working the way it was designed to work) while dyna-

mic testing is the type of testing that is used to verify the design. It should be obvious

that the dynamic test does require the system to be built right, but it is not the optimum

way to uncover subfunction capabilities which may ultimately cause the equipment to

become inoperative.

The differences in these tests can be explained as the difference between testing a rate

gyro by applying a rate to it (dynamic) or by applying an external signal to the torque

motor. The terms are easily understood in relation to an attitude control subsystem,

but they also apply to all subsystems. A command subsystem with command format

checking would be dynamically tested by sending commands with proper format with

steadily decreasing S/N ratio. Proper reception within specified error rate (detected

by format check circuits) and execution would be the criteria for evaluating the test.

This test does not verify all aspects of the format checking circuits which must be tested

by presenting all of the logically significant bad format combinations to the check circuits

and verify that all are rejected.

Table 5-8 gives a generalized summary of the comparisons of these two extremes of

testing.

TABLE 5-8. SUMMARY OF DYNAMIC AND STATIC TESTING

DYNAMIC STA TIC

i. Verifies design

2. Complex test equipment

3. Minimum test connections

4. Data difficult to analyze

1. Verifies proper operation
as designed

2o Simple test equipment

3. Maximum test connections

4. Data simple to analyze
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TABLE 5-8.

DYNAMIC

5. Trend type data not be
obtained without additional

equipment

6. Mission oriented people
understand test

7. Requires extra equipment/
capability to perform
Manufacturing Acceptance
Test

8. Requirements can be estab-
lished early in design
sequence

(Cont'd)

STATIC

5. Trend type data directly
available

6. Mission oriented people
generally do not understand
test

7. A Manufacturing Acceptance
Test

. Requirements can not be
established until design
details are known

It should be emphasized that the above are generalizations, and, as such, there will be

many exceptions. Also, every test will include some aspect of both types of testing.

The final acceptance test must obviously find manufacturing flaws but it is not obvious

how far it should go in finding design flaws (i. e., noise, interference, cross-coupling,

etc. ). How far it goes depends on many factors that can only be resolved by making a

trade off study. This trade off must consider several approaches of testing the system

in question and evaluate each approach as to how well it satisfies the acceptance test

philosophy, and the costs/risks involved with the approaches.

The acceptance test philosophy should be established early in the program. It should

establish the goals to be met and indicate the importance to the system of such things as:

1. Degree of test.

2. Cost.

3. Atuomaticity.

4. Criticalness of various subsystems.

5. Test approach (i. e., trend or go-no-go).

6. Operator level.

7. Schedule.

8. Sequence of tests.

Since the acceptance test establishes only goals, it must be recognized that all of those

goals will not be met by the optimized system. Many times the goals are within reach

but practicality may require compromises.

The first step of the trade off is to establish several approaches to test the various sub-

system. For instance, the ways an attitude control subsystem can be tested are:

1. Place vehicle on air bearing with proper control sensor stimuli - close loop.

2. Have vehicle fixed with stimuli moving about vehicle. Have option of operating
in a simulated closed loop manner (i. e. feedback position correction forces
into stimulator position drives).

3. Same as in No. 2 except operate only open loop.

4. Test sensor and the electronics separately (electronics by using sensor simulator).
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These approaches must be evaluated with regard to their relative suitability for accom-

plishing program goals. A Figure of Merit (FOM) system has been developed at GE

to assist in this decision. The FOM is established by considering the following factors

for each design:

1. Degree of subsystem design verification

2. Degree of manufacturing design verification

3. Test equipment cost

4. Test equipment development required

5. Test equipment reliability

6. Disassemble of vehicle required

7. Vehicle requirements

8. Flexibility to adapt to new requirements

9. Data and data evaluation

10. Personnel requirements,

Each of these factors is assigned a weight (W) based on how important that function is

as interpreted from the Acceptance Test Philosophy. These weights can vary from 0. 1

to 1.0 with 1.0 indicating "absolutely required." These weights are then multiplied by

a scoring (s) which relates to the ability of the various approaches to fulfill the factor

and a weighted score for each alternate is obtained. This is discussed later.

The following discussion describes the logic currently being applied in determining the

System Importance Factor (W) for each factor mentioned above for a factory acceptance

test.

1. Degree of System Design Verification o The importance of this factor depends on the

confidence in the design (How new and radical is the approach) and whether the function

will be adequately verified during development and qualification testing (will schedule

really allow the unit to be qualified before the first flight unit is being tested?). These

considerations can be judged to give an importance factor as follows:

0.9 to 1.0 New subsystem that is pushing the state-of-the-art.

0.7 to 0.8 New configuration of state-of-the-art techniques.

0.5 to 0.6 Second generation of subsystem.

Note: If there is no criteria for field testing being the same as factory testing, this

function weight should be low (0.2 - 0.4) for field test criteria.

2. Degree of Manufacturing Verification - This is the main reason for performing a

factory acceptance test and should therefore be 1.0. Only when something is mass

produced would this be reduced.

3. Test Equipment Cost - The importance of this must be judged for each program.

Generally speaking it appears to be poor economics to cut back on the test program or

test equipment because of apparent high cost. This fact makes the cost weight range of

0o 2 to 0. 6 reasonable.
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4. Test Equipment Development Required - Obviously the test equipment must be in

place and working when it is required. This makes this function's weight = 1.0.

5. Test Equipment Reliability - This function should not be limited to the strict inter-

pretation of reliability but should include user's confidence, ease or verification of test

equipment, etc. It should be recognized that the test equipment does not have extreme

reliability provided the operators know (by some means) when the equipment is not

operating properly. All of these factors are combined into this one function. A weight

of 1.0 is recommended.

6. Disassembly of Vehicle - It has been our experience that it is best to limit the dis-

assembly of the vehicle if the degree of testing is reduced. This judgement gives this

function a weight of 1.0.

7. Vehicle Requirements - By this is meant the number of hardware test points, extra

sensors, accessability requirements required by the vehicle in order to be able to test

it by the proposed scheme. If properly executed these do not degrade the system but are

a prime source of interface problems. For this reason 0.5 to 0.8 range is adequate.

Note: This is not adequate for judging something as important as system testing on an

air bearing.

8. Flexibility to Adapt to New Requirements - This pertains to the capability to change

the test equipment to meet new test requirements resulting from changes in design. The

importance of this function varies depending on the stage of development or the subsystem.

The following values are recommended:

0.8 New subsystem that is pushing the state of the art.

0.6 New configuration of state of the art technique.

0o 3 Second generation.

9. Data and Data Evaluation - The data and what it takes to evaluate it should be consistent

with the intent of the test. If a test is to be of the go no-go type the weight of this factor

can be 0.5-0.6 while if it is to be a trend test this factor should have greater weight (0. 7-

0.8).

10. Personnel Requirement - This refers to the level and training required of the test

personnel to run and evaluate the test. In a scientific program this is of small significance

and the weight can be low (0.2). It is of importance on an operational program where it

may be required to use relatively unskilled operators. In that case this factor may be

critical (i. e., 1.0).

The above should not be considered as including all of the factors that must be used.

Circumstances (more often than not) will make it desirable to consider other factors and

to use different weights. This requires judgement tempered by test equipment experience.

With the factor weighted, it is then necessary to judge or score the relative capability of

the alternate solutions to meet the intent or goals established earlier. This is accomplished

by considering each factor one at a time and evaluating the relative capability of the
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alternates to satisfy it. Here again, the score (s) varies from 0.1 to 1.0 with a score

of 1.0 indicating that the function is satisfied completely. After each factor is evaluated,

the Figure of Merit for each alternate is determined by a weighted-score method. Thus,

the FOM for alternate A is:

FOM A = (WlS1A + W2S2A + ............ + W n SnA)

The Figures of Merit for the various alternates can then be compared and a decision

made relative to the best alternate in view of program goals.

This method is not infallible, and it does not eliminate judgement. It does, however,

organize the evaluation of material and allow judgement to be exercised at a lower level

which results in a reinforcing action and, in general, better decisions can be expected.

At the complete spacecraft level, an excellent example of a dynamic test is the test of

the attitude control subsystem on an air bearing with freedom of movement about three

axes. In this test the total spacecraft system except for propulsion can be operated, and

effects of output feedback, transients, noise problems, and other interactions can be

evaluated to a high degree of accuracy.

The static test of the spacecraft would involve feeding fixed inputs into the subsystems

and measuring the response to these inputs. For example, a stimulus is provided to

the sun sensor, response of the control loop is measured at the control jets as thrust

tending to change the spacecraft orientation of the roll axis. This is a good test of the

control loop, however, it does not evaluate the effects the input has in changing the orien-

tation of the spacecraft or the interactions, cross-talk, etc. with the other loops and

subsystems.

At a lower level of assembly, it is necessary to look at each individual subsystem or

control loop. Instead of taking individual fixed stimuli into the sensors, for example

attitude control, it is possible to insert a voltage signal in back of the sensor and into

the control logic, varying it in the same manner as would be encountered in flight se-

quence. For example, an input into the attitude control subsystem internal logic and

control electronics can be programmed to correspond to the input received from the

sun sensor and gyros during the acquisition sequences, and response of the control

loops measured. This approach can be followed in conducting both static or dynamic

tests.

Thus, the dividing line of what constitutes a dynamic test and what is a static test is not

perfectly rigid.

At the systems level of testing, a complete dynamic performance test where the major

portions of the spacecraft are free to perform their simulated flight functions is very

difficult to accomplish short of flight test. An example of attempts at this type of test

are the air bearing supported test such as performed on the Nimbus Program. Another

excellent example of such a dynamic test at the spacecraft system level is the JPL SMIT

test of the autopilot propulsion control subsystem.
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In considerationof the trade offs betweendynamicandstatic testing of the spacecraft
system, emphasiswill beplacedon the discussion of the attitude control subsystem,
andconsiderationof the other subsystemswill be limited. This approachwill be followed
becausethe trade offs of dynamicversus static testing of the other subsystemsare limited.
With the other subsystemsthere is little difference betweena static test anda dynamic
test.

5.5.1 LIMITATIONS TO DYNAMIC TESTS

In attempting to perform a dynamic test at the complete spacecraft assembly level, a

number of test difficulties are encountered. The test equipment required to complete

the tests becomes very complex and expensive. Also, at the spacecraft assembly level

it becomes difficult to instrument a flight spacecraft to monitor in detail the performance

of the subsystems.

As an example of the potential difficulty of conducting a spacecraft dynamic test, a

spacecraft system test on an air bearing supported three-axis simulator will be con-

sidered. The following test limitations become evident:

A. Structural Limitations

In considering the air bearing test, the structural design of the spacecraft must be

compatible with the test requirements:

lo The structure must be rigid so that the spacecraft can be supported and deflec-
tions will not occur with change in attitude resulting in a shifting center of
gravity.

0 The center of gravity of the spacecraft must be accessible so that the spacecraft
can be mounted at the center of gravity and capable of movement through a
"reasonable" angle of travel about the three axes.

3_

.

All components, cables and movable mechanisms must be securely attached so
that there is no shift in center of gravity and balance as the spacecraft is
positioned.

The battery center of gravity must be stable (no free electrolyte) so that the
mass will not shift with orientation. There must be a suitable propellant supply
(nitrogen gas) to conduct a test of meaningful duration. Additional tanks for
testing may require so much modification that the validity of the test is negated.

B. Data Handling

1. Spacecraft performance data will be limited by the capacity of the telemetry
network. Hardwire connections are not compatible with the low torque involved.

2. Limited instrumentation will restrict detailed monitoring of performance within
the subsystems.

3. Measurement of Position and rate of motion of the spacecraft will be limited by
the accuracy designed into the tracking equipment.

C. Thermal

Heating due to change of attitude or orientation of the spacecraft under the simulated

sun will cause uneven expansion of the structure and a shift of balance.
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5.5.2 TYPICAL TEST SET-UP -- AIR BEARING MOTION SIMULATOR

For the Voyager Study Program the test plan included an air bearing motion simulator

as described below.

A. General Arrangement

Figure 5-6 shows the general arrangement of the motion simulator test facility required

to perform the attitude control subsystem tests. The inertia of the spacecraft is simu-

lated. The simulated spacecraft will be mounted on a gas bearing. All required sensors

for the orbital control and the planet scan package will be mounted on this platform.

Simulators representing Sun, Canopus, Mars and Earth will be provided. Instrumenta-

tion and measurement equipment is also located in the room as shown. The test cell

will be sealed, to minimize drafts and draped with suitable material to reduce light

reflection and to further reduce air currents in the room.

B. Platform and Support

The bearing will be mounted on a non-magnetic stand. The structure and bearing will

permit +- 60 ° of freedom of motion in all axes. The platform will be designed so that its

inertia can be readily varied to simulate the changing inertias of the spacecraft during

its lifetime. Nozzles of different sizes and moment arms of different lengths will also

be used to achieve the simulation of varying inertias. A pair of balanced gas tanks will

be mounted on the platform that will have sufficient capacity to conduct meaningful

acquisition and holding tests. The sensors will be mounted so that they will have an

unobstructed view of the simulators and yet possess the correct relationship with respect

to the center of rotation. Also mounted on the support stand are a set of actuators that

will permit initial position and rate conditions to be applied to the control system. Means

are also provided for measuring system imbalance.

C. Simulators

Directly overhead along the roll axis will be a carbon arc which simulates the sun. Off-

set from this by a 40 ° angle will be an "Earth" simulator and 15 ° above the pitch axis

will be the Canopus simulator. These two devices will be stellar simulators similar to

the designs used on the OAO motion simulator. The three simulators mentioned so far

will be fixed to room reference. Position of these simulators will be monitored by means

of an optical alignment reference system. Simulation of Mars will be achieved by means

of a fixed-size heated disk target moving along a track. This will permit dynamic vehicle

inputs and achieve a variation in target size required by the eliptieal Mars orbit. The

heated platen will be surrounded by a cooled disk so that an adequate planet temperature

interface is achieved.

D. Balance System

In order to adequately simulate a two-hour limit cycle, imbalance torques of less than

0. 1 in. oz must be achieved for small angles. It is proposed that this be accomplished

by means of the following:
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1. A large gas bearing with a high degree of sphericity; i. e., better than 50
microinches

2. Coarse manual balance weights and fine remote balance weights.

3. Program balance compensation which will correct for imbalance as a function
of tilt angle.

4. Thermal and anisoelastic compensators to correct for structure deflections.

5. Gas depletion compensation device.

6. All harnessing will be conformal coated to prevent shifting, and components
will be mounted and packaged so that mass shifts are prevented. Batteries of
the "starved" nickel-cadmium type will be used.

7. Operating in conjunction with the equipment will be a command system which
will be capable of driving the remote balance weights as a function of the meas-
ured residual imbalance.

E. Read-Out and Instrumentation

In order to provide for data transmission from the subsystem, a PCM telemetry system

will be provided. Digital to analogue converters will be provided and analogue recorders

will provide read-out of system performance. Instrumentation will be mounted on board

the platform to permit position and rate read-outs of platform motion about the pitch and

yaw axes. The sensors used for this purpose will be connected to the telemetry system.

Position about the roll axis will be obtained by means of an external electro-optical

position tracker which will be servoed to follow platform motion. The technique of ac-

quiring data could also be applied to the pitch and yaw axes by mounting the additional

two trackers on the roll carriage. The equipment described so far will provide position

data to 0. 1°. In addition, for measurement of the fine pointing accuracy, a set of three

autocollimators will be provided that will monitor platform position. All information and

control of the entire test will be by means of a central console located in a console room,

separated from the test facility. This console will provide for control and monitoring of

the simulators, control of the command and balance system, and quick read-out of

position and rate information. The test conductor will have supervisory control of the

entire test from this station.

5.5.3 RECOMMENDATIONS

A. Each individual problem must be considered in light of the program goals, require-

ments, cost, schedule, complexity, etc. The Figure of Merit technique can be used to

assist in this task by organizing the information available into a more usable form for

evaluation.

B. In considering the trade offs between static and dynamic test requirements, the

most important trade offs come in the area of attitude control performance measurement.

It is theoretically possible to test a control system either under static or dynamic con-

ditions. This essentially amounts to testing the control system in open-loop versus

closed-loop fashion. Though static tests can be satisfactorily conducted when once the

control system interactions are established, it must be proven at some point in the
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developmentprogram that underdynamicconditions detrimental interactions betweenthe
various control loops donot exist. This, therefore, leads oneto the conclusionthat a
dynamictest must be performed. However, looking at the difficulties of performing this
test at the spacecraft level andconsidering the limitations andrestrictions that a require-
ment for a dynamictest places on the spacecraft configuration andstructural design (at
least if the dynamictest is performed onan air bearing or gimbal mounttest rig) it is
recommendedthat this dynamic interaction test be performed as a subsystemtest, not
at the spacecraftsystem level.

The needfor dynamically testing the flight spacecraft creates an extremely difficult task
of test simulation, primarily becausethe spacecraft is designedfor optimum orbit per-
formance, not for test simulation. In general, these two requirements conflict directly.
The characteristics of the Mariner structure which, in particular, makespacecraft
dynamictesting onanair bearing undesirableare:

1. Thevehicle consists of a thin light-weight structure which, dueto its size, will
be quiteflexible.

2. Rivetedjoints are usedextensively. Thesepoints contribute to mass shifts as
provedby tests on the Nimbusspacecraft.

3. Extensiveuseof panelswith componentsmountedto them andbolted to the space-
craft structure will lead to massshifts.

4. The panelscoveredwith solar cells will flex anddeform under the influence of
gravity.

5. The omnidirectional antennason the spacecraft, the magnetometerboomand
other mountingsthat are flexible.

6. The center of gravity of the spacecraft is not accessible. A suitable meansof
attachmentto the spacecraftwouldhaveto beprovided so that all test equipment
canbemountedthereon.

It is recommendedthat rather thanmakecompromises with the optimum design for
mission flight performance in order to accommodatethe test requirements described
above, a more appropriate approachis to accomplish the demonstrationof dynamicflight
performance at the subsystemlevel ona test bed simulating the spacecraft or consider
dynamicstimuli tests.

5.6 FACILITY REQUIREMENTS

5.6.1 GENERAL

The facility requirements discussed are those specifically identified with testing described

in this report. Emphasis has been placed on those facilities which today lack the refine-

ment necessary to perform the desired system test. No effort has been placed on facili-

ties other than those facilities which today lack the refinement necessary to perform

the desired system test. No effort has been placed on facilities other than those required

for system level evaluations, and where adequate facilities are known to exist, only

casual reference has been made to them. Specific requirements for facility improvements
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and design considerations for new facilities have been included. Test facility require-

ments for lander type vehicles are presented. Those environments associated solely

with the ground life (i. e., before ignition) have been excluded with the rationalization

that present techniques are adequate for simulating these environs and that the only

limitation may be size. Some possible environmental simulation combinations are dis-

cussed. Actual cost data have not been included because the details required for estimating

are beyond the scope of this study. Both "zero g" and sterilization requirements have

been the subject of several individual studies and little advantage could have been gained

from summarizing them here.

5.6.2 SUMMARY - ANTICIPATED ENVIRONMENTAL TEST REQUIREMENTS

Many of the environmental test requirements anticipated for future spacecraft are those

presently required for both current spacecraft programs and re-entry xehicles. These

include such environments as:

Acceleration

Acoustics

Meteoroid Impact

Pressure

Radiation

Radio Frequency Interference

Separation

Shock

Spin and de-spin

Temperature

Vacuum

Vibration

Improvement in the simulation of all of these environments may be desirable, but the

degree to which it is necessary needs to be established, and only those areas requiring

significant improvement or development need be studied. It was decided that the test require-

ments for lander vehicles would show not only the improvements required but also

probable new requirements.

Other anticipated special requirements are described in paragraph 5.6.4.

5.6.3 LANDER FACILITY REQUIREMENTS

A. Test Requirements

Any discussion of systems testing related to interplanetary spacecraft cannot be complete

without eventually discussing Lander testing. The current approach for planet Landers

favors the Bus/Lander concept especially if the planet has an atmosphere. With this

concept in mind it becomes apparent that the Lander must undergo a more extensive

testing program than the Bus since it: 1) must be sterilized to prevent planet contamina-

tion, 2) must survive all of the ground, launch, and spatial conditions to which the Bus

is exposed, and 3) after subjection to 1 and 2 must enter the planet atmosphere, impact

the planet surface and continue to operate and furnish scientific data.

Z¢
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Oncethe Landerseparates itself from the bus, it will experiencecertain environmental
conditionsas it progresses throughits sequentialoperations. Theseenvironmentswill
determine the Landerdesignparameters, andwill necessitatethe establishmentof an
environmentaltest program designedto assure operation andmission success.

Operational andenvironmentaltests form a very significant portion of the Lander test
program and resultant facility requirements. However, these tests are not adequateto
cover the completeneedsof a program of this type. The standardenvironmentaltests
must be complementedwith tests capableof supplyingengineeringinformation anddesign
evaluations. Thesetests are related to the uniquedynamicandthermal conditions ex-
periencedduring separation, entry, impact, etc. whichquite often exceedthe limitations
of commonlyavailable facilities.

B. Facility Requirements

In any test program the needfor test facilities canbecomea dominantproblem. This is
especially true whenspacecraft size or operating requirements necessitateadvances
in the state of the art to provide the simulation desired. As notedin the preceding
material, the planet Landerswill require extensivetesting to satisfy the environmental
andoperating conditionswhich will be experienced. However, muchof the required
testing is not significantly different than that which is currently performed onexisting
spacecraft programs. Thequestionis whether there is a needfor new or improved
facilities to satisfy these testing requirements.

The facilities requirementsdictated by the testing program described abovefall into
three basic groups;they are: 1) standardenvironmentalfacilities. 2)standard environ-
mental facilities which must be modified to extendtheir rangeor size capability, and
3) special test facilities peculiar to Landerprograms. Facilities whichfall into the
standardor commoncategoryhavebeenminimized in this section of the study. Only
those facilities consideredspecial or uniquehavebeenincluded eventhoughthey may be
available.

The facilities listed belowwill be necessaryfor a typical Lander test program:

1. Vibration

Requirement - To simulate the vibration that the Lander will experience during the

separation, deceleration and impact portions of the planet landing sequence.

Facility - Standard electromagnetic vibration systems currently available should be

adequate to accomplish Lander vibration tests.

2. Acceleration

Requirement - To simulate the sustained acceleration experienced by the Lander after

its separation.

Facility - Standard accelerators currently available (Sandia, Johnsville) should be ade-

quate to accomplish Lander acceleration tests. However, the ultimate combination of

weight and g loading could exceed the size of available facilities.
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3. Spin and De-Spin

Requirement - To simulate the spin and de-spin experienced by the Lander during and after

Lander rocket firing in the separation phase.

Facility - Standard spin tables currently available should be adequate to accomplish

Lander spin and de-spin tests. Ultimate size and weight requirements may exceed

existing facilities, however, no state-of-the-art advances are needed. It should be noted

that spin tables used for testing will require declutching mechanisms for table freedom,

slip rings for de-spin activation and instrumentation readout, and personnel protection

if retro-rockets or yo-yo's are used for de-spinning.

4. Acoustic

Requirements - To simulate the acoustic noise experienced by the Lander during entry

into the planet atmosphere.

Facility - Standard acoustic noise facilities currently available should be adequate to

accomplish Lander acoustic tests since the noise levels will probably be less than those

experienced at launch.

5. Shock

Requirement - To simulate the shocks experienced by the Lander during separation,

entry, retardation and impact. These shocks consist of high-level-long duration shocks

experienced during entry and retardation and the high-level-short duration shocks ex-

perienced during separation and impact. The most severe shock, which occurs at

impact, should determine the design and test levels. In addition to evaluating the shock

resistance of the Lander, the shock testing program should also be planned to evaluate

any shock attenuation devices (crush up structure) and shock producing devices such

as chutes or retro rockets.

Facility - Shock facilities currently available throughout the industry are limited to

three basic types. They are:

1. Shock test machines such as those made by Consolidated Vacuum and Barry
which are limited to moderate weights (200 to 400 pounds) and moderate g levels
(75 to 150g) with controlled pulse shapes and time durations.

2. Electromagnetic Vibration Exciters which can be programmed with a taped
shock pulse but are also limited to moderate weights and g levels although
larger sizes can usually be accommodated.

3. Drop test towers which are not limited in specimen size but are limited in
height and somewhat limited in pulse shapes obtainable and the control of time
durations.

These three types of facilities should be capable of handling the shock test requirements

for the smaller Lander systems which are anticipated in the time period under consid-

eration.

In addition to the high shock loads felt at impact, the Lander will also experience high

shock loads when the retardation device is actuated and deployed. These shock loads
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will not be as great as those experienced at impact, but will create different shock effects

and conditions which must be evaluated. In addition to evaluating the shock loads it will

also be necessary to evaluate the Lander retardation device. The test approach described

below will permit the simultaneous evaluation of both shock effects and retardation de-

vice performance. Again, the test facilities for this test do not require any new advances.

In order to perform tests on the retardation devices it will be necessary to perform high

altitude deployment tests which can take advantage of the thin atmospheric conditions

which will simulate those found on Mars (approximately ten to thirty millibars). This

test can be accomplished by boosting the Lander to the upper atmosphere through the

utilization of booster rockets or high altitude balloons with rockets. The recording of

the retardation device performance should be accomplished with high speed cameras,

accelerometers, strain gages, transducers and timing devices. In addition, the proper

placement of accelerometers and strain gages on the Lander would provide an evaluation

of the retardation device shock effects.

6. Separation

Requirement - To simulate the separation of the Lander from the Bus in order to evaluate

the separation mechanism, separation effects on the Bus and Lander, and the tip-off

angles and separation velocities of the Lander.

Facility - Separation tests are complicated and impaired by the need to separate the

effects of the Earth's gravity field from the test results. The need to compensate for

these conditions limits the ability to test completely and places most of the emphasis

on a test method rather than a specific test facility.

Tests of separation velocities must be accomplished in a horizontal plane since gravity

effects in the vertical direction will seriously impair the results. Assembled mock-ups

of the Bus and Lander can be suspended horizontally with individual flexible supports

(bungee cords) and the separation mechanism actuated. During the separation sequence,

high-speed cameras can be used to record the sequence of events for visual analysis of

the performance. Accelerometer measurements from the Lander and Bus will be used

to determine separation velocities and the reactions of the Bus and Lander to separation.

To determine the tip-off angles which occur during separation, the test mock-ups should

be mounted in the vertical plane. The simulated Bus interface is fixed in position and the

Lander mounted to the separation mechanism. The mock-up Lander could be retrieved

by a loose cable connection or safety nets. As before, high speed cameras can be used

to record the separation, spin-up, and tip-off characteristics of the Lander. Accelerom-

eters and associated instrumentation should be used to determine the separation velocities

which occur against Earth-gravity conditions.

Another method which may be used to evaluate separation mechanisms is to minimize the

Earth-gravity effects by performing the separation sequence during free fall in a drop

tower. This test would be similar to the vertical plane tip-off angle test above except

that both mock-ups would be in a free-fall condition. Accelerometers and related in-

strumentation would be used to measure the dynamic reactions and high-speed cameras

ql
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would be used to record the separation sequence. The camera system could consist of a

traveling camera which tracked the Lander descent or could be a series of fixed cameras

along the tower vertical axis.

The free-fall separation test could be improved if the drop tower were in a chamber

system capable of reducing the pressure to one micron or less. This capability would

eliminate the aerodynamic effects and more closely simulate the conditions of space.

All of the above tests must be performed in explosion safe areas.

7. Thermal

Requirement - To simulate the thermal conditions the Lander will experience during its

entire operational sequence from separation to planet impact and operation.

Facility - Thermal tests on spacecraft from Earth ambient to planet environment (thermal-

vacuum) have become routine and matter of fact during the past few years. Foreseeable

Lander test programs do not suggest that any new state-of-the-art advances will be re-

quired in the near future.

Unique facilities are required to evaluate and determine the characteristics of ablation

materials used for entry shields. In order to evaluate ablation characteristics of different

materials, an arc-heated aerothermodynamic test facility is required. This facility must

have the capability of simulating, on a small model, the enthalpy levels, heating rates,

stagnation temperatures, and pressure flow characteristics found during planet entry,

and sustaining the conditions for several minutes so that complete evaluations can be

accomplished. The material evaluations accomplished during arc facility testing should

be used to support and substantiate theoretical heating predictions calculated and available

from other programs.

I

!
I

I

I

I
I

I

8. Atmosphere

Requirement - To simulate the atmospheric pressures, temperatures and composition

to be experienced by the Lander during the planet operation portion of its mission.

Facility - Facilities to simulate planet atmospheric conditions must be capable of large

temperature extremes, reduced pressures, and special gas compositions. Existing

thermal-vacuum facilities as discussed under space simulation facilities in this section

are capable of satisfying the temperature and reduced pressure requirements with no

difficulty.

The simulation of planet atmospheres under thermal-vacuum conditions has not been

extensive. However, atmospheres capable of supporting life (oxygen and nitrogen at

seven psi) have been maintained in vacuum facilities. No difficulties are expected in

simulating a Martian atmosphere of carbon dioxide, argon, and nitrogen at ten to thirty

millibars. The facility could be pumped down to a low pressure (10 -5 torr) and backfilled

with the proper gas mixture to the desired pressure level.

In this manner existing facilities could be used to verify the operating and extended life

performance of planet Landers under simulated planet atmospheric conditions.
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9. Aerodynamic

Requirement - To simulate the aerodynamic conditions to be experienced by the Lander

and its retardation chutes during planet entry. This experimental data is needed to

evaluate the damping, stability, and performance characteristics of particular Lander

and chute designs and determine if any design changes are required.

Facility - The above testing requirements do not necessitate the need for new or advanced

facilities.

10. Conclusion

The primary purpose of this portion of the study was directed at unique facilities required

for planet Lander systems test programs. Standard facilities such as those related to

humidity, temperature, RF interference, etc. were not included. In addition, facilities

related to sterilization and zero gravity were purposely omitted since these facilities have

been covered by previously published information.

The preceding evaluation of planet Lander facilities and test programs has provided the

following conclusions:

1. Existing facilities can adequately satisfy most of the test conditions necessary
to evaluate planet-Lander systems currently under consideration or predicted
within the near future.

2. Based on the above facts, the expenditure of time and funds might be used more
judiciously in refining and improving existing test facilities and utilizing past
experience and data to establish more effective test plans and test methods.

5.6.4 SPECIAL FACILITIES

Three special systems level facilities which have been developed within the past few years

and which are still in a state of constant improvement are:

Space Simulation

Magnetic Testing

Modal Testing

Since these three types of facilities will probably play an increased role in future space-

craft development and qualification, a discussion of the requirements foreseen is included

here.

A. Space Simulation Facilities

The effect which is immediately discernible when a thermal system is removed from one

atmosphere pressure and exposed to a vacuum is the reduction or elimination of convec-

tion and gaseous conduction across joints or solid interfaces. At 10 -4 mm Hg a free

molecular flow is established and convective heat transfer is essentially negated. Thermal

conduction is another matter and one more open to conjecture. Present data indicate

that pressures of 10 -5 mm Hg are sufficient to effectively eliminate heat transfer by this

means. It has been demonstrated by General Electric during many experiments per-

formed on "super" insulations that pressures of 10 -5 mm Hg were adequate to evaluate
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the magnitude of gaseous conduction across the joints of spacecraft, and further reduc-

tions resulted in negligible changes.

Flight experiments conducted by Ames Research Center indicated no degradation of the

coating samples exposed to hard vacuum. Even ifthe basic properties of materials ex-

perience some change during long-time exposure to hard vacuum, it is not the purpose

of a systems level test to evaluate these changes. Such studies are best performed in

the smaller facilities and more academic atmosphere of a materials laboratory.

Thus, the experience to date indicates that a vacuum of 10 -5 mm Hg is adequate for

systems tests to simulate the heat transfer phenomena which will occur in space.

Vacuum pumping capabilities are now available to produce pressures well below the 10 -5

mm Hg which space simulation requires. Seventy-five percent or more of the outgassing

from even complex test vehicles is composed of materials which will condense on liquid

nitrogen cryopanels; for systems tests itappears that littlecan be gained from utilizing

cooler cryogenic walls. Non-condensables will generally be removed by diffusion pumps

ifsufficient time is available. Cryogenic temperature requirements are dependent upon

the gases present and ifoxygen or nitrogen is present, 20°K panels are necessary. Re-

cent advances in the techniques of cryoabsorption and cryogettering have demonstrated

improvement in hydrogen removal but their application to large space chambers seems

remote at this time, and probably unnecessary.

Allied to the discussion of vacuum requirements is the effect of the lg field encountered

during Earth based simulations yet absent during actual space mission. This is not ex-

pected to affect the validity of the thermal performance determined during "space simula-

tion" unless low contact pressures are required to limit heat flow from one part of the

spacecraft to another. Individual spacecraft design must be analyzed to ensure that no

thermal short circuits will result from the change in loading resulting from a gravitational

force or lack thereof. Little possibility, of negating the ig field during space simulation

tests exist and at present, analysis is the only answer.

Chamber size is not limited by construction or pumping state-of-the-art, but is dictated

by present and anticipated spacecraft dimensions and attitude. The present generation of

chambers at GE-VFSTC, NASA-Goddard, and NASA-JPL, seem adequate dimensionally.

There are three currently available sources of energy which will provide sufficient radia-

tion intensity in the 0.25 to 2.5 micron range to be considered for solar simulation. They

are the carbon arc, the mercury-xenon arc and the xenon arc.

Of the three, the carbon arc most closely approaches the solar spectrum (Johnson curve)

but it is deficient in the ultraviolet region and has several operating problems for long

duration tests. Mercury-xenon arcs are higher in energy radiated in the ultraviolet range

than the solar spectrum and produce line spectra. Xenon arcs are deficient in the ultra-

violet range and exceed the Johnson curve in the near infrared range. None of the three

sources are fully satisfactory.

In order to obtain a better spectral match, General Electric proposed to utilize inter-

ference-type transmission filters in the optical assembly between the xenon lamp array
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and the chamber. The penalty in energy transmission loss was too great (at least 25

percent) and the filters were not incorporated into the solar simulation subsystem. An

alternate filter design utilizing interference-type reflective surfaces on the individual

lamp collector reflectors is now being considered. It is felt that an immediate improve-

ment can be obtained by adding a few mercury-xenon lamps to each array to overcome

the deficiency in the ultraviolet range. Neither method has been tried to date at General

Electric although JPL has reported their work on the combination of mercury-xenon and

xenon arc sources. Improvements of both energy source and optical elements will be

required to obtain the optimum spectral match.

Solar simulation energy sources may be located either internal to the vacuum chamber

or external. Accessibility, maintenance and cooling problems favor an external source.

Either in-line or off-axis optical systems may be employed. Both have advantages and

disadvantages which are well known but the requirement for simulating the effect of

"cold black" space limit the use of in-line systems and support the conclusion that an

off-axis system is the more desirable. Collimation of + 2 ° has been achieved and thermal

test results appear acceptable for vehicles which are shallow in the direction parallel to

the solar arrays of such construction so as to make it relatively insensitive to small

variations in collimation. Present attainable collimation is adequate for a systems test

of solar cells, but not acceptable for testing solar collectors to determine efficiency.

Testing in direct sunlight is the only means presently available. An increase in solar

cell temperature of l°F above that resulting from true solar illumination results in a loss

of 0.26 percent efficiency. Equal areas of high and low intensity will not necessarily

produce an electrical output equal to that of a uniform illumination. Therefore, the pre-

sently attainable + 5 to + 10 percent uniformity reduces the validity of a complete systems

test. For most thermal control applications a uniformity of + 5 percent appears adequate

and even +- 10 percent may be tolerable.

The intensity of solar simulation sources is presently adequate to simulate Earth or Mars

orbits but are inadequate for simulating the environment of Venus. New designs are re-

quired which will allow the simulation of complete mission environments, from the 1.92

solar constant near Venus to the 0.43 solar constant of Mars. The capability for total

eclipse, without residual infrared radiation, is a necessary incorporation in the space

simulator system.

Earlier, it was stated that the need to simulate the infinite thermal sink of space required

an off-axis optical system. The only heat transfer mechanism that links the spacecraft

to its environment is radiation. This can be simulated by surrounding the vehicle with

walls whose temperature and surface characteristics satisfy the heat balance. Unity

absorption coefficient walls at liquid nitrogen temperature will absorb 99.5 percent of the

net radiation interchange with a body at 300°K. From this it can be seen that little can

be gained from going to colder cryopanels for spacecraft temperatures exceeding 250°K.

To obtain the unity absorption coefficient is not practical but General Electric has attained

a coefficient of 0.99 by using a black honeycomb structure. With this construction
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absolute temperature errors of the test specimen resulting from energy reflected by

the chamber walls are less than one percent for 300°K surfaces.

Mission and orbit variations in spacecraft are such that a fixed albedo and planet radia-

tion simulator within a space simulator is impractical. These energy sources have been

simulated in tests conducted by General Electric, but usually with substantial compro-

mises resulting in the simulation of maximum and minimum conditions only. The state-

of-the-art is such, however, that complete radiation thermal energy can be programmed

to simulate those calculated to occur during space flight. Spectrum simulation presents

the same problems as previously discussed plus many uncertainties as to the energy

spectrum of either the planet flux or the reflected albedo flux. Until a spectrum match

is possible, energy sources of the infrared variety are probably the most adaptable to

this type simulation.

One other requirement not necessarily integral to a space simulator is a positioning de-

vice. A remotely controlled, programmable and monitored positioning device is essential

to maneuver the spacecraft so that its angle of intersection with the solar rays may be

varied in accordance with the orbital or flight path. As the vehicle assumes its various

attitudes in relation to the chamber, itis equally essential that the albedo and planet

radiation be electrically programmed (usually more feasible than mechanical reposition-

ing) to conform to the calculated relationship both in orientation and energy.

In summary then, some improvements are required in solar simulators before really

meaningful evaluations can be made of the performance capabilities of solar energy

conversion devices. Our present capabilities with regard to chamber size, ultimate

vacuum, wall absorptivity, and temperature and positioning are adequate for unmanned

satellites utilized in Mars exploration.

B. Magnetic Testing Facility

In the design and testing of interplanetary space vehicles, itbecomes more and more

apparent that the problems that were insignificant during the exploration of "near space"

may become very critical to the success or failure of our long range missions. One of

these new problem areas is in the field of magnetics. The measuring of fields in the

gamma (10 -5 gauss) region, the compensating of magnetic moments that could possibly

affect vehicle attitude, and the gathering of magnetic field information by use of space

experiments demands that some previous knowledge of the instrumentation used for this

type of investigation be known.

JPL Specification MC-4-233, dated 5 December 1962, describes the functional require-

ments of the Magnetometer (Unit 33) of the Mariner C Spacecraft. The stated purpose of

this component is:

1. To establish whether a planetary field exists and, if so, to determine the char-
acteristics of the field (magnitude, direction, multipolarity, and orientation
relative to the planetary rotational axis).

2. To investigate the nature of the interface between the planetary and interplanetary
magnetic fields.

3. To measure the magnitude and direction of the steady and slowly varying compo-
nents of the interplanetary magnetic field and to determine its variation with
heliographic altitude and longitude.
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It becomes obvious that certain testing at the systems level is necessary to gain the con-

fidence that this magnetometer will meet and exceed these objectives. It also becomes

apparent that the Earth's magnetic environment is of such a large magnitude that a "special"

facility is also required to negate this field and to provide the proper levels for testing.

The essentials of such a facility are described below.

The facility will consist of a two-layer nested shielded room of sufficient size to house

the complete vehicle. The outside layer will be made of a material that has a thickness

of about 0. 030 inches with a low permeability and a high flux density saturation point.

The inner material will have a higher permeability, lower saturation point, and will be

0. 050-inches thick. The outside material will then attenuate the external fields to an

intensity which will be low enough to prevent saturation of the inner shell. It may be

necessary to add a third layer if it is found that electromagnetic fields generated within

the facility saturates the inner shell, thereby reducing the overall attenuation factor of

the room. Since this attenuation factor is a function of material thickness, frequency of

the field, and air gap, the room design will be such to optimize the total external field

reduction by a factor of 1000. Two other important considerations involve the actual

preparation of the shielding material selected and the mechanical design of the room in

providing magnetic continuity between sections. For example, all mechanical operations

must be performed prior to annealing, which in itself is a critical process. A 4-inch

batten must fit with an average air gap of less than 0. 0002 inch in order to have a mag-

netic circuit that will meet the shielding requirements.

The facility would consist of a pair of Helmholtz Coils that would: 1) provide the field

uniformity over the testing volume required, 2) generate the various field magnitudes

and directions which will null out the residual field and 3) generate the magnetic environ_

ment covering the range of the magnetometer. The size of the coil system depends upon

the final room dimensions. The design goals in this case would be a magnetic cylinder

approximately four feet along the edge. This can be achieved by using a coil 12 feet in

diameter spaced six feet apart. The uniformity of this field, according to our "programmed"

analysis, would exceed three percent. In actual field magnitude, this would represent

a magnetic gradient of about 25 gamma over four feet.

The objectives of this type of testing are numerous. Two of the major benefits are:

1. Calibration of the magnetometer - With fields at the expected levels that the
_/ehicle will see in flight, the output of the magnetometer can be pre-established,
making the telemetry information more meaningful. At the same time, other
information such as accuracy, sensitivity, and repeatability of the individual
unit can be determined.

2. A determination of the influence of the electromagnetic vehicle field on the
magnetometer output - All electrical components on the vehicle generate a
magnetic field. The total vehicle field and its adverse effect on the on-board
magnetometer can be evaluated. If necessary, external shielding requirements
can be established and any problem areas can be corrected.

This type of testing and facility not only aids in the solution of problems that are
pertinent at the systems level, but c2,_ also be used at the subsystems levels.
Magnetic fields generated by each of subsystems can be oriented in such a manner
as to produce maximum magnetic interference and, therefore, minimum vehicle
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dipole and minimum magnetic moments. Our experience in this area has indi-
cated that the magnetic £orques generated are large enough to cause vehicle
balance problems as well as in referencing the attitude of the vehicle in flight.

A test of this type would enhance the resolution of the data that will be telemetered
back to the ground station, and the previous knowledge obtained, as a result of
the various tests, would remove the necessity of extrapolation of the data and
minimize the number of necessary assumptions that would normally have to be
made.

C. Modal Testing Facilities

Modal testing has been used effectively at General Electric as a development technique

for complicated structures. It is used as a guide for developing subsystems and can be

used to assist in determining the optimum location for critical items subject to mechanical

modes of failure.

Modal testing techniques have generally followed two approaches. Each is capable of good

results and each has areas of particular suitability. The first and most widely used tech-

nique is the application of multiple vibrators to try to excite pure modes in the structure

so that mode shapes are obtained by direct measurement. This technique is widely used

in aircraft modal testing. (The B-70 modal test used 20 exciters. ) The second technique

uses a single vibrator to excite the vehicle and requires measurement of response and

the phase relationships to determine the mode shapes. This technique (utilizing phase

separation) was first reported by C.V. Stable and others at Martin, Baltimore. It is

not as widely used as the multiple exciter method but is particularly suited to spacecraft

applications. GE has successfully utilized the technique on the NIMBUS vehicle. It is

recommended that facilities for modal testing of spacecraft should be planned around

this technique. The equipment necessary is discussed below.

Two types of modal description of spacecraft may be called for. Fixed-free modes are

necessary for launch conditions and free-free modes may be required for the orbit con-

ditions. The facilities recommended are suited to both forms of description. Fixed-

free modes are most readily obtained by fixing the vehicle to the vibrator at the point

of fixity and applying a base shake. For this purpose a force only sufficient to provide

response with a good signal to noise ratio is necessary. A vibrator with a force output

of approximately twice the weight of the vehicle plus mounting hardware (air film table,

etc. ) is sufficient. This would mean a force of 2000 to 2500 pounds for a 1000-pound

vehicle and 4500 to 5000 pounds for a 2000-pound vehicle. Some fixed free modes (torsional

modes in particular and possibly some bending modes) are best obtained by fixing the

base to ground and applying a small force to selected points on the vehicle. The shakers

(two matched output shakers are required to provide a pure torque for torsional modes)

required for this type of excitation are of low force variety -- fifty-pound output is con-

sidered adequate for any requirement which can be foreseen. These vibrators are also

suitable for obtaining free-free modes. The frequency range of concern in modal testing

should extend from as close to dc as possible (0.5 to 1 cps) but no requirement is seen

for frequencies higher than 200 cps.



Requirementsfor waveform distortion are dependent to a great degree on the form of

data analysis utilized. With the form of data processing used by Stable and some com-

mercially available equipment in which the phase components are obtained by multiplying

the input signal by the response signal and then filtering out the a-c voltage, distortion

in the form of presence of spurious frequencies such as intermoduiation or harmonic dis-

tortion can result in error of approximately %Error = 0.5(d) 2 (where d is distortion in

percent) if the spurious frequency is tuned to another resonant mode. This error can be

eliminated by a proper low pass or tracking filter on the input signal. Other forms of

data processing might result in higher or lower errors and may require control of the

wave form of the input force or motion itself. Thus distortion requirements can be

established only on the basis of the complete system including data handling.

Fundamental data to be acquired from modal testing include applied forces (existing

forces from the shaker and any restraining forces and moments) and input and response

accelerations. The most demanding requirements in the measuring system are signal-

to-noise ratio and linearity of amplitude at a given frequency. Flatness of frequency

response can be sacrificed if necessary if the frequency response is known.

Force measurements made at the input points from small vibrators or at some types of

restraints, can be adequately obtained from impedance heads along with the necessary

associated acceleration measurements. Measurement of force and moments at the areas

of fixity when determining fixed-free modes are desirable, if not necessary, to obtain a

closed-loop verification of the quality of the data. Satisfactory means for obtaining these

measurements requires development. Past experience in using elements of general

purpose equipment have not been wholly satisfactory; however, design of a specific suit-

able system does not appear insurmountable.

Responses in the vehicle can be measured by accelerometers and strain gages. Standard

types are adequate for this purpose; however, the application of strain gage and high out-

put servo accelerometers as well as piezoelectric types should be considered.

Signal conditioning equipment appropriate to the sensors used is, of course, necessary.

Test monitoring using Lissajous patterns or dual beam time-sweep oscilloscope presen-

tation, phase meters, and checking of levels by voltmeter (digital) is necessary in

assuring acquisition of valid, clean data.

It is considered necessary to acquire data in permanent form for post-test analysis by

recording on magnetic tape. Availability of a single 14-channel tape recorder and

appropriate patch group switching facilities is considered adequate since testing is done

at low enough levels to allow repetition for data acquisition. X-Y Plotters for monitoring

sweep data for initial selection of modal frequencies are also necessary. Eleven two pen

plotters capable of recording in-phase and quadrature outputs from a single patch group

are desirable. This number can be reduced to rely on replay of the magnetic tape at

the sacrifice of full monitoring during the test.
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A specific requirement in this type of testing is a method for determining the phase re-

lationship between various measured signals. This output should be in the form of the

components of the response measurement in-phase and in-quadrature with a reference

signal. This is most desirably expressed as a ratio of these components to the reference

signal level. In addition, the data reduction equipment should be capable of handling

a non-constant reference signal. Thus, for example, both fixed-free modes and free-

free modes can be obtained using data from a single test under some circumstances.

Using the patch group system recording, the data reduction system should be capable of

simultaneously reducing eleven information channels of data. The output should be avail-

able in the form of X-Y plots (two plots per channel) for sweep data and as a digital out-

put on a digital voltmeter for monitoring and as punched cards for later analysis for

dwell data. The dwell data provide the source for actual mode shapes. At least two

commercially available data reduction systems which meet these requirements at least

in part are available. In addition, the general purpose analogue computer, with some

special equipment, and a digital filtering technique partially completed by GE can be

developed to meet all requirements except on site test monitoring where a minimum of

one channel of data reduction capability is mandatory.
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6. ACCEPTANCE CRITERIA CONCEPT

6.1 BASIS OF ACCEPTANCE

Testing is done to acquire information for making, a decision. Acceptance of the equip-

ment for use is only one of the possible alternatives available. In order to establish the

acceptance criteria, it is necessary to recognize when the other potential decision alter-

natives have been eliminated. The basic alternatives may be summed up as follows:

a. Physically change (replace, repair or rework) the equipment.

b. Make an adjustment in the way the equipment is used.

c. Obtain more information about the equipment.

d. Accept the equipment for use.

In order to formalize the decision of acceptance, it is necessary to establish a frame-

work within which to operate. The basic purpose for conducting tests is to obtain assur-

ance that when the equipment is used it has a certain probability of successfully per-

forming its function. The assurance activities are used to: 1) evaluate all use conditions

which could reduce this probability, and 2) provide a measure of the ultimate capability

of the equipment that might be achieved by following each of the alternative courses of

action.

Assurance is a heterogeneous measure describing the potential capability of equipment

to perform as desired. Rather than a single standard of acceptability, the concept pro-

posed is to subdivide all the assurance data into precise categories, where a similar

degradation mechanism exists. Six categories have been selected to define all of the

assurance activities of concern in a particular area. Categories of performance, work-

manship and life characterize the assuranceactivities actually performed in the area,

while identification, trends and operability provide a transfer mechanism for the above

categories to the other areas of concern. Figure 6-1 shows the assurance categories

and their relationship to the area's activities.

ASSURANCE CATEGORIES

Previous Activity CURRENT ACTIVITY Future Activity

Identification PERFORMANCE Trends

WORKMANSHIP
LIFE

OPERABILITY OPERABILITY

Figure 6-1. Assurance Categories

The activities associated with assurance have been divided into categories for two

principal reasons:

ao To organize them into "packages" or categories that can be identified and dealt
with more easily. The total activity is so complex that a breakdown was con-
sidered to be necessary. In that way, appropriate goals can be established
and alternatives can be developed for each of them.

b. The evaluation techniques that are being used are compatible with the proposed
category breakdown and are based upon the actual principles involved.
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It maybe helpful to identify onceagain the various characteristics of assurancethat are
to beconsideredin eachcategory.

Theperformance category is associatedwith the achievementof the intendedmission
functions. Thenature andlevel of the various parameters that characterize the design
maybeusedto identify the degreeof performanceacceptability. Essentially, the per-
formance measuresdetermine the capability of the design. By determining the equip-
ment's performanceas a function of the degradingstress, an estimate of its apparent
inoperative level canbeobtained. The relationship of the normal conditions andthe
conditionat which it will be inoperativeprovides a measure of the inherent designmargin.
From the sameresults, the expectedvariability of performancecanalso be determined.
This variability maybe the result of the designandmaterials usedor, in considering
more than onepiece of equipment, it maybe the result of manufacturing. Sincefinal
assuranceis baseduponthe relationship of actual equipmentcapability to that required
by the use environment, tests at thehigher levels of assembly, i.e., subsystemand
system, will beusedto verify the influenceof the environment. The environmentat
anyparticular point is related to the total environmentimposedon the systembut is
modifiedby transmission throughthe system andthrough certain self-induced conditions.

Theworkmanshipcategory covers all defective items foundwhere it canbe established
that the particular defectwouldnot haveexisted hadthe activity beendoneby someone
else or by the operator at another time. Thearea of workmanshipfor this particular
evaluation is being includedwithin a larger area of "early failures." The main idea here
is not to directly evaluatethe workmanshipfaults but to determine the nature of the test's
capability for uncoveringthem. There are manydirect discrepancyevaluationtechniques
that may bedevelopedwhere the nature, level, criticality and repeatibility are considered.
Theseare more for the lower levels of testing andwill not be consideredherein.

The life categoryis initially subdividedinto continuousoperating time capability and
cyclic capability. For the operatingtime consideration, suchthings as normal operating
time, environmentalsoak, andoperationwithin a specialized environmentare to be
considered. Sincea time capability demonstrationis impractical for most spacecraft
missions, the main interest will be placedonenvironmental verification so that other
previously obtaineddatacanbe used. For the cyclic data, there are two main aspects
to consider. Oneis cumulativewear-out, andthe other is the possibility of an unusual
dynamicstress occurring that may causepermanentdamage.

Theidentification category is usedto take advantageof the accomplishmentsof previous
work areas. This may includework donein previous years by other groups or work done
by the group immediatelybefore the equipmentwas received. It is essential here to
identify the information necessaryto prevent current activities from invalidating assurance
achievedin a previousactivity.

The operability categoryis a standardof equipmentperformance (ultimately related to
the mission requirements)that is usedto transfer the hardware responsibility fi-om area
to area. Essentially, the function performed by verification of operation is a dynamic
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identification of the degree of change since the equipment last exhibited its capability to

perform the mission.

The trends category is somewhat like an identification but for the next level of activity.

Some aspects considered are life limitations and degradation in performance occurring

or likely to occur in the functional parameters. Such things as accelerated life testing

may provide guidelines for this category as well as establishing certain limits for the

life category.

To obtain total assurance, the number of possible considerations and the degree of

diagnosis is infinite. Therefore, to establish the assurance goal for a particular program,

it is necessary to identify the most pressing assurance needs and determine the approach

for handling them. One of the prime considerations is the fact that the amount of assur-

ance obtained is an asymptotic function. Even though it is possible to come closer and

closer to 100 percent assurance, it can never actually be reached, and it must be de-

termined where the added assurance achievement no longer warrants the required effort.

It is the responsibility of the assurance application engineer to establish a priority listing

of those assurance aspects affecting the ultimate capability of the equipment. Recognizing

that total capability is in essence dictated by the weakest item, it is then possible to

increase total assurance to the desired level by covering additional items on the priority
list.

Other considerations influencing the establishment of the level of the assurance goals are

costs, availability of facilities, schedule and the lack of an adequate means of directly

measuring the assurance achievements. These restraints are real and represent a sig-

nificant compromise in the actual assurance measure. Once the program is defined,

the assurance measures themselves will be concentrated on those areas where an assur-

ance potential is present and deemed necessary. At the same time, there must be an

awareness that new conditions can appear that may alter the situation, forcing a revision

in the program.

6.2 ROLE OF TEST

6.2.1 GENERAL

The primary function of testing is to obtain information for the evaluation of: 1) the per-

formance of the design, 2) the workmanship of fabrication, and 3) the life of the material.

In considering the types of tests to run there are two main objectives, or purposes, that

should be satisfied. First, the test is to look for those things that have indicated a sig-

nificant possibility of failure within the anticipated use environment. This can be the

result of design, workmanship and/or material. These are the known-variable items

that present a possibility of being measured and evaluated to determine their particular

condition. Secondly, the test is to simulate the use environment as closely as practicable

in order to discover potential problem areas not anticipated, and to have information

available to evaluate those problems when identified.

The goals of the testing area are aligned with the three categories that define the assur-

ance area. For the performance category, the test must establish that the function being
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measuredcanaccomplishthe mission, that the test item receives all the necessary
stimuli from the other parts of the system, andthat this item is free from interferring
with other functionswithin the system. For the workmanshipcategory, the test must
identify that theright hardware is used, that it wasassembledcorrectly andthat it has
not beendamagedor changedin anyway that could ultimately effect its operation. For
the life category, the testing must establish that the operational loading is consistentwith
the yield level of the materials used, that the environmentalload is consistentwith the
life capabilities of the material, andthat there are no influencesthat may restrict the
operation in sucha way that the equipmentcannotoperatefor as longas required.

There are manytypesand levels of testing to be considered. There are development,
evaluation, acceptanceanddemonstrationtypetests that will be run at all levels from
piece parts to a completesystem. Theactual test program must provide anoptimum
relationship betweenthesevarious typesand levels of test as well as provide appropriately
for the assuranceconsiderations. The functional measurementparameter must be
measurableby the testing equipmentunder the required stimulating environment. The
information obtainedfrom the testing must provide a specific understandingof the func-
tion of the hardwareandmust be of sufficient quantity andaccuracy to provide the sig-
nificance desired. The datamust also havesufficient accuracy, resolution andprecise-
nessof parameter representationto engenderconfidencein the inferred results.

It is recognizedthat every groupof equipmentassembledto accomplish a mission func-
tion is intendedto accomplishthat function in a pre-determined mannerunder the con-
ditions anticipated. However, the probability of successful operation maybe decreased
by:

a.

b.

C.

Inadequacies of the design.

Improper fabrication and/or assembly.

Non-controlled material degradation.

The responsibility of the assurance or testing group is to determine the actual capability.

This determination goes beyond merely proving that it can meet mission requirements.

It is the assurance analysis of the differences between the required capability and the

actual capability that provides a measure of the expected probability of success in use.

The analysis also provides an estimate of the spread between potential capability and

actual capability. By considering the current situation and the modifications that are

possible, this measure can be converted into a determination of how good it can be made.

The overall appraisal of the equipment is then represented by the combination of these

relationships, considering the performance of the design, the workmanship of fabrication

and the life of the materials.

The timing and the handling of the results of testing are also important considerations.

The testing should be accomplished at such a point in the program and at such a hardware

level that the most economical balance is obtained, considering the test effort needed to

uncover the discrepancies and the disassembly and test that would be needed to repair

any discrepancies located. It is even more important that the discrepancies be identified

at such a time that any required action can be taken before the equipment must be

//u
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committed for use. The handling of the results in the testing area must provide enough

of the right kind of information to make a good decision relative to the acceptability of
the equipment for its planned use.

6.2.2 CONTRIBUTIONS OF TEST TO ASSURANCE

The present testing concept is to conduct mission profile tests and to use the results to

verify design capability. These tests are conducted under various environmental con-

ditions and with different configurations of functional operation. During the system tests,

general functional parameter data is obtained for the various components. The data in

itself provides zero assurance, and identifying that this data is indicative of performance

that meets what is required provides only 50 percent assurance. These are but two values,

zero and 50 percent, out of the continuous total of possibilities from zero to 100 percent.

They are so-called theoretical achievements, but good judgement indicates that in most

cases we not only have significantly greater than 50 percent assurance, but the level is

continuously changing as more and more understanding is obtained through testing.

The goal then is to establish a means by which the assurance obtained through running

a test may be realistically evaluated. The basis of the technique to be used for deter-

mining the significance of a testing approach is a relationship. By establishing what is

required for assurance in the categories of performance, workmanship and life, it is

possible to relate the specific contributions of a test to it and thus to determine a relative

degree of assurance accomplishment in that area.

In the category of performance, it is the determination of the margin and variability of

the equipment's actual capability related to its intended use requirement(s) that estab-

lishes the probability of success. The testing contribution is related to the degree that

it can determine these margins and variables both in magnitude and confidence. For

workmanship, tests are conducted to locate discrepancies in the equipment. Its contribu-

tion will be related to the measure of the percentage of existing discrepancies discovered

and the capability of the testing technique to uncover remaining discrepancies. For life,

the testing is to accumulate time and/or cycles of operational and environmental loading.

The contribution for this category will be related to the degree to which the operations

and the environments recreate the anticipated use environment. For those items that

will use previously generated life capability standards, the contribution of testing will be

to verify that equivalent or reduced critical stressing exists at the point of concern.

There are specific types of data that are used to evaluate each assurance category. For

example, operation time is related to life. The following list indicates the types of data

that relate to each particular assurance category:

a. Identification (Previous Effort)

1. Degree of Assurance Obtained

2. Level of Assurance Verification

b. Operability

1. Physical Condition

2. Functionability of Parameters

3. Consistency of Parameters

6-5
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C.

d.

e.

f,

Performance

1. Parameter Acceptability

a) Variability due to Manufacture

b/ CapabilityofDesignDefinition of Use Requirement

Workmanship

1. Errors - Wrong Part, Placement or Procedure

2. Unfinished/Weak Assembly

3. Damage

Life

1. Cycles

a) Cumulative Dynamics
b) Unusual Dynamics

2. Time

_/ OperationalEnvironmental
c) Combination

Trend

1. Life

a) Operability Failure

2. Performance

a) Parameter Change

6.2.3 CONTRIBUTION OF TEST OUTPUT TO ASSURANCE

The output of testing is information. Such information becomes the knowledge of only

those present, other information is passed on by discussion. But the key information is

documented so that it is available to anyone needing it.

There are only a limited number of forms in which the information that is gathered by

test (and required) is documented: acceptance stamps on planning and equipment, per-

formance data sheets, discrepancy or failure reports and logs of equipment time, cycles

and configuration. The acceptance stamp on the various test documents allows the in-

formation previously obtained to be included with any new information to provide greater

depth for the assurance evaluation. This information is directly related to assurance

identification, and is to be used in all categories of evaluation. The performance records

will be used mainly for equipment capability evaluation, but test information may also

be used for workmanship, life and trend evaluations. The discrepancy reports form the

foundation of the workmanship evaluation. The quantities, types of discrepancies, test

phase and accumulated test time are used to make a determination of the status of the

test method in detecting workmanship faults. The discrepancy information may also be

used in establishing certain trend evaluations and for life appraisal of short time cycle

equipment. The accumulation of time and cycles on test logs, except for limited cyclic

or short-life life assurance appraisal, will be used mainly to establish the test time base
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for the elimination of workmanship defect appraisal. The configuration information will

be used to identify what the equipment is that is being appraised and identifies the methods

being used.

The documented data provides the information to be used in the evaluation of assurance.

Table 6-1 is an estimate of the current contribution being made and the potential contri-

bution that could be extracted from essentially the same data, using the new methods.

As noted, these figures are only estimates but they are considered estimates based in

part upon experience. Some of the considerations are the quantity and preciseness of

the data. While a particular documented data source may contain information relative

to a particular aspect of assurance, the quantity and degree of precision may not be

compatible with a high degree of assurance. The evaluation of assurance is complex and

the same test results provide information for many facets of assurance. Table 6-1 re-

lates the contributions of the particular data sources with the various assurance categories.

The amount of information gathered through testing is substantial. Table 6-2 relates

data generated in the current Mariner C test cycle to the various assurance areas. The

table indicates an estimate of the degree to which the particular information generated

by the proposed tests will support the evaluations in each of the assurance areas. The

higher numbers in the performance category indicate the emphasis of current testing

methods. Similarly, the numbers are high in the operability category, which is also

primarily concerned with operating performance.

The data analyses performed are to provide a greater understanding of the capabilities

of the equipment. Rather than being somewhat arbitary, all-inclusive limits that should

be fastly adhered to, the collection and analysis of the test information should present

a realistic appraisal of the true situation as determined by the testing accomplished.

Through the use of this information, it will be possible to optimize the type and quantity

of testing effort to obtain a greater degree of assurance. The general contributions that

are made to the three main assurance categories are explained in Table 6-3. This table

indicates the relative contributions for the current testing approaches, the proposed

approach and what might be done as an extension of the proposed approach.

6.2.4 REQUIREMENTS FOR ASSURANCE

Each of the categories presents a different problem when considering the type of evalua-

tion that would provide a measure of assurance related to the activities performed. The

proposed evaluation techniques, and their intent, satisfy the assurance needs within each

of the categories. The information used for the evaluations is essentially the same as

that currently obtained in testing.

The performance considerations that could be considered for a spacecraft are limitless,

but it is not necessary that they all be evaluated in order to achieve the desired mission

success. The aspects of the design that reflect their influence on assurance may be

divided into three types. The first type includes resistors, bolts, materials, etc.,

where the excess design margins are generally obvious and do not require a detailed
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review. The second type includes structural soundness of solar panels, encoder signal

conversion efficiency_ power conversion characteristics, etc., where adequate design

margin is obtainable and where, usually, those aspects that affect the margin are known

and controllable. In this type, since there is some degree of flexibility in the determina-

tion of the design margin, the proposed performance appraisal technique can be used to

evaluate the design approach. It is relatively easy to review the design considerations

in the format of the statistical tolerance and establish an assurance criticality for the

proposed design. The third type includes stabilized attitude position, transmission

power, generated power capability, etc., where the minimal design margin or its ex-

treme significance for program success makes the determination of the assurance of

successful performance highly important. These are the types of conditions that current

testing philosophies have already identified as necessary to test. The proposed evalua-

tion approach will provide a measure of the achieved assurance obtained from the test

results in these areas.

There are only a limited number of paramount performance functions to be considered

in a particular program and as few as three to five items being precisely evaluated will

provide a significant contribution to assurance. The direct appraisal and ease of evalua-

tion should allow twenty to thirty items to be evaluated. These would be selected from

a piority listing of those performance considerations that are the responsibility of systems

test to appraise. The PTM vehicles would be run differently in some cases from the

flight vehicles. Actual design capabilities might be checked only on PTM vehicles in

certain areas where the test could be detrimental to the equipment. In all cases, the

tests will be run to identify the design margin, if possible, and the variability of param-

eter performance and the acquired data will be used in the assurance evaluation. All

other inputs needed to perform the evaluation will be obtained from design analysis or

other experience and test results.

Success assurance in the performance category is obtained through the determination of

the reserve design capability that exists in the equipment over what is needed for success-

ful mission operation. The assurance model developed in conjunction with the designer

identifies the functional parameters involved in the operability of the equipment and their

relative criticalities. The test interest then becomes one of defining what should be

measured in test and, based upon the test's capability, what can be measured. The

planned measures will then be used to establish the test's contribution to assurance.

The number of tests and the exhibited design margin between the requirement and the

capability will be used to establish the equipment probability of success and correspond-

ing confidence. Thus, as the test progresses, the actual design capability and use re-

quirements will be established and the assurance contributed by the test will be immediately

available. Assurance over 50 percent can only be demonstrated through the identification

of an excess capability. The concept advocated herein is to determine this excess capa-

bility in the design parameters themselves rather than using massive testing with success/

failure results to establish the apparent excess.
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Failure reports are the only source of dataonworkmanshipfaults within a specific piece
of equipment. The proposedapproachis to useevery report written. To do this, it is
obvious that thediversity of failures will require that some judgementbe appliedto the
data to makethe resulting analysis homogeneous.Theprime intent is to developa curve
that representsthe rate at which the testing is eliminating the defects. Classifying the
defects as critical, major andminor wouldprovide a more detailed appraisalandallow
shifting of emphasisto removethe defects from the most critical areas first.

Successassurancein the workmanshipcategory is obtainedwhena review of the results
achievedby theassuranceactivities indicates that the appliedtesting methodhas led to
the discovery of all the defects it can reasonablybe expectedto find. Thedefectsare
to be analyzedrelative to the early failure portion of thebathtub curve (or the Weibull
distribution). Thebasic conceptis not to developthe fundamentalreliability form and
evolvean actual equipmentcapability prediction. Rather, the test data is to be usedto
identify the mostlikely position of the early failure removal curve. From this position
an estimate canbe madeof the potential trouble-free operating time andthis may be
related to the mission requirements.

The life categoryrequires that the basis of the life capability for the equipmentbeing
usedbe identified during the designstages. The amountof applicable experiencemust
be identified aswell as the influences of environmentssuchas vacuum, temperature,
vibration, electrical characteristics andstress on the life potential. Tests must provide
measuresof the operationalenvironment, andappropriate temperature, vibration, strain
gaugeor electrical profile measurementsmust be made. This doesnot meanthat every
characteristic of every part needsto be measured. As in the performancearea, a
priority reflecting theanticipated environmental influenceswill be usedto select the
most critical measurementsaffecting life. The measurementsthemselves, suchas
temperature andvibration, neednot be madeat every point, but at selectedpoints that
will provide indications of levels throughoutthe equipment. Whenthese indirect measures
are used, a variability reflecting the accuracy of the measurementat the point of interest
must be includedin the evaluation. Wherean environmental influence is critical, more
precise or direct measuresmaybe required.

Successassurancein the life category is obtainedthroughthe determination of a life
capability of time and/or cycles that is greater thanwhat is neededto perform the mission.
After adequateoperatingexperiencehasbeenidentified, the responsibility of the assur-
ancearea is to verify that the stress conditions underwhich the equipmentis nowbeing
usedcanbe related to the levels provento be acceptableby the experience.

The categoriesof identification, trends andoperability are essentially concernedwith
the same information as called for underperformance, workmanshipand life. There
are no specific techniquesof evaluationbeingproposedfor thesecategories. The main
interest is that the information associatedwith thesecategories be handledin a manner
commensuratewith the intent of the assuranceactivities.
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6.2.5 PLANNING OF TEST ACTIVITIES

The responsibility of the test activities is to evaluate the performance, workmanship

and life aspects of the equipment and determine the expected probability of successful

performance in the mission. In planning a testing program to determine equipment

acceptability, there are three main elements to consider: technical considerations,

schemes of information attainment, and both technical and assurance evaluation of the

findings. These elements logically follow in the order given.

Technical considerations include the performance aspects, the producibility, and life.

Technical considerations are discussed first since they establish the purposes to be

fulfilled by the assurance and acceptance program. This information is embodied in the

assurance model that is developed around the mission functions. The schemes of informa-

tion attainment are devised to provide the particular types of information required to

gain an understanding about the technical aspects, considering the needs of the assurance

determination. Finally, the evaluation of the information provides both technical and

assurance results. These results represent the development of the technical status of

the equipment. The evaluation relating these results to the assurance goals provides a

continuous display of the achievements of the tests.

To do this, a plan must be established that includes the following elements:

a. A definition of the purposes and goals for each of the three main categories of
assurance and for each test planned to support them.

b. Identification of an evaluating "yardstick" capable of measuring the particular
elements of assurance.

c. Identification of the means proposed to provide appropriate conditions in which
to make measurements.

d. A description of the data to be collected and the evaluation technique to be
used to determine the equipment capability.

e. Identification of the relationships and the analysis techniques to be used to
determine attained assurance and potential assurance resulting from the modifica-
tion of the system or hardware.

f. A delineation of the procedure for obtaining program actions to take advantage
of the contributions of the test findings.

The results of the testing are expressed in terms of the degree of assurance obtained.

In addition, a definition of what would be acceptable is needed. The actual acceptance

criteria lies somewhere along the continuous scale of potential achievement that extends

from gross failure to super success. The selection of an assurance degree along this

scale should provide the best approximation to satisfy the aims of the program. These

aims may be to achieve a specific level of assured capability or to obtain a maximum

contribution within a limited effort. The selected acceptance degree must be applied

separately to each of the categories of performance, workmanship and life.
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In developing the assurance program and the test plan, there are certain concepts that

should be continuously applied:

a. A measure and control of the assurance aspects must be developed by considering
the segregated characteristics for each category and each activity that makes
up the assurances.

b. Do not strive to demonstrate just the required performance (Is it good enough?)
as this provides only 50 percent confidence. Rather, identify the characteristics
which supply the actual assurance and evaluate their true status (How good is it? -
Development of margin and variability).

c. Provide for the evaluation of results to identify the demonstrated equipment
capability, and, by relating these to the program requirements, develop the
degree of assurance that has been achieved by the activity.

d. Provide for complete coverage of all assurance aspects at some level of interest.

e. Provide for the efficient use of assurance information from other areas and for
follow-through where appropriate.

f. Provide for at least one significant measure in each assurance category and in
each activity.

g. Anticipate probable results and provide for schedule compatibility to accomplish
recommended actions to enhance program success.

The incorporation of these concepts and the use of the proposed analysis techniques will

allow a numerical appraisal of the contributions expected from the effort planned. As

the data is obtained, a numerical representation will be made of the assurance gained from

the test. Table 6-4 shows a hypothetical sample of a summary for a systems test per-

formance assurance plan. The items are identified to the component level, which is the

hardware level where the functional operating parameters are usually generated. The

information contained in the other columns is as follows:

a.

b.

co

de

e¢

Reliability Apportionment - the reliability goal assigned to the item. Normally,
this is indicative of the part played by the item in the total mission (as well as
the inherent potential of many items).

Parameter Margin - the statistical appraisal of the critical parameter of the
engineering design approach expressed in standard deviation units.

Contribution to Mission Assurance - criticality of the equipment's function re-
lated to the percentage of total mission success. (C = critical, MA = Major,
MI = Minor. )

Assurance Demonstration - total number of test measurements needed to demon-
strate the desired assurance considering the design and test approaches.

Systems Demonstration - number of tests to be conducted at the system level
to attain the assurance considering the hardware level where a fault is likely
to occur.

f.

go

Criticality of Assurance Area - considering the potential modes of failure, the
likelihoodof the fault occurring in the particular assurance category relative to
the other categories. (P = Performance, W = Workmanship, L = Life, C = Critical,
MA = Major and MI = Minor. )

Imposed Fault Level - the lowest leve; of hardware assembly in which the most
likely failure mode is apt to occur. (M = Material, P = Part, C = Component,
s/s = subsystem and S = System. )
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The summary in Table 6-4 represents only a generalized and partial listing of items at

the component level• It is assumed that there is only one parameter of concern for each

component indicated. This list may be reduced to a few components or subsystems or

may be expanded to include lower levels of assembly and/or multiple parameters for

selected items• The level of detail to which this plan would be taken would depend upon

the design approach, related experience, and the level of assurance desired for mission

success.

TABLE 6-4• SYSTEMS TEST ASSURANCE SUMMARY

Performance Category

*See Note

Subsystems/C omponents

Structure
Space Bus
Lander
Antenna Mnts•
Propulsion
Solar Panel
Thermal Control

Power System
Solar Panels
Battery
Regulators
Converters
Controls

Attitude Control
Star Tracker
Gyros
Gas Supply
Nozzles
Sun Sensors
Auto Pilot
Controls

Communications
Command Receiver
Transmitter
Tracking Transmitter
Antennas
Detectors
Decoders
Encoders
Modulators
Sig• Condit.
Data Recorder
Etc.

""_ O

• 9998
• 985
• 9999
• 997
• 999
• 998

• 996
• 992
• 993
• 993
•997

• 98
• 985
• 992
• 98
• 99
• 98
• 986

• 995
• 988
• 985
• 992
• 995
• 992
• 98
• 99
.98
• 98

.r-4

o
AN _9

5
3.5
6.0
4.5
4.0
5.0

3.0
3.5
4.2
4.2
4.0

3.7
4.0
5.0
6.0
4.0
4.0
4.0

3.7
4.0
4.0
4.2
4.5
4.5
4.5
5.0
5.0
4.5

*Note - Explanation of column headings and

MA
MA
MA
MA
MA
MA

MA
MA
MA
MA
MA

MA
MA
MA

MA
MA

C
MA
MA
MA
MA
MA
MI
MI
MI
MI

o_ o_
t_

20 10
60 15
15 2
30 15
45 I0
2O 15

70 20
6O 5
40 30
40 30
45 35

55 45
45 2
20 2
15 2
45 5
45 20
45 20

65 55
45 10
45 10
40 10
30 20
30 20
25 20
15 10
15 5
25 5

data given in text.

_J

P W L

C MA MI S
C MA MI s/s

MA C MI S
MAC MI S
C MA MI C

MA C MI S

MA C MI C
MI C MA C

 s//SMA C MI
MA C MI S

C MA MI S
C MI MA C

MA C MI
C MA MI
C MA MI S
C MA MI S

C MA MI S
MA C MI C

C MA MI s/s
MAC MI C
MA C MI S

C MA MI S
C MA MI S

MAC MI S

MA C MI s/s
MI MAC C
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6.3 NATUREOF ACCEPTANCEDECISION

Theassuranceanalysesandsubsequenttests provide the information to describe the
potential capabilities of the equipment.

The actual testing of equipment(exceptfor burn-in) doesnot enhancethe capability of
the equipmentto perform its mission. It is only throughpositive actions resulting from
decisions derivedduring the testing program that the testing program plays any role in
the creation of acceptableequipment. Enoughinformation must beprovided to clearly
definethe situation, identify the problem and relate the needfor action to be taken. The
decision informationwill result in different actions dependinguponthe degreeof program
completion. Early in a program, thosedeficiencies of either a minor or critical nature
wouldbe corrected, but during the final stagesof completion, the effort wouldbe directed
to the correction of the more critical items.

The final collective summary of all the assuranceinformation developeddoesnot neces-
sarily constitutea decision since a program suchas Mariner, which hasa finite com-
pletion date, will haveits final decisionfor acceptancemadeautomatically, barring
catastrophic failures. The summaryappraisal shouldthenbeusedas a guidefor evalu-
ating the actualuseperformance in order to establish evenbetter guidelines for the use
of this techniqueon the nextvehicle andthe next program. The decision information
shouldbe powerful enoughto play an important role in program activities.

In order to imposea recognizablecontrol over the acceptability of equipment, acceptance
decision limits are established. Theselimits havetakenmany forms suchas drawings,
specifications, standards, test instructions, procedures, etc.

In most of thesecases, the decisioncriteria is baseduponestimatesmadeby the engineer
reflecting analysisand, to somedegree, his confidencein this analysis. Thesedecision
limits thenbecomethe controls to determine equipmentacceptability from the test re-
sults. Thesecontrols are singular valuesthat are appliedby thosedirectly associated
with the conductof testing. If the test results fall betweenthe specified acceptancelimits,
the equipmentis accepted. Results at either the high or low endof the limit do not
generally influencethe acceptancedecision. Onsome items, the results evenfall outside
of the givenlimits andrequire anevaluationandbuy-off, or imposethe necessity of re-
pair to bring it within the limits. Essentially, most present decision criteria are based
uponwhat is required for the equipmentto perform its function, but they are basedupon
thepremise that repairs couldbemadeif a discrepancy is discovered. Theactual de-
cision criteria shouldreflect what is required to havethe equipmentperform in useeven
wherethere is no opportunity to make thesechanges. Thus, acceptancecriteria should
be basedupondeterminingwhat it will doandnot what it did.

The numbers of spacecraft in a given program have been reduced to the point where a

totally new premise is required for establishing acceptance criteria. The gross verification

of the absence of major defects has been replaced by the need to determine the full capa-

bility of each spacecraft. Quantities do not exist for assuring capability or measuring

consistency in the manufacturing area; therefore, each spacecraft must be used for an
t
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appraisal of its specific capability. The acceptance criteria is dependent upon: 1) the

identification of design capability, 2) demonstrated assurance in this capability, 3) the

maximum discovery and removal of faults, and 4) the assurance of an environment com-

mensurate with life requirements.

For each of the assurance categories of performance, workmanship and life, the assur-

ance evaluation approach is to determine a degree of capability and its associated con-

fidence. As the program progresses and more information is available, the degree and

confidence both change. Thus, acceptance criteria should also reflect this change. It

is conceivable that a component, by itself, could not be checked for every performance

characteristic because of its interaction with another part. Acceptability criteria should

reflect this fact and different criteria would apply for the different situations.

The acceptability criteria can now be related to program goals. The assurance analysis

can be used to determine how good something must be. For example: if the mean output

from a power supply can vary from 26 to 30 volts, but the variability must be less than

one volt to meet assurance requirements, the acceptance criteria should reflect this.

On the other hand, if the variability of the output is always less than 0.2 volts because

of our design, then a limit of 1 volt may actually indicate a problem. Therefore, the

standard of excellence normally attained can preempt an assurance requirement if it

is better. It does not work the other way.

The acceptance criteria based upon the assurance approach extends our current approach.

With wide, fixed limits, an incorrect decision can be made even though the measured

parameter falls within it. Catastrophic failures, of course, are discernible with either

approach but more can be learned from the actual measurements than from the fact that

they are within certain bounds. The key to obtaining greater assurance from the testing

is to make realistic use of all available information.

The informational sources discussed in Table 6-1 coupled with the application of the

assurance area decision criteria form the one-two punch that provides the means of ob-

taining equipment that approaches its potential probability of success.

The table indicates that the performance results are relatively high in all the assurance

areas. This reflects the fact that performance is basically what is desired of the equip-

ment and its acceptability would logically be related to it. Further, most of the other

conditions that reduce the potential probability of success are also discernible in the

performance results. The effectiveness of using the requirement specifications with

their go/no-go limits for performance acceptance decisions has certain limitations that

have been found through evaluation. First, using only limits for determining good and

bad deprives all contributing areas of knowing the optimum conditions, thus they are

not able to provide the best equipment capability. Secondly, there are many variations

within the specified limits that would indicate failure of the equipment ff an analysis were

made of the value or its rate of change. Lastly, there are specifications with the limits

so tight that the performance results fall outside of the limits when tested. After a re-

view of the results, it is frequently decided that this particular result is satisfactory
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anyway and the equipment is accepted. This situation often results from the fact that the

original specification was purposely tight to reflect a small design margin. If this is

actually true, the use of equipment outside of the limits could result in a substantial re-

duction in the probability of success of the equipment and materially increase the chances

of having a mission failure. These types of considerations would apply to the parameters

for workmanship evaluations as well as the measures of environment for the life evaluation.

The acceptance decision information in this approach for the performance and life cate-

gories is a degree measure and does not have an absolute (eliminating catastrophic failures)

limit for identifying unacceptability. The measure encompasses the go/no-go limits

represented by individual values of present specifications and expresses the continuous

degree of acceptability on both sides of it. The scale shown in Figure 6-2 indicates the

varying degree of acceptability of the expected performance or environmental measure-

ment results. Rather than having just go/no-go limits for making the acceptance deci-

sion of the test results, the results should be measured against a varying scale related

to the optimum desires for the function. The type of decision suggested for the various

levels of performance indicates the decrease in acceptability as the results deviate further

from the optimum value. It is also noted that acceptability diminishes on either side of

the optimum value.

0

Z

/

_)PTIMUM
I

LEVEL OF PERFORMANCE
(OR ENVIRONMENTAL MEASURE)

Figure 6-2. Acceptance Decision Level

In the workmanship area, substantial potential gain is possible over the current assur-

ance accomplishment. This is due mainly to the fact that once a fault is currently identi-

fied, the prime interest is to correct the particular problem in order to meet the mission
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requirements. Through a review of the defects and their relative timing, fault suscep-

tability of particular equipment may be determined, the related fault possibilities in

other areas of the equipment may be evaluated, and the potential for uncovering addi-

tional faults may be estimated for the test approach being used. The acceptance decision

criteria would be based on the estimate of the degree to which faults have been removed

related to the desired operating life and the testing that would be required to achieve it.

If an expected assurance comparable to that existing on quantity produced items such as

TV sets and automobiles is to be generated for a spacecraft, a greater significance must

be obtained from the limited data derived by testing. The proposed assurance approach

provides the means to make a precise evaluation of the capability margin whether it is on

the flight unit, the development unit or the proof model. It also provides a mechanism

to evaluate the operability standard that must be used for acceptance in certain cases.

The resulting evaluations do not provide an accept or reject decision within themselves

but provide a measure of the capability and associated degrees of confidence in its

validity. With this information such considerations as schedule, cost, etc., can be

related to it in order to obtain the optimum overall program objectives. This type of

information allows comprehensive decisions to be made on possible courses of action

at various times in the program. When adequate time exists to substantially improve

the equipment capability, it is possible to identify where and how much. As the launch

date becomes imminent and it becomes necessary to accept less than desired, the sig-

nificance of this path will be determined. In all cases, this decision information will

provide an opportunity for the greatest amount of judgement to be applied. Also, the

characteristic shape of the appraisal results derived from the testing will indicate the

point of diminishing returns either in the degree of design margin verification or the

contribution to assurance of continued testing.

6.4 CONSIDERATION OF ASSURANCE EFFORT VERSUS CONTRIBUTION

The work to be accomplished in each of the assurance areas of performance, workman-

ship and life is quite different but the costs and program contributions are similar in

tendency. The curves in Figure 6-3 represent the combined efforts and contributions

of all three categories. These curves are not derived from specific evaluations but

are used to identify the tendencies in the areas of consideration; they do not represent

actual levels but the differentials from current average expenditures.

The area prior to line A is the initial contribution area where the cost of the effort is

more than outweighed by the savings in program activity and there is a marked increase

in the resulting probability of success and assurance of the produced equipment. The

additional expenditures for effort over the high level now included are small because

there are many activities being performed that may easily be used to achieve higher

probability of success and assurance through organization and analysis. By providing

more precise goals of testing, discovering defects earlier and eliminating unnecessary

tests, the costs of achieving success are greatly reduced. The lack of an all-inclusive

approach identifying the nature and intent of all activities seems to locate our current

efforts somewhere in the identified shaded area.
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GENERAL AREA OF
CURRENT APPROACH

ASSURANCE EFFORT INCREASING

Figure 6-3. Combined Contributions of Performance,
Workmanship and Life Factors

The area between lines A and B is somewhat of a standoff as far as the total program

costs are concerned, but there is an opportunity to make a substantial gain in the proba-

bility of success. This is possible by the identification of the specific capabilities of the

various functions monitored and the resulting modifications made to improve the product.

Similarly, the increased testing in specified areas will provide added assurance that may

be reflected into probability of success.

The area of effort greater than line B shows a net increase in program costs, but also

shows an increase in the probability of success of the equipment. It is in this area that

program costs increase and a significant diminishing of returns occurs for the probability

of success. This additional effort may be needed though, to provide the desired assur-

ance for unusual or limited quantity equipment. For equipment that is new in concept,

materials and/or system assembly, the only place to obtain this assurance will be on

the development unit and the flight unit itself. Therefore, the work that used to be per-

formed on many units to obtain an understanding of the operation of the equipment must

now be performed on just a few units and the gains in probability of success and assur-

ance may well be worth the additional effort.

6.5 APPLICATION OF DECISION CRITERIA TO CURRENT PROBLEMS

6.5.1 GENERAL

There are many types of decisions that must be made as the equipment progresses through

the various steps toward use. Quite a few of the decisions are concerned with essentially

the same information but at different levels of assembly. At each testing level there are
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specific items to be analyzed for their contributions to assurance. There are two general

types of testing considered at each level: that of operation within specification to meet

mission requirements, and that which is meant to verify the actual design margins.

The decisions for operability testing should be based on a precise attainment of a func-

tional parameter. Once the value has been established and verified in early testing,

it should be maintained through all levels of assembly. At some point in the program,

the actual design capability should be measured. If the measure is something like opera-

ting voltage or noise level, where testing to determine the design margin does not affect

the part, then the capability should be established at the highest level where the results

are identifiable. If the test could be detrimental to the equipment then the test should

be run at a level where it will not affect it. If the test is destuctive, then either partial

loading should be applied or the tests accomplished on special developmental equipment.

6.5.2 SUBSYSTEM ASSURANCE RESPONSIBILITY

The subsystem's performance capability requires that a certain number of independent

measures be made at maximum loading conditions to develop the required assurance.

The total number of measurements is calculated from the design margin and the desired

assurance. This total is then divided between the various levels of testing with the

greatest amount being made where the maximum interaction or unknowns are likely to

occur. Also, some of the subfunction measurements may only be made at the lower

level of testing.

For the workmanship area, all tests run to uncover defects must be continued until some

minimum possibility of finding more defects has been reached. A minimum cycle of

testing must be established from experience for those tests where no defects are dis-

covered. For the life area, the operating environment for specific equipment may be

measured if the use simulation is adequate.

The subsystem will be ready for assembly into the system when:

a. An apportioned number of performance tests have been completed.

b. Assurance of having eliminated defects is met.

c. Life environment has been verified to the desired assurance level or, as in the
performance area, its share of measurements have been accomplished.

d. Operability values and variations have been established for all functions that
will be measured later.

6.5.3 SYSTEM ASSURANCE RESPONSIBILITY

Because of the interdependence of the equipment involved, the systems test area pro-

vides the only assembly level where certain performance measures may be made. This

is also the last area for the determination of assurance. The necessary measurements

will be made to complete the assurance evaluation and, if the values are not as expected,

the tests may be either shortened or continued to attain the assigned assurance. The

systems level workmanship defects will be eliminated to the desired assurance level
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and the system environmental determination will be completed to the level desired. The

operability calibration will combine the subsystem results with the system performance

and provide the standard for the next area's measurements (launch site receiving, pre-

launch, etc. ). These are only a broad summary of the systems test responsibilities,

other details are described throughout this report.

6.5.4 ENVIRONMENTAL TEST CONTRIBUTION

The environmental tests play a role in all three assurance areas. The effects on per-

formance provide a contribution to the variability measure, and the number of measure-

ments needed depends on the significance of the effect and the design margin involved.

Similarly, the tests provide a measure of specific environments used for the lifeassur-

ance category. Some of the environmental tests are used to enhance the discovery of

workmanship defects. Their success in doing so and the determination of the limit of

usefulness will be determined by the early failure distribution.

6.5.5 MISSION SIMULATION CONTRIBUTION

The simulation of the various modes of system operation provides a broad base for the

establishment of the operability standards. Italso provides a greater chance for dis-

covering workmanship problems that may only present themselves under limited condi-

tions. The simulations will also uncover possible design interaction oversights that may

in some ways be classified as workmanship. There is also evidence that indicates that

multiple cycles of the dynamic mission functions would provide a significant measure of

the equipment's reliability.

6.5.6 SPECIAL TEST CONTRIBUTION

Squib firing, RFI and other special tests are usually desired for a specific purpose;

their type of activity will fall into one of the three assurance categories. For instance,

it may not always be possible to directly verify performance under mission simulation.

A special test run under unique conditions may be used to provide assurance for the

performance of a critical parameter. Special tests may also be used to measure the

elimination of workmanship defects or the level or variability of the life environment.

In all cases, though, there is a specific area of concern and that area should be fully

evaluated to meet the desired assurance category level before the tests may be concluded.

6.5.7 PRE-SHIPMENT TESTING

The pre-shipment test should re-establish the operability standards that will be measured

later and verify the satisfactory completion of the other assurance measures for work-

manship, performance and life. There may be certain items that are sensitive to the

shipping environment but are not normally measured for performance. For these items,

a statistical determination of the operability characteristic must be made before the

equipment is shipped.

6.5.8 PRE-LAUNCH TESTING

In pre-launch testing, the special items measured for the effects of shipping should be

verified to indicate that no change has taken place. The operability of the major mission
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functions should be revalidated. Also, it may be necessary to re-establish a perform-

ance capability at an interface if certain spare equipment is incorporated.

6.5.9 CONSIDERATIONS FOR LAUNCH COMMITMENT

Up until this time, it has been assumed that ample time was available to make equipment

modifications if the evaluation indicated they were necessary. Prior to commitment,

the equipment that has been established as having a limited useful life capability should

be closely checked for performance trends. If the performance appears that it could

change enough to cause a failure within the mission time, the equipment should be modi-

fied or replaced. Except for a catastrophic failure of major portions of the equipment,

the launch commitment is automatic. The assurance program has identified that high

levels of assurance have been obtained on all the equipment tested; therefore, the accep-

tance should be uninhibited since all that is reasonable to do has been done.

6.6 SUMMARY

The conduct of each test has a specific indentifiable purpose. By categorizing all the

purposes into the assurance categories of performance, workmanship and life, they may

all be aligned so that a numerical measure of the test's achievement can be made. These

measures do not necessarily indicate the total capability of the equipment, but they do

provide a relative indicator of the test's contribution to those items considered. By

organizing the various test contributions, it is felt that tests may be planned more rea-

listically and the definition of the assurance goals will allow more precise decisions to

be made about the test and the results of the tests. The final result will be equipment

modifications that will provide the optimum means of achieving maximum probability

of mission success.

6-23/6-24



m

I

I
I

i
I

I

I

I

I

i

I

I

I

I

!
I
I

7. SPARES

7.1 GENERAL CONSIDERATIONS

7.1.1 NEED FOR AN ANALYSIS

In attempting to define an optimum replacement parts philosophy and then detail the

methods and techniques for implementing this philosophy, many questions arise. How

do we insure that adequate spares are provided without over-sparing? At which level do

we spare: subsystem, component, part or a combination of levels? When replacing a

defective unit on a prime flight vehicle, how many tests should be repeated? Is it neces-

sary to repeat the system environmental tests or can the replacement unit be fully tested

at a lower level to eliminate the need for back-tracking in system test? In the event a

unit is removed from the vehicle for modification or repair, what level of testing is re-

quired before the unit can be re-installed on the prime flight vehicle? Finally, is it

possible to determine the effect on vehicle flight worthiness that results from the use of

spares or to predict, through the use of relative values, which vehicle provides the

greatest possibility of vehicle success? It is apparent that these questions cannot be

answered specifically without complete hardware and test definition. Thus, we will

attempt to provide a generalized solution that will minimize the risk inherent in utilizing

spare units and still permit complete testing and delivery of the prime flight vehicle

according to a realistic schedule.

7.1.2 ASSUMPTIONS AND OBJECTIVES CONSIDERED

While optimizing the spares philosophy, several assumptions and objectives were estab-

lished:

A. Assumptions

1. Two prime vehicles are to be "flight ready" at launch time.

2. Both prime vehicles must be acceptable for flight without mission compromise.

3. All environmental testing of vehicle subsystems and systems will be accomplished
prior to shipment to the field.

4. Cost of sparing and subsystem/system checkout is not a limiting constraint.

St

1.

Objectives

Primary

a. Maximize prime vehicle system level testing of spare equipment.

b. Minimize system level re-test after installation of spare parts.

c. Maximize availability of spare parts with similar system/environmental
test histories.

d. Optimize ease of parts replacement.

e. Provide an equivalent spare vehicle to back-up flight vehicle at time of launch.

t Secondary

a. Maximize statistical sampling of subsystem/system performance charac-
teristics.



b. Provide a system for quantitative assessment of risk associated with each
prime vehicle and alternates, and the risk adjustment due to hardware
unit substitutions or replacements.

7.2 BASIC APPROACH

The basic approach adopted for establishing a philosophy for spares that satisfies all of

the above objectives includes having four vehicles in system flight acceptance test for

each programmed mission: two prime vehicles, one "spare" or "risk" vehicle, and

one proof test model (PTM) vehicle. Three of the vehicles would be completely prime

and the fourth, PTM, would be treated as prime and would be subjected to identical sub-

system and system tests, including all environmental tests.

In addition, a series of spare parts would be available that would include selected com-

ponents, black boxes, bays and modules all of which would have been subjected to one

or more critical environmental tests. The reasoning behind this approach is that the

spare vehicle would be considered a high risk vehicle whose primary function would be

to supply spare subsystems, bays, etc. for the two prime vehicles as failures occur

during subsystem or system testing. Since the spares would have been subjected to the

same environmental tests, substitution into the prime vehicles could be accomplished

with a minimum of retest at the system level. The selected spares would be installed in

the spare vehicle to replace units being transferred to the prime vehicles. These spares

would require exposure to control environments prior to installation in the spare vehicle.

A desirable approach, and the one considered here, is that the PTM and the spare or

high risk vehicle will precede the two prime vehicles in test and will be subjected to the

same controls and tests as the subsequent prime vehicles. The advantage of this order

of test are many: the risk vehicle performs a forcing function by requiring early hard-

ware; test problems are discovered early on the PTM; test techniques and equipment

incompatibilities are resolved on the PTM vehicle as well as on prime hardware that in

all probability will not be used for flight; and problems that may not be recognized in the

first vehicle due to the unusual confusion existing in the initial testing of the first vehicle

may well be discovered and resolved in the risk vehicle.

Finally, if the risk vehicle were to follow the two prime vehicles, it would soon be rele-

gated a second priority on testing, equipment, and personnel, and in spite of effort to the

contrary, would ultimately be nothing more than a convenient parts stockpile to be

cannibalized at will.

7.3 LEVEL OF SPARES

Currently, there does not exist a method of determining the optimum level for sparing.

There are many known factors, though, that would have an influence on the ultimate

selection.

The failures that occur at the system flight acceptance test level may usually be identified

to a harness or component level. The determining factors for an item such as a baro-

switch, which is being used to detect altitude, would be the ease of replacement and the
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degree of re-testing required. The baroswitch would be replaced as a component as would

an item like an amplifier; that is, until such time in the program that ample capability

does not allow the revalidation of the components within the system. The discrepant

pieces would be removed as a subsystem or bays and would be replaced by the corres-

ponding pre-tested unit from the risk vehicle. Ultimately, as time approaches zero for

sparing, the entire risk vehicle could be substituted. The risk vehicle, though presenting

greater risk to success, has been maintained to supply the maximum degree of assurance.

In summary, it can be stated that sparing should not be accomplished at a specific level.

The high risk vehicle plus the reservoir of critical spares at the part, sub-assembly,

and module level permit sparing to be accomplished at almost any level with a minimum

of re-test. Thus, the sparing level can be established for each failure on the basis of

determining the complexity of disassembly, the retest required and the potential damage

to the installation. These are weighed for sparing at the various levels and related to

the time schedule of the program. A further elaboration of risk attendant with making

or not making a unit replacement is provided in paragraph 7.6.2.

7.4 ACCEPTANCE CRITERIA

Ideally, all spares regardless of level would be subjected to at least the same system

test exposure as the item they are replacing, prior to installation into the prime vehicle.

In reality, this is difficult if not impossible to accomplish. It is our goal, however, to

try to approach this ideal. The high risk vehicle, by virtue of the fact that it precedes

the two prime vehicles in test will provide a spare capability with functional and environ-

mental system exposure at least equal to that seen by the prime vehicles. The spare

parts, modules and sub-assemblies that will be fed into the high risk vehicles will be se-

lected much as they have been in the past; i. e., on the basis of susceptibility to failure,

past history, system criticality, new designs, etc.

These spare units will be subjected to the normal component and sub-assembly acceptance

tests and then to a series of critical environmental system tests. The use of environ-

mental and the associated functional tests will attempt to duplicate the conditions normally

present in system test. It may be necessary to provide a more elaborate test set-up,

i. e., shield covering to simulate thermal gradients and hot spots, breadboard units to

complete electrical circuits, structural mounting to simulate the vehicle, etc. However,

upon completion of the tests, the spares should be capable of being installed in the high

risk vehicle requiring only the normal functional test in the system. It should be noted

that it may not be required to subject the spare to all the testing seen by the prime vehicle.

A review will be made prior to testing to determine which environments are critical to

each spare, and only these environments will be utilized, i. e., failure of a device that

performs its function immediately after launch would not be subjected to a prolonged

thermal/vacuum test nor would a device be subjected to vibration if it were inherently

insensitive to vibration.

Ideally, all spares would be tested in a system environment to allow substitution of spares

into the prime vehicle without extensive retest. It is known, however, that a rapid
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depletion of spares will occur at times, necessitating a decision on using spares that

are not fully tested. This is a common occurrence and a decision will have to be made

during the test program on the basis of time, cost and effectiveness as to whether the

spare should be environmentally tested while the prime vehicle waits. Other alternatives

are to install the spare in the vehicle and then repeat the required tests on a vehicle

system basis or determine that the tests that the spares have had and will receive in

the following testing will suffice.

7.5 RETEST OF SYSTEM AFTER INTRODUCTION OF SPARES

The basic replacement parts philosophy being followed dictates that spares introduced

into prime vehicles will have been exposed to system level tests equal in duration and

intensity to those experienced by the entire prime vehicle. This would limit the system

retest to simply a functional test designed to insure compatibility between the spare and

the prime vehicle. This test coupled with a comparison of the diagnostic data obtained

in the simulated system test and the functional test would provide adequate assurance of

the vehicle's integrity. Again, it must be emphasized that in order to conduct a success-

ful spares program, the spare units and risk vehicle must maintain a comparable test

exposure to that of the prime vehicle.

It is recognized that component re-design or continued failure of a particular unit may

deplete the supply of fully tested spares in which case retest in systems or pre-testing

at the spare level would again be required.

7.6 QUANTITATIVE RISK SYSTEM

During the course of this study, it was determined that a quantitative risk system to be

devised for use by test operations personnel would provide needed assistance in making

decisions for providing spares for prime flight vehicles. The system should be sufficiently

straight-forward to permit it to be set-up, maintained and interpreted by test operations

personnel on a near real-time basis. Furthermore, for the system to be truly workable,

all reliability relationships employed should be sufficiently simplified to permit their

use by test personnel with limited reliability experience.

7.6.1 RISK SYSTEM OBJECTIVES

A. Primary Objectives

1. Provide a quantitative basis for establishing the optimum, time related, replace-
ment parts assembly level.

2. Provide a quantitative basis for determining the degree of retest necessary after
the incorporation of replacement parts into a test vehicle.

3. Provide a quantitative method for basing decisions relative to making or not
making a unit replacement.

B. Secondary Objectives

1. Provide relative quantitative risk indices for each replacement component or
black-box based on its performance.
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2. Provide relative quantitative risk indices for each vehicle, subsystem or bay.

3. Provide an overall relative risk index for each prime vehicle at any phase of
the test cycle.

C. Tertiary Objective

1. Provide a means for quantitatively minimizing risk of prime vehicles selected
for principal launch positions (i. e., first choice for launch, second choice, etc. ).

NOTE: Very little mention will be made of this object at this time inasmuch as
it involves making substitution of functioning hardware with similar
replacement hardware that exhibits a more favorable risk index. It
is presently felt that this approach, while it appears feasible, can only
be considered on a practical basis after relatively high confidence is
established in the basic risk system outlined herein.

7.6.2 RISK SYSTEM DEVELOPMENT

Generation and development of a risk system as described above involves a very detailed

investigation into all factors that contribute to the reliability of vehicle hardware from

the lowest feasible replacement level (e. g., component and black-box). In addition, it

must include a detailed investigation into the factors that contribute to the risk associated

with making hardware substitution at various levels of assembly, and at specific phases

in the test cycle.

A. Unit Risk Index (URI)

Establishment of a risk index for each like piece of vehicle hardware (or unit) should be

accomplished generally on the basis of established reliability methods. Examples of

factors that contribute to hardware risk, and which must be properly weighed for this

risk system, are presented below:

1. Past test history of specific unit.

2. Past failure history of specific unit.

3. Past test history of lower elements of unit.

4. Past failure history of lower elements of unit.

5. Failure rate of like units.

6. Effect of design modification.

7. Effect of previous repair of unit.

8. Effect of last measure of performance.

9. Effect of unit criticality on total mission success.

10. Exposure of test unit to estimated environments.

For each identifiable factor (e. g., effect of previous repair) or combination of factors

(e. g., test hours on this unit, failures on this unit, and failure rate of like units), a

chart or nomogram must be prepared to provide relative risk indices for like units, but

which differ with respect to the degree of effect of the individual contributing factors.

Such a chart showing Ris__kversus the ratio of Mission Life to the difference of Mean Life

and the Accumulated Test Time (this unit) is shown in Figure 7-1.



It shouldbe pointedout that suchnomogramsprovide a relative degreeof risk for like
units. Applying estimatedconstantsor constantsestablishedon limited empirical data
(e.g., MTBF'S) may serve to distort the absolute risk associatedwith a specific unit but
it will not affect the relative risk index of oneunit to another.
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Figure 7-I. Risk Versus Mission Life

Nomograms of this type must be prepared for all levels of hardware assembly from the

component or black-box level to the total system. The resulting "risk tree" for all

vehicle components, subsystems and systems is illustrated in Figure 7-2.

Preparation of a similar tree for each vehicle under test, and for all available replace-

ment parts, will provide for a quantitative real-time assessment of relative risk asso-

ciated with each hardware unit.

B. Installation Risk Index (IRI)

To satisfy the risk system objective relative to the determination of proper assembly

level of replacement parts (or perhaps, more properly, the optimum level at which unit

substitutions should be made) a series of charts or nomograms should be prepared for

determining risks attendant with specific unit replacements. Unit replacements from

the component or black-box level to a total system (spacecraft) replacement should be

evaluated and weighed. Examples of factors affecting installation risk are presented

below:

1. Degree of disassembly necessary to reach unit to be replaced.

2. Complexity of interface connections.

3. Number of interface connections.

4. Mechanical precision of unit interface.
/
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Assembl_

Ex.: Orbital

Controller

URI .... 0.30

IRI .... 0.15

Blackbox or

_omponent

Ex. : Gyro

URI .... 0.15

IRI .... 0.2G

TOTAL SYSTEM

"Spacecraft A"

Unit Risk Index (URI) ............ 0.60

Installation Risk Index (IRI)... 0.30

Ma_or Subsystem Ma_or Subsystem

"Equipment Bay" "Equipment Bay"

Ex: Attitude Control Ex. Telemetry, Tracking

URI .... 0.45 & Command

IRI .... 0.i0 URI .... 0.35

A_ssem IRI .... 0.20
bly Assembl_ Assembly

Ex: Deorbit Ex.:Telemetry Ex.: Command

Controller URI .... 0.25 URI .... 0.20

URI 0.25.... IRI 0.25.... IRI 0.20....

Blackbox or Blackbox or Blackbox or

_omponent
Ex: IR Sensor

URI .... 6.05

IRl .... 0.05

Ex: Control

Programmer

URI .... 0.20

IRI .... 0.20

Ex: Magneto-

meter

URI .... 0.30

IRI .... 0.15

Ex: Jet

Controller

URI .... 0.20

IRI .... 0.25

Ex: Gyro

URI .... 0.15

IRI .... 0.20

Figure 7-2.

Component Component

Ex: Antenna Ex: Antenna

URI .... 0.05 URI .... 0.05

IRI .... 0.05 IRI .... 0.05

Ex: Diplexer Ex: Receiver

URI .... 0.20 URI .... 0.20

IRI .... 0.i0 IRI .... 0.15

Ex: Transmitter Ex: Decoder

URI .... 0.20 URI .... 0.20

IRI .... 0.15 IRI .... 0.15

Risk Tree

5. Electrical precision of unit interface.

6. Degree of calibration or alignment required after installation of unit.

7. Degree of functional verification required after installation of unit.

Installation Risk Indices differ from Unit Risk Indices in that for a specific hardware

unit, the index will remain essentially constant (the time factor and certain other instal-

lation factors will bias the installation index slightly as discussed later in paragraph

7.6.2. D). That is, it will generally require no more (or less) effort to install hard-

ware unit, serial number A, than to install serial number B, on the same unit.

The installation risk index is not uniformly affected by the level of assembly of the unit.

For example, to replace a rate gyro in an attitude control assembly may require remov-

ing a major bay from the spacecraft, opening the bay, removing an assembly, and

removing the gyro from the assembly, breaking one electrical connector. After re-

installing the gyro, a complete dynamic test may be necessary to re-establish the rate

system calibration. Such a replacement of a single component would result in a relatively

high IRI (example: 0.40).

In such a case, it might be advisable to replace the entire attitude control bay. This

task would be represented by a much lower IRI, inasmuch as removing and re-installing

the bay encompasses but a portion of the effort required to replace the component.

Furthermore, it may be unnecessary to recalibrate the system since the replacement

bay may have an inter-unit calibration requirement.
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On the other hand, if the gyro were mounted on the attitude control bay in a manner that

made it readily accessible for replacement, it would require less effort to change tllan

to pull and replace the entire bay. Consequently, the gyro IRI would be much less than

that for the attitude control bay replacement.

It is obvious that the establishment of a total vehicle IRI system will require absolute

familiarity with vehicle assembly and performance (alignment and calibration) char-

acteristics. However, once established, the system will allow personnel with less than

total system responsibility to make timely and confident decisions with respect to unit

substitutions.

C. Implementation of IRI System

Implementation of an Installation Risk Index system requires the development of an instal-

lation or replacement risk matrix. The principal purpose of this matrix is to establish

quantitatively the optimum level of assembly for making specific requirements. The

following expression illustrates the relationship of the previously discussed criteria

affecting replacement risk:

IRI = a. b. c- g
1

d.

where:

a = Criticality of unit.

b = Complexity of unit (electrical and mechanical interface complexity).

c = Location of unit (see Figure 7-3).

d = Time Criticality (i. e., time before launch).

e = Cost of replacement unit (X $1000).

f = Cost of retest, recalibration, realignment (X $1000).

g = Performance risk of replacement unit (URI).

In such an expression, with the terms defined as above, the unit replacement option

resulting in the lowest IRI is the preferred alternative.

To satisfy (numerically) the above expression, it is necessary to correlate the various

combinations of a, b and c. Unit criticality (a) is rated minor, major and critical. Unit

complexity (b) is rated simple, moderate, semi-critical and critical. Unit location is

rated with respect to zones (see Figure 7-3). Therefore, a, b, and c values may be

derived from Table 7-1.

For example, a black-box failure occurs in Zone 2; the unit complexity is moderate,

the unit criticality is major and launch time is 160 days hence. There are three alter-

native assemblies of replacement: the black-box, the assembly and the bay. The IRI

for each is as follows:
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Figure 7-3. Installation Risk Index; Matrix Expression Example

TABLE 7-I. UNIT LOCATIONS WITH RESPECT TO ZONES

Unit
Complexity

Simple

Moderate

Semi-Complex

Simple

Complex

Simple

Moderate

Semi-Complex

Moderate

Complex

Semi-Complex

Complex

Unit
Criticality

Minor

Minor

Minor

Major

Minor

Critical

Major

Major

Critical

Major

Critical

Critical

Zone 0

1

2

3

3

4

5

6

8

9

11

14

18

Unit Location in Buy
Zone 1 Zone 2

2 3

4 7

7 11

7 11

9 14

11 18

14 21

20 32

22 36

27 43

34 55

46 72

Zone 3

5

10

15

15

20

25

3O

45

5O

6O

75

100

For black-box level replacement:

a.b.c.

d

e

f

g

= 21 (from matrix)

= 160

= 1.2 (i. e., cost of the black-box is $1200)

= 0.05 (i. e., cost to test the black-box is $50)

= 0.43 (URI = Performance Risk is assumed to be 0.43 for the black-box)
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therefore,

IRI (Black Box)
21 x 0.43

160 x _
= 0.074

For the assembly level replacement:

a.b.c.

d

e

f

g

= 21

= 160

= 20 (i.e., cost of an assembly is $20,000)

= 0.2 _.e., cost to testthe assembly is $200)

= 0.25 (URI assumed to be 0.25)

therefore,

IRI (Assembly)
21 x 0.25

- 1
160 x

0.625

For the bay level replacement:

a.b.c. = 21

d = 160

e = 120 (i. e., cost of a bay = $120,000)

f = 1. (i. e., cost of testing the bay = $1,000)

g = 0. 10 (URI assumed to be 0. 10)

IRI(Bay) = 21x0.10 - 0.1671
160 x i"_

Hence, replacement would be preferred at the black-box level with the bay replacement

as second choice.

D. IRI Time Correlation

The effect of time on the IRI is illustrated in Figure 7-4. The chart shown is time

referenced to launch. This parameter could, however, be referenced to any test phase

(subsystem, system, etc.)milestone schedule.

As the "T minus time" (T being launch) becomes small, the acceptable IRI values also

become small. That is, a test operations manager has an option in performing a unit

substitution at T-200 days of any IRI value in the range of 0 - 0.60. As he approaches

T-30 days, though, his possibilities of decision become limited because his unit for

replacement must have an associated IRI value no greater than 0. 12.

7.6.3 RISK SYSTEM SUMMARY

Development of the dual risk system discussed herein is by no means complete. At this

point, only enough material has been accumulated to indicate that such a system appears

feasible. Considerable additional effort is required in the conceptual stage to establish

a working model that could be applied to a specific hardware program.
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8. SYSTEMS TEST AND FACILITY PROBLEMS

80 1 INTRODUCTION

This section describes approaches to solving se);eral current specific test problems,

rather than overall test philosophy (Section 5) or total test planning (Section 6)0 It relates

to spacecraft flight acceptance tests, test methods and criteria.

The specific problems to be discussed are:

1o Gyros

2, Accelerometer packages

3. Sun, Earth and Star Sensors

4. Squibs and other pyrotechnics

50 Solar Panels

6. Thermal shields and temperature control subsystems

7o Capsules and delivery subsystems.

The components of the attitude control subsystem, items 1, 2 and 3, are combined and

described for convenience in one section of this report. Rocket motors, command systems

and the total system (DSIF, etc. ) were deleted by mutual consent.

The emphasis in Section 8 is at the spacecraft systems test level for these items, rather

than component or subsystem testing. Also, flight acceptance test is stressed, rather

than development testingor design evaluationtesting. In allcases itis assumed thata

thorough development and evaluationprogram has been completed and the spacecraft

components have gone through the specifiedflightacceptance testcycle before the spacecraft

flightacceptance testhas begun. The testplan willbe based upon experience gained by _e

General Electric Companyon past programs. The testplan will consider costs, program

schedule, testequipment and facilitycomplexity, and the technicalfeasibilityof performing

the specifiedtests.

80 2 SPECIFIC TEST PROBLEMS

8.2.1 ATTITUDE CONTROL SUBSYSTEM

General Electric's general approach with regard to the development of the attitude control

subsystems for Nimbus and OAO can be summarized as follows:

a. An extensive component development test program was initiated to evaluate the
functional capability of the individual component, This included environmental
tests.

Do A subsystem development program followed which culminated in dynamic tests of
the subsystem, Tests were first conducted with the attitude control system fixed
and the various stimuli were moved, This was followed by tests of the subsystem
on an air bearing,

Ce Acceptance tests for both attitude control subsystems included an air bearing test
as the final demonstration of performance acceptability. The Nimbus attitude
control subsystem is contained in a separate package and is separated from the
sensory ring, This ring and the interconnecting struts were simulated during the
tests. The flexibility of the structure led to a number of test problems. This and
other factors has led to some questions as to the actual worth of the test, The OAO
attitude control subsystem is integrated into the total system rather than separated.

8-1
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A heavy steel test fixture was used to simulate the structure,and the attitude control
elements were mounted on this fixture. Even this heavy structure presented some
problems in testing due to mass shifts.

Nimbus tests of the attitude control during system tests were restricted to moving
stimuli although original plans called for an air bearing test of the system; hence
the configuration. OAO plans an air bearing test of all the subsystems connected
together.

It is generally accepted that a dynamic test of the attitude control subsystem is required at

some point in the development program. A dynamic test utilizing an air bearing may even

be desirable as an acceptance test procedure if the margins and variabilities require it.

Present methods place some severe limitations on the conclusiveness of such tests. Only a

complete analysis of the requirements and the relative capability of the test to fulfill the

requirements can be used to determine the degree to which these subsystems should be tested.

A general conclusion that one particular type of test is best for all situations is an over-

simplification, whether a dynamic stimuli test or an air bearing test is suggested.

In the formulation of the test approach for Nimbus and OAO, dynamic tests of the attitude

control subsystem were planned as a part of acceptance tests. The tests for determining

the suitability of the subsystem as well as the components that comprise it have been

influenced by that approach.

8.2o 2 TEST EXPERIENCE SUMMARY - ATTITUDE CONTROL COMPONENTS

Ao Horizon Scanners and Sensors

After a design is selected, common practice calls for three types of tests to be performed:

1o Component development tests

2o Component acceptance tests

3. Prototype subsystem functional tests.

Component development tests are pe rformed on critical components of the subsystem con-

current with the design effort of the prototype horizon scanner subsystem. The objectives

of development testing are to evaluate any critical elements of the design (as it is evolving),

to check the analytical effort, and to insure that basic problems are found before assembly

of the prototype.

Component acceptance tests are performed on each component of the prototype subsystem

after their procurement, fabrication or assembly to assure that it satisfies the component

performance specifications.

Functional tests can be performed to demonstrate such factors as: the sensitivity of the

detection system and its signal-to-noise ratio against targets of known temperature, sub-

system performance, alignment, resolution, response, and scale factors of the subsystem

under controlled environmental conditions. The first factor can normally be evaluated by

testing the scanner assembly in a thermal-vacuum chamber having a cryogenic background

temperature with a heated target to simulate the planet. The latter factors can be evaluated

by tests performed at more nearly ambient conditions using heated targets against a warm

background (approximately 0°C).
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Systems tests of the horizon scanner and its effect on systems performance are varied and

can be performed under ambient conditions using commonly reported three-axis dynamic

air bearing methods or can be static in nature under ambient or thermal-vacuum

conditions.

Assuming that all of the above test conditions have been met, that is, the necessary

amounts and types of component, subsystem and systems tests have been conducted to

assure that the total system meets design requirements, what is the assurance that at

some later date the horizon scanner is still functioning properly ? Must it be tested as a

sub-assembly again? Is there a simple confidence test that can be employed to demonstrate

that the scanner is satisfactory? Does experience indicate that the scanner can complete

its function successfully without additional tests?

Our experience on horizon scanners indicates that some testing is required. On early

ballistic missile re-entry vehicle programs, demonstration of scanner qualitative

performance consisted of passing a cake of dry ice past the field of view of the scanner

and noting the proper closure of a solenoid° This form of testing could be performed at

any location. Subsequent re-entry vehicle programs employed a stimulator consisting of

a cake of dry ice mounted behind a knife edge to provide definition between the ambient

background and the cold edge of the target. A further refinement consisted of a tubular

device which housed a disc of dry ice behind a shutter and lens system to more nearly

focus the energy to a size and colimation approximating the actual target° Each of those

methods resulted in qualitative information only. On one re-entry vehicle program,

where more quantitative information was required, the scanner package was mechanically

detached from the vehicle but left electrically connected via its cabling, and subjected to

a rigorous test using the same stimulators employed for subsystem testing of the scanne_

This permitted correlation of component performance both before and after systems test-

ing. Employment of such detachment tests require subsequent realignment and placement

of the scanner on its original vehicle surface.

In addition to the problem of properly relocating the scanner on the vehicle after the test,

extra monitors must be provided in the cabling to permit the removal of data during these

tests. This form of testing not only recalibrates the scanner but can also demonstrate

vehicle response.

As technology moved into the satellite field, long life reliability became vital. The

requirement to minimize degradation of scanner performance also became important.

During the Advent Satellite Program, a qualitative static test of the satellite's horizon

scanner was planned to be conducted during a thirty-day, thermal-vacuum systems

evaluation phase. The test was to center around a motor-driven, heated sector target

within the chamber's cryogenic background. The target was initially driven to give a null

output from the scanner and, at periodic times during the test, was to be driven to an

offset position. At the offset position, the closure of a relay, firing of a jet, or signal

from the electronics would indicate the qualitative response of the scanner. On completion

of the offset test, the heated sector would then be driven to the null position until the test

was scheduled to be repeated again for a different offset position and direction at a later
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time during thethirty-day test. Suchtests were only qualitative and did not yield
transfer function information or true shifts in null betweenthe geometric and electrical
centers. This methodprobably suffered from defocusingproblems becauseof the nearness
of the target imageto the scanner. On a more recent spacevehicle program, there was a
requirement to confirm operation of the horizon scannersduring the storage andpre-
launchphases° The scannerson the actual vehicle were mountedwithin a large mating
fairing whichpreventedeasyaccess. The fairing was designedto couplethe vehicle to
the booster andwasnormally attachedto the vehicle subsequentto successful systems
tests. The solution to the problem consistedof applyingtwo very different emissivity
surfaces to the inside vehicle skin within the field of view of the scanner. Moderate
heatingor cooling of the outside surface resulted in a sharp thermal flux contrast between
the surfaces. The scanner thus registered qualitative information onperformance. This
methodwasutilized subsequentto systemstest andin the last minutes of the countdown.
The aboveconceptappearsto havesomedefinite merit where anobscuredor "masked"
scannermust receive a confidencetest. Another stimulation methodusedin the laboratory
hasconsistedof using a heatedwire as a target. The test modelconsistedof a fine
diameter high resistance Nichromewire housedin a glass tube, to minimize air currents,
andwas backedup by anambient metallic surface. Results of scanneroutputon a
qualitative basis indicatedthat a small heatedwire within a large vehicle of fairly uniform
(background)temperature couldbeusedwith goodsuccessas a stimulator. Powering of
the wire is easily accomplishedevenduring the countdownby the application of external
direct current.

The methodasnotedabovehasonly beenattemptedin the laboratory. On our most
current spacevehicle programs, semi-quantitative information of scannerperformance
has beenobtainedby the use of specially designedscannerstimulators. The stimulator
incorporates a heatedearth target within a mirrored cylinder androtating prism to
optically position the cold black bodyspacebackgroundin the detector's field of view and
to separatethe cold backgroundfrom the earth target to minimize the thermodynamic and
penetration considerations. The scannerstimulator is easily andprecisely coupledto the
scanneranda transfer function of scannervoltageversus dial reading of the stimulator is
obtainedas a functionof vehiclepitch or roll. This transfer function is not the sameas
that obtained from the detailed andprecise calibration of the scannersubassemblyand is
used only to set up a reference condition for the scanner to stimulator marriage. Following
almost ten very different test phases(BenchTests, Assembly Tests, Vibration Tests,
Air Bearing Tests, Thermal-Vacuum Tests, Field Tests, Checkouts,etc. ) the stimulator
is againcoupledto the scannerandthe plot of stimulator dial reading versus scanner
voltage noted. Gross changesin the voltage-dial reading relationship are indications of
scannerperformance degradation. Results to datewith the scanner stimulators described
aboveare quite encouragingand seemto indicate their usefulnessas a very reliable
semi-quantitative indicator of scannerperformance on easily accessible scanners.

As stated previously, the best quantitative assuranceof a sub-assembliesperformance,
expecially for a deviceas complexas a horizon scanner, is obtainedduring the compre-
hensivephasesof:
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ao Component development tests

b. Component acceptance tests

c. Prototype subsystem tests.

The testing subsequent to system level tests are at best semi-quantitative and usually

only qualitative in nature as noted above. Indications of gross degradation in component

performance, as noted by the type of confidence tests discussed, results in a replacement

of the component or a component re-test phase.

B. Sun Sensors

Sun sensors are usually employed on spacecraft for the orientation of the vehicle axis and

for orientation of solar energy collectors, such as solar cell arrays. General Electric's

Spacecraft Department has had extensive experience in the design and test of various sun

sensors employed on the Advent, Nimbus and OAO Spacecraft.

Sun sensors are normally static devices consisting of one or more detecting heads and

an amplifier. The detector is usually a silicon solar cell. Since the cells have been

shown to be inherently stable with time and have no significant light hysteresis, they

yield a short circuit current proportional to solar irradiance and operate extremely well

at file high flux levels associated with planetary flight. Experience in testing sun sensors

employing silicon solar cells indicates that a mechanically stable sensor design (through

all environments) will give adequate service for an extended period of time. For both

the Advent and Nimbus Programs, General Electric performed only qualitative testing of

the sensors once they were mounted to the spacecraft. Grumman Aircraft, the system

contractor for 0.4,0, plans the same. For the Advance Technology Satellite (employing a

digital sun sensor in earth orbit), General Electric currently plans the same type qualita-

tive testing at the system level i. e°, stimulate the sensor and monitor the output.

These qualitative tests can be modified somewhat to produce quasi-quantitative results by

measuring the repeatability of the sensor under some given, repeatable light stimuli.

For example, a collection of inexpensive, uncollimated tungsten light sources that can

be accurately positioned with respect to the sensor may be used to generate sensor trans-

fer functions before and after each environment of the spacecraft. Although the transfer

function characteristics thus generated are completely invalid in terms of absolute slope,

range and null, the sequence of tests are worthwhile in that non-repeatable data is

indicative of sun sensor failure.

It is fortunate that sun sensors have proven historically to be stable since it is very

difficult to perform an adequate quantitative test once the sensor is mounted on the

spacecraft. In general, this requires a solar simulator of high quality and necessitates

rotating the sensor with respect to the sun axis very accurately. (The OAO fine sun

sensor is calibrated to 1 arc minute in the laboratory. ) If the sensor head is removed

from the spacecraft to perform this test, it must then be optically realigned to the

spacecraft.



Thesedifficult test problems (with their attendanthigh cost) haveinfluencedthe manner
in which sunsensorsshouldbetested° The biggest factor, however, is the demonstrated

high reliability of the sensor°

Perhaps the most significant factors that will influence sensor performance and degrade

its output are those quantities not normally tested at the systems level, even in a complete

sensor test. They are:

ao Accumulated particle radiation and micrometeorite damage

bo Light reflection paths on the spacecraft

Co Solar reflections from the planet

The reflection problem in particular is often overlooked or under-emphasized. The

problem should be evaluated analytically to determine the possible influence of reflections

from the spacecraft or from the nearby planet. Marginal situations require experimental

verification of the severity of the problem, but this is a difficult and expensive test and

can usually be avoided by careful design and location on the spacecraft. Special reflection

shields may be required, or the sensor field-of-view may be reduced to minimize the

effects of extraneous, off-axis light. In any case, these factors must be con.gidered as

possible deleterious effects on sun sensor operation in the same sense that actual sensor

degradation may occur°

Our experience to date indicates that sun sensors are reliable devices and normally should

perform their intended function without need for expensive quantitative equipment to test

the sensor at the systems level. This conclusion is not absolute, but should be modified

if a special sensor design of other mitigating circumstances indicate otherwise°

C. Gyros

The use of gyroscopes on past and present programs of the departments within the General

Electric Company, Missile and Space Division, can be categorized into three basic

functions. Initially, on ballistic re-entry vehicles, single degree of freedom rate gyros

were utilized for velocity sensing of comparatively high angular rates for diagnostic

indications of instability about the vehicle's center of rotation°

For orbiting satellites, gyroscopes are being utilized for stabilization. Again these are

rate gyros which furnish command signals to momentum wheels and/or gas jets to effect

attitude control.

More sophisticated maneuverable satellites and re-entry vehicles use rate integrating

gyros in conjunction with rate gyros to afford both stabilization and control

The test philosophies for system acceptance tests and final confidence tests involving gyros

necessarily differ for the various systems° They are dictated by gyro functions, vetficle

size, reliability criteria, etc. The following are typical system test methods. Examples

are also described relating to actual test experience°

If a space vehicle is small, it may be mounted _ a specially designed tilt stand for posi-

tioning at any attitude or moving at various rates to stimulate the gyro sensors.
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The ballistic re-entry vehicles of the Mark O, I and II class required the measurement of

certain dynamic properties that utilized a moment of inertia machine. The determination

of the moments involved rotation of the vehicle, which provided stimulus to the rate gyros.

Telemetry information was compared to input measurements for end-to-end testingo The

test was quantitative within the rate measurement capability of the spin system. This

method is satisfactory for intermediate spin rates. High rates require massive structures,

whereas, low rates required exotic rate measurement methods and well controlled rates.

For qualitative information and polarity check, the above method has been quite successful°

Field testing employed a similar but less sophisticated device for rotating the re-entry

vehicle to ascertain sensor (rate gyro) function on a go/no-go basis.

This method has also been used during the early testing of a short life re-entry vehicle.

The complete system was mounted on a controlled rate table for stimulation of rate gyros

and for generating postion error signals. This method was also used during final field

checkout. As mission experience was gained, these total system open-end tests were

discontinued. The gyros now undergo a complete test and then a system compatibility

test. In addition to these open-end tests, the system design afforded some measure of

closed loop testing wherein the response could be fed back to the stable platform command

system and error signals could be nulled on a relative basis between stationary vehicle

and moving stable platform.

A second method of simulated flight test involves mounting portions of the total vehicle

on a movable platform. Second generation re-entry vehicle gyros were tested in this

fashion. The initial design of the system incorporated a removable instrumentation

package on which all motion sensing gyros were mounted. This philosophy has been

followed generally in re-entry vehicles both because of size and because the instrumenta-

tion is mainly diagnostic. The removable package is electrically tied to the system and

is exercised dynamically to provide an end-to-end check of the telemetry in plant and
field.

Subsystem testing of an orbiting spacecraft extends this philosophy wherein all of the

subsystem packages including the rate gyros are mounted on a movable platform. The

platform is supported on a gas bearing and simulates the dynamic properties of the over-

all space vehicle. Closed loop stabilization tests are performed using external simulation

and modified vehicle feedback. The disadvantages of this philosophy, when extended to

total vehicle testing, are numerous.

In general it can be said that although our total operating experience in the use of gyros

for stabilization and control has been limited, gyros have been used extensively as

sensors in many missions. Failure rate has been very low and typical rate gyro reliability

figures are 0. 9998 with life capabilities of 24 hours operation during a 12,000-hour period.

Do Accelerometers

Accelerometers utilized within the division have been mainly for diagnostic and research

data sensing. They fall into two categories - linear accelerometers and vibration

accelerometers.

/¢Z
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Vibration accelerometers cangenerally be tested quite satisfactorily at the systems level
during systemsvibration acceptancetesting. They are not critical items andfinal
confidenceof functionability cansometimesbeachieved, dependingon sensor location, by
a sharp tappingon the structure.

Linear accelerometers are more difficult to test at the systems level. If the rangeis
narrow (0 to 5g), someconfidencecanbehadat the systems level by orientation of the
vehicle in the Earth's lg field° The major problem encounteredis the correct mounting
andmarking of the componentin order to assure the proper polarity.

Final confidencehasbeencheckedon someprograms by suddenacceleration of the vehicle
on a test dolly andmonitoring of telemetry output.

In addition to accelerometers, g switcheshavebeenutilized in re-entry vehicles for
actuationof events. Here again, the major problem has beenin the proper orientation
with respect to the acceleration or decelerationdirection.

Experienceto date in using accelerometers as attitude control or guidancesensorshas
beenlimited. Onere-entry program under developmentis planning to use accelerometers
for guidance. Theplannedsystem test will simulate sensor output.

Extensivetesting will beaccomplishedon the componentlevel.

Eo Star Trackers

A star tracker, by its very nature, is a complexelectro-optical device. The relative
complexity of theOAOgimballed star tracker andthe fine sun sensor differ by more than
anorder of magnitudeif hardware andtest cost are usedas criteria. Reliability analyses
of the two types of sensors substantiatethis conclusion. The probability of failure in one
year of operationfor the completesunsensor system is less thanonepercent, whereas
the correspondingfigure for a star tracker is more than 50percent.

Theseconsiderationshave led to the incorporation of redundantstar trackers to improve
overall control subsystemreliability. A total of six trackers is employedon the space-
craft; three or four trackers (dependingonposition} are sufficient to permit normal mode
operation. In additionto redundancy,the system hasbeendesignedto permit calibration
of the electrical null vs. spacecraft axes in orbit using the natural stars. Finally, eleven
telemetry outputsfrom eachtracker are employedto permit analysesof tracker failure
modes, if they occur.

GeneralElectric's philosophyis to provide a rigorous and comprehensivesubassembly
test program for eachstar tracker in anattempt to eliminate all designor workmanship
defects that woulddegradetracker performance. These tests do not include a thermal-
vacuumlife test becauseof cost considerationsalthoughsucha test is consideredto be
desirable.

Oncea star tracker successfullypassesall subassemblytests, it is incorporated into the
control subsystemandtestedas part of the loop, both at the subsystemlevel (at General
Electric} and systemlevel (at GrummanAircraft, the system contractor). After being
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installed on the spacecraft, it is tested quantitatively as a component either at Grumman

or prior to launch. Static tests, of course, are made.

As with many sensors of this type, it is extremely difficult to make quantitative tests of

the sensor with the sensor mounted on the spacecraft. It may be even more difficult to

remove the sensor and its associated electronic packages from the spacecraft, io e., it

may be a major disassembly job° In the case of the OAO star tracker, a quantitative test

with the sensor on the spacecraft is hampered due to the large shield attached to the

telescope for protection from sunlight. This shield incorporates a lid that is normally

kept closed on the ground to prevent dust contamination (and is popped open in orbit)°

Thus, to provide a simulated star for quantitative testing would require either that the lid

be opened or that optical quality glass be incorporated in the lid. Neither of these alternatives

is particularly appealing° An additional inhibiting factor with respect to quantitative

accuracy testing on the spacecraft is that the star tracker telescope gimbals would have

to be caged to permit this test. Since the telescope is balanced for a 0 g condition, and

is unbalanced in a lg field, a highly accurate mechanical caging mechanism would be

required.

For the OAO star tracker, therefore, it has been decided by the system contractor to rely

on a qualitative test to determine that the tracker is functioning at launch. A small window

(one inch diameter) is incorporated into the sun shield to permit the entry of a light

stimulus° If sufficiently bright, the light will produce a "star presence" logic signal in

the tracker which can be monitored through the telemetry subsystem. Additionally, other

telemetry outputs yield a qualitative (yes - no) indication of tracker operation.

As a general rule, it is usually necessary to specifically design into an attitude control

sensor the capabilitity to be quantitatively tested on the spacecraft. Frequently, other

design constraints are the overriding factor that prevent this (such as the addition of a

sun shield on the star tracker, or the size and power limitations that prevent using a

larger gimbal torque motor to overcome telescope unbalance in a lg field. ) Thus, our

specific experience does not answer the question of whether it is necessary to perform a

quantitative checkout of a star tracker prior to launch. Certainly, if it can be done at

reasonable cost and without severe spacecraft design penaltites, it should be done.

8.2.3 SQUIBS AND OTHE PYROTECHNICS

Ao Test Problem

What tests are required during the spacecraft systems flight acceptance tests to verify the

performance of the pyrotechnics subsystem? The test problem is that these components

are one-shot devices, therefore, after development firing tests have been run, and the

actuation mechanism design has been proved, what checks must be made during the

systems flight acceptance test to assure that the pyrotechnic will fire correctly in flight?

The firing of the large pyrotechnics on a flight spacecraft, or those that cut the structure

to accomplish separation or otherwise modify the spacecraft, obviously is not practical as



a preflight test of a flight spacecraft.

during the spacecraft system flight acceptance test to verify flight readiness.

application of pyrotechnic components is expected to include the following:

1.

2.

3o

4.

5.

6°

7.

8.

9. Ejection of parachute or other retardation devices

10. Deployment of antennas and/or experiments from capsule after planet landing

11. Battery actuation

12o Cable cutters, disconnects, etc.

The specific design of items 6 to 10 must still be accomplished for future interplanetary

flights, but it is expected that pyrotechnics may be used in the applications shown.

In this study the emphasis is on the testing required

The potential

Shroud separation

Spacecraft-launch vehicle separation

Solar panel release-pin pullers

Scan platform release

PIPS explosive valves

Sterilization shroud separation

Capsule/lander separation from spacecraft

Ejection of capsule back shield and heat shield

B. Conclusions

Considering the one-shot nature of the pyrotechnics, the proposed test plan places heavy

reliance on an extensive development program to prove the design of the pyrotechnic

application and to qualify it for space flight operation° This work must be done on the PTM

or other suitable development hardware that closely corresponds to the flight unit design.

After the design has been thoroughly evaluated and qualified by development and qualification

tests, the flight acceptance test of the flight spacecraft is intended to verify correct

i_stallation and operation of the actuation and protection circuits, and to verify that the

pyrotechnics are not subject to accidental firing. The acceptance test will include circuit

checkout, continuity, insulation resistance, etc. The control circuits will be subjected to

sequential testing similar to that of a simulated flight mission profile. Control of the

pyrotechnics will be evaluated using simulators such as fuzes. Measurement of electrical

noise, transients and false commands to the pyrotechnics will be made. Good quality

assurance practices are required through every manufacturing and assembly process to

insure that the control circuits andthe actuating mechanisms are correctly fabricated and

installed.

Experience at GE-MSD in implementing this type of test program with regard to the use of

explosive bolts, cable cutters, squib actuated devices, and other pyrotechnics for re-entry

vehicle and spacecraft application over the past 7 years has proven the test cycle to be

successful.

A survey of the flight experience including such re-entry programs as MK-2, MK-3, the

Discoverer series and several classified Air Force spacecraft programs has shown only one

failure involving a pyrotechnic device, andthat was attributed to an improper activation

signal.

8-10

!
!

!

I

!

!

!
I

!
I

I

I

I

i

I

I
I
L

I



Analysis of component qualification test data for pyrotechnics has indicated failures in the

humidity test, which has resulted in the entire lot being rejected for flight application.

Note that the scope of the test programs did not include evaluation for: 1) ability to survive

sterilization temperatures, and 2) long term storage in space environments, since these

problems are not encountered on the above programs.

Co Test Plan

Because heavy reliance is being placed on development testing to establish that the

mechanism will function, the test plan describes development and evaluation testing of

preflight units as well as the flight acceptance test of the flight spacecraft. The test plan

is subdivided into development and acceptance testing.

1o System Development Tests

The purpose of the system development tests is to prove out the design and the operation

of the pyrotechnics operated mechanism. The tests are designed to indicate that the control

circuits will fire the pyrotechnics, the mechanism will operate satisfactorily, and the

pyrotechnics are adequate to do the job. Tests must be performed to verify:

a. Sufficient force output

b. Firing current pulse characteristics, firing time, build-up rate, duration

Co Shock amplitude and duration to spacecraft

do Shrapnel, dirt, contamination of the spacecraft

e. Time, force characteristics of simultaneous multiple charges

f° Functional performance characteristics of the operating mechanism

A measure of the performance of the pyrotechnics actuated device is made using the PTM

spacecraft or an equivalent development unit. These tests will evaluate the performance of

the activating circuits, the pyrotechnics firing characteristics, and the operation of the

mechanical deployment or release mechanisms. Development tests must include a full

operational test of separation devices, all deployment mechanisms such as solar panels and

any deployable antennas, etc. Measurements are taken of the shock transmitted to the actuated

mechanism.

The squibs and other small pyrotechnics are installed in the PTM. During functional

performance tests, measurement is made of the transients, stray signals and RF energy

seen by the pyrotechnics. Also, the danger of accidental firing due to improper circuit

design, or incorrect test procedures or susceptibility to pick up of large RF signals is

identified before the flight spacecraft is subjected to test. The PTM systems performance

tests include the firing of small pyrotechnics. During these firing tests, measurements are

made of the shock that the components experience. The tests verify that spacecraft

performance and operation is not adversely affected by the detonation of pyrotechnics.

2° Spacecraft System Flight Acceptance Test

The objectives of the test are to:



ao Verify performance of the circuits and the pyrotechnics subsystems

bo Verify no danger of accidental firing due to:

1. Errors in circuit fabrication

2. Unexpected transients or RF signals of sufficient amplitude or duration to
fire the pyrotechnics.

Assuming that the development and evaluation tests on the PTM have been run, and

assuming that the PTM corresponds closely to the flight spacecraft, the flight spacecraft

can be acceptance tested using simulators in place of the major pyrotechnics. This

technique will be required where large explosive charges are used.

There are a number of possibilities for simulators:

a. Squibs with partial explosive charge removed

b° Special simulators such as SCR circuits

c. Fuses and photo-flash i_lbs.

The first technique has the advantage of corresponding in electrical characteristics to the

actual flight unit, whereas the fuses will have a firing characteristic significantly different.

It is difficult to detect when a fuse is fired and therefore difficult to determine the

cause of "unscheduled" or improper firings.

Using these simulators in place of the necessary pyrotechnics, the spacecraft pyrotechnic

activation and control circuits will be checked out. During the spacecraft functional

performance tests the circuits will be activated and the performance of the pyrotechnic

firing circuits and the electrical power supplies will be monitored. Any misfires or

tendencies to be affected by noise, transients, and false signals must be corrected.

3. Component Development Tests

Prior to the development of the final design of the spacecraft, considerable work will

have been done at the component level of assembly in selecting an appropriate pyrotechnic

and evaluating its performance in the selected application. The squibs and pyrotechnics,

selected for the design application will be qualification tested to assure their suitability

for the method of application and their ability to survive and function in flight environ°

merits. The qualification tests will establish the pyrotechnic performance characteristics

and will establish the manufacturer's capability. The selection for design application of

pyrotechnics that have been developed and have proved their performance on previous

flights will, of course, shorten the development test cycle.

In addition, the qualification tests will establish that the pyrotechnics used on the capsule

will fire with a high degree of reliability after a long-term spaceflight of up to nine months.

The test units for the qualification test will be selected in random fashion from a single

lot of squibs. The selected pyrotechnics will be further divided into test groups for the

various tests required. The pyrotechnics selected for testing are those that have gone

through the regular production and quality assurance checks. The following types of

tests will be conducted to make up the qualification test cycle:
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a. Resistance

b. All-fire tests to determine the minimum all-fire current will be conducted in an
incremental step sequence, using a Bruceton type of analysis, or equivalent.

c. The squibs in the second group will be fired in a Bruceton type analysis to
determine the maximum no-fire current.

de The squibs or pyros from the third group will be connected to an RF signal
generator and impedance matching network, and the level of RF power at various
frequencies and the time to fire wiil be determined.

e. Autoignition of squibs from the fourth group of the lot will be determined by
placing each squib in a chamber at 160°F and raising the temperature gradually
until the squib fires.

f* Squibs and pyrotechnics from the next group from the lot will be subjected to the
"jolt" test such as MIL-STD-300, then fired under ambient environment.

go Other groups of squi bs and pyrotechnics will be fired after exposure to conditions
of temperature-humidity and vibration. One group of pyrotechnics will be fired
under vacuum.

h. Samples of squibs are fired in a calorimeter and the heat of the explosion is
measured.

4. Component Flight Acceptance Tests

Heavy reliance will be placed on performing thorough quality assurance checks on the

processes and procedures followed at the supplier. This will include materials batch

sampling, inspection of pyrotechnics, X-ray inspection for voids and sample firing tests.

Also, handling, storage and age control of the pyrotechnics will be closely controlled.

The flight acceptance test of squibs and pyrotechnics for flight spacecraft application will

be a selection process very similar to that described for the qualification tests. Samples

will be selected from a production lot and firing characteristics of the samples will be

determined. If the selected samples have the required performance characteristics, the

entire lot will be accepted as being suitable for flight unit application.

5. Summary

The test plan described places heavy reliance on a thorough quality assurance program

and on development tests conducted on the subsystem and the system development

spacecraft. Concurrently, the pyrotechnics are subjected to a qualification test cycle to

verify that they are capable of performing in the selected design application. The actual

flight application pyrotechnics will be selected from a lot that has been sample-

acceptance tested to provide the maximum possible assurance of successful performance

in flight application. The basic premise on which this test plan has been formulated is that

pyrotechnics have demonstrated a record of high reliability in past flight application.

Maximum effort must be directed to assure that those portions of the circuits and the

subsystem able to be testedhave been checked out and proved before the application of the

one-shot pyrotechnic devices.

8-13



8.2.4 SOLARPANELTESTING

Ao Test Problem

After assemblyof the flight spacecraft solar panelshas beencompletedandthe panels
havebeenflight acceptancetested at the assemblylevel, are tests necessaryto verify
that thepanelshave beenconnectedinto the spacecraft system correctly, that the panels
havenot beendamagedby handlingand subsequenttest, that performance hasnot degraded,
and that the panelsare compatiblewith the spacecraft performance requirements? Is it
necessary to operatethe spacecraft from the solar panels to verify that the electrical
circuits in thepanelsand connectingcablesto the spacecraft are complete, andthat the
panel is completeandfunctional andcontributes rated power to the spacecraft?

Testing of the completeelectrical power subsystemis complicatedby the fact that the
panel is a rather complexassemblyof cells, diodesandsoldered interconnectionsfabri-
catedona very light weight, but large structure. Panelssuchas are on Mariner Care
approximately6 feet x 3 feet andthe distanceacross the unfoldedpanels, including solar
pressure vanes, is nearly 28 feet.

Additionally, the solar panelsare extremely expensiveand minimum handling
commensuratewith test requirements is desirable.

Sincethe outputof the cells is dependentuponcell temperature and spectral characteristics
of the solar input, anyaccuratefunctionalperformance test of the panels is complicated
by the needfor precisely knowncharacteristics of the solar input andgoodtemperature
control of the panels.

Emphasisin this investigation is on flight acceptance(FA) testing, not development,
evaluation, or type approval (TA) testing, andat the systems level, rather thanat the
panelassemblyandthe electrical power subsystemlevel.

B. Summaryof RecommendedApproach

1. PerformanceVersus "Operational" Approach

In evaluatingthetest approachto be followed, the qualitative test to demonstratethat the
solar panels andthe electrical power subsystemoperate as part of the spacecraft system
is recommendedin preference to a completedetailedperformance measurementtest.
This approachis favored becausethe performance of the solar panelswill already have
beenestablishedin somedetail during the panelacceptancetest and operation tests to
verify that damagehasnot occurred is sufficient. Prior to this, confidencein life and
performance characteristics will havebeenestablishedby the panel developmentand
type _cceptancetest program. Ability to withstand vibration, exposureto thermal-vacuum
environment, andhigh temperature andlow temperature will have beenestablishedby
the developmentprogram. As a result of this developmenttesting, confidencein
repeatability of panelperformance through spacecraft systems tests will have been
established. Therefore, emphasiswill be to establish that there hasbeenno degradation
or changein performance from previous tests andthat the system is connectedcorrectly
in the spacecraft rather than to makea detailed performance test of the panels.
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A spacecraft operational test with the spacecraft powered from the flight solar panels is

recommended. The test can be run with ambient solar radiation or with simulated solar

radiation provided by the panel solar testers described below. Purposes of this test are:

ao To demonstrate operation and compatibility of the solar panels with the total
spacecraft electrical power requirement.

b. To identify any electromagnetic compatibility problems and to demonstrate that
there are no malfunctions or performance degradations in the spacecraft system
as a result of electromagnetic energy°

Co To discover any operational problems not previously foreseen or discovered.

2. Method Test

The discussion in the following paragraphs will recommend the use of an artificial panel

illuminator with compromises in the solar simulation characteristics to perform testing

of solar panel output. This device will be very useful in support of systems test, field

tests and panel assembly tests. This recommendation is based on an analysis of the trade-

offs between equipment cost and complexity versus gain in useful performance data and

schedule time.

C° Test Objectives

1. Possible Test Objectives

In arriving at an analysis of the best method to use in setting up a test program on the

solar panels, it is necessary to identify the purposes and objectives of running the test

and the intended accomplishments of the test program. There are several possible

alternatives:

ao Run a complete performance test of the spacecraft system using flight solar
panels as the prime power source, and measuring the performance of the panels
and the complete spaceraft with electrical power being provided by the solar
panels.

Do Conduct tests to demonstrate that the solar panels are "operational" - that they
work° Emphasis would be to identify any change of performance from a
previously established base. The operational check would emphasize qualitative
performance data, rather than detailed quantitative data.

c° Conduct a simple continuity check to prove continuity of the circuits, especially
the complete panel harness connection to the spacecraft.

2° Analysis of the Possible Alternatives

In comparing the requirements for a "performance" test to those for an "operational" test,

the performance test involves a detailed evaluation of the output of the solar panels with

a known calibrated input. The power output, regulation, V-I characteristics and efficiency

with known loads would be measured against a known, calibrated light energy input and a

known panel temperature.

The operational check is a back-down from this, with emphasis only on proving that the

panel array and the electrical power subsystem function, and without precisely measuring

the output. The tests evaluate the interface in the other spacecraft subsystems and prove

that the solar panel is compatible with the rest of the spacecraft. The tests involve a
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comparisonof test results of the systemacceptancetests to those from the previous
panelandelectrical subsystemtests under knownconditions, so that changesin perform-
ance canbedetermined. In the extreme casethe "operational" test is a go-no-go test.
In order to run a goodperformance test of electrical outputandto measureefficiency,
the test array must include a good, known-calibrated solar energy source, anda panel
temperature control mechanism. To accomplishthis control, the spectrumof the energy
source andthe intensity must beknownandcontrollable. Energy distribution must be
uniform over the test area, andthe source must becollimated within a few degrees.
Panel temperaturemust becontrolled andmeasured. To build an artificial illuminator

to these requirements becomes a major engineering undertaking and the costs are high.

The difficulty of attaining good solar simulation at reasonable cost is the chief draw-back

to good solar panel performance testing as part of the spacecraft systems test. Because

of the design difficulties and the costs of providing a good panel tester usable in spacecraft

systems tests, and considering the detailed evaluation of the panel performance that has been

done prior to the systems tests, the qualtitative, operational-type test of the solar panels

rather than a detailedperformance test is recommended.

In support of the "operational" tests, the performance of the remainder of the subsystem,

i. e°, the regulators, inverters, wiring, etc., is checked during the system functional

performance tests by the use of a solar panel simulator designed to have output character-

istics similar to those from the solar panels. During the spacecraft operational checks,

after it is verified that there is an output from the solar panels and that the panels function

correctly, the panel simulator provides power to the spacecraft system for the performance

test.

In the several potential test approaches suggested in the following paragraphs, the emphasis

will be to establish that the panels are operational in the tests, rather than to completely

evaluate functional performance.

D. Development Cycle

In evaluating the objectives of the systems tests, the development test work completed in

getting to the point of systems acceptance test must be evaluated. If the assembly test

cycle has provided assurance that each succeeding unit will work correctly, then the

necessity and degree of checking at the system level is reduced.

The development cycle is based on the assumption that the panel array is basically a

design that has been previously used and checked out, and the design is understood and the

manufacturing and test techniques are well established. The following evaluation tests

will have been performed during the development cycle and prior to the flight acceptance

test.

1. Solar Cell Development (by cell manufacturers)

a. Improved output characteristics, efficiency

b. Greater resistance to environments: radiation; thermal-vacuum stresses;
thermal cycle; vibration; mechanical stress loads.

2o Sub-module Development
!

a. Performance characteristics of sub-module output V-I curves I _ _
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b. Output performance using optical filters

c. Effect of flight environments on performance

do Effect of flight stresses on submodule assembly: soldering to bus bars;
bonding of contacts to wafer; bonding of submodules to substrate.

eo Correlation and calibration of output using solar simulator to output
from true sun as seen at Table Mountain facility.

3. Evaluation of Solar Panel

a. Performance V-I curves

bo Effect of environments

c. Effect of flight stresses: bonding failures, soldering failures

do Correlation, calibration of output by solar simulator compared to sun

4. Performance of Complete Electrical Power Subsystem

a. Performance tests using solar panel simulator

1. Power switching amd control

2o Regulation

3. Inverter performance

Power output

Frequency regulation

Voltage regulation

4. Temperature rise of components

bo Performance under flight environments

5. Systems Tests on Development Spacecraft

a° Performance test of electrical power subsystem in the system environment.
Evaluation of electrical performance under laboratory and flight environments:

Power switching and control

Regulation, voltage, frequency

Power output

EMI investigations

b° Potential failure mode analysis

c. Operation of complete spacecraft powered from solar panels irradiated by
artificial source or by natural sunlight.

The solar panels go through the fabrication-test cycle shown in Figure 8-1. Similarly,

the electronic units, power synchronizer, regulators, inverters, power switching and

logic network will go through conventional cycles of fabrication and inspection and test

common to printed circuit board and welded wire module fabrication. These units will be

tested and developed as individual components and their performance will be evaluated and

assured before they are used in the subsystem.

E° Test Methods

The following potential melthods of performing the spacecraft systems level test of the

solar panels and the electrical power subsystem will be evaluated:

1. Complete performance test of solar panels and electrical power subsystem during
the spacecraft thermal balance, and functional performance test in a vacuum
environment with solar simulation.
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2. Test of spacecraft functional performance and solar panel and electrical power
subsystem performance in a laboratory ambient environment with high quality
artificial solar radiation applied to the solar panels, with temperature control of
the panels provided, and with the panels electrically wired or installed in the
spacecraft.

3. Test of panel performance by radiating the panels with artificial radiation, but
not necessarily matching the solar characteristics of spectral distribution, uni-
formity, intensity, etc. The panel illuminator should illuminate the entire panel
or an integral testable section of the panel with a high degree of uniformity. The
test will identify any gross change in performance of the panel caused by elements
of the array being lost because of open circuits in the solder connections or other
major failures. This test would be designed to be a qualitative test with some
compromise in precise performance data.

4. Performance test and calibration of the solar panels by subjecting the spacecraft
to true solar radiation as seen through the Earth's atmosphere at Table Mountain°

5. Performance check by recording output of the panels when the spacecraft is sub-
jected to ambient solar radiation as seen at the test facility. Emphasis would be
primarily on a qualitative check rather than performance test.

6. Continuity monitoring circuits would provide an indication that the panel to
spacecraft circuit is complete through the connector. It may be possible also to
include some test points on the panel which can be used to monitor panel circuit
continuity. A limited number of connections can be monitored by test points
brought out remotely.

An analysis of these test metho2s was made. The advantages and disadvantages of the

various methods are summarized in Table 8-1.

TABLE 8-1. SUMMARY OF ARRAY TESTING METHODS

TEST METHOD

Systems performance test
Space Simulator°

Test with panel solar
simulator°

ADVANTAGES

I. Complete systems tests
including operation of solar
panels in simulated space
environment.

2. Good simulation of
flight mission environment.

3. Operating performance
of panels is obtained°

4. Test conditions are
controllable and repeatable.

1. Good solar simulation
with good test control.

2. Cost of test can be lower
than that of complete thermal-
vacuum test.

3. Can be used to perform
a complete spacecraft
systems test with spacecraft
powered from solar panels.

4. Same test equipment can
also be used in assembly and
subsystem testing.

DISADVANTAGES

1. Facility limitations.
Total test cost is high.

2. Limited performance
monitoring instrumentation.

3. Limited accessibility.

4. Handling of spacecraft
and solar panels is difficult°

1. Cost of test equipment
give good solar simulation
will be high.
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TABLE 8-1.
TEST METHOD

Panel"illuminator"

Test at Table Mountain

Natural ambientsolar
radiation exposure.

Use of panel simulator,

Use of continuity
monitoring circuits.

F. Recommendations

1.

8-22

SUMMARY OF ARRAY TESTING METHODS (Cont'd)

ADVANTAGES

5. Good performance test
data can be obtained with
repeatable results.

1. Low cost of construction
of test equipment°

2. Portable, can be used
in separate areas; convenient.

3. Adaptable for use in the
field.

4, Can be used to perform a
complete systems test with
spacecraft powered from
solar panels.

5. Can be designed to
irradiate a "section" of the
panel at a time thus making
a simple, low cost test set.

1. Solar source of known
characteristics.

2. Good method of calibrating
output of solar panels.

1. Requires minimum test
equipment to test panels.

2, No restriction on
accessibility to spacecraft.

1. Simplified test.

2. Reduced handling of solar
panels.

3. Simulator can be versatile.

1. Requires minimum
test equipment and facilities.

DISADVANTA GES

1. Test results are
qualitative rather than
quantitative.

2. Danger of error in
output results if panel
temperature is not maintained°

1. Impractical as systems
tests; will be test of panels
alone.

2. Test facility is remote.

3. Testing is dependent
upon weather.

1. Dependent upon weather,

2o Test will be of value
primarily as qualitative
test of panels, rather than
spacecraft performance
test.

1. Incomplete test; not a
systems test. This is
primarily a test tool used
to power the spacecraft
rather than use panels
stimulated by solar
radiation or simulated
solar radiation.

1. No performance data,
will merely establish
continuity of portion of the
overall panel to spacecraft
circuit.

2. Additional weight,
complexity.

Perform "operational" type test of solar power subsystem as part of the

_ys;_mst_st_a:hes_at_c_cCa_nlPsl_tewe_e_rmmanC:_ep_elsin?lude a compatibility

2, Use panel solar illuminator test set to perform evaluation of output characteristics.
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An "operational" type test for the spacecraft acceptance test is recommended based on the

amount of work that has been accomplished in the cycle prior to the spacecraft accep-

tance test. Performance of the cells will have been established in acceptance test, the

submodule assembly will have been performance tested under calibrated and closely

controlled conditions on a 100 percent sample basis and the complete panel will have been

performance checked at Table Mountain or under a good artificial source of known char-

acteristics compared to the zero air mass sun. Additionally, the development program

(and past flight and test performance data) will provide confidence that the unit will

operate successfully. Environmental tests will have established that the panels will

perform dependably through the expected flight environment.

This background of information and data will have established the performance expected

during the test cycle and in subsequent flight. Because of this information, the need will

be to establish _ in performance of solar panels during the systems tests, rather

than to accomplish a detailed performance evaluation. As long as the test inputs are

known, controllable and repeatable, the change in performance during system acceptance

testing can be established.

To measure this change in performance the method of test recommended is a panel solar

illuminator. The test unit can be designed with calibrated tungsten lamps, with controlled,

operating voltage and with good uniformity of output. Solar panel output will be verified

as a test during the systems acceptance test cycle. Results from this test will be

correlated with the panel calibrated performance test at Table Mountain, or by using

some other test standard. Any changes in output will be detected.

This same panel tester will be very valuable for the solar panel level (subsystem or

assembly) of testing. It will be valuable in establishing change of performance occurring

as a result of environmental test. It can provide the required data on change in perform-

ance and at a reasonable cost.

The panel tester should be designed to be portable so that it can be used in the various test

areas. It can be used to perform the final check of the electrical power subsystem in
the field.

After compatibility and overall performance of the solar panel and electrical power sub-

system has been established, any extensive spacecraft performance testing will be sup-

ported with the panel simulator as prime spacecraft power supply, rather than the prime

spacecraft solar panels themselves.

It is desirable to operate the entire spacecraft for a brief mission profile test with the

spacecraft powered by the flight solar panels. This can be accomplished using the solar

simulator panel tester or the simpler panel illuminator to irradiate the panels. If this

equipment is not available, a simple test with the entire spacecraft out-of-doors in ambient

solar radiation should be performed° The test would be a gross performance test, but

it would prove compatibility of panels with spacecraft and it would show up any tendency

of the panels to pick up RF energy or other EMI. This test would also show up other

noise or interface problems that had not been previously identified.
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8.2o 5 TEMPERATURE CONTROL SUBSYSTEM

A. Test Problem

This section deals with the need for testing the temperature control subsystem during the

spacecraft flightacceptance test°

A thermal test of each flight spacecraft should be performed as part of flight acceptance

test to obtain verification of thermal control performance of flight hardware assemblies°

The assumption must be made that there are elements in the spacecraft system whose

performance is uncertain. These could arise as a result of:

1. Incomplete or Inadequate Developmental Testing

The physical development of a spacecraft system is usually preceded by the development

of an analytical model. For purposes of discussion, let us define this as a mathematical

equation or set of equations that describe the behavior of a physical system when subjected

to boundary conditions usually exemplified by external environments. In the area of

thermal control, the validity of the results of these analyses is very dependent upon the

accuracy of such input data as:

a. Thermal properties (such as conductivity, specific heat or capacitance, density,
latent heat of vaporization or sublimation, etc. )

b. Dissipative heat loads of newly developed electronic equipment, endothermic or
exothermic chemical reactions, nuclear thermal processes, etc.

c. Magnitude of heat transfer mechanisms such as conductance across interfaces

in a vacuum and through multilayer superinsulations.

do Thermal radiation between surfaces describing complex geometries.

eo Absorptivity or emissivity of coatings exposed to thermal radiation energy

sources of different spectral content and differing angles of incidence.

To resolve the uncertainties of this type of data requires extensive testing, preferably

through small scale laboratory experiments where variables can be separated on an

orderly basis and each process can be fully evaluated. This should be followed by

component and subsystem tests for the evaluation of interface factors that may influence

the performance of individual elements. This is particularly true where transient phe-

nomena are involved and where thermal properties that are temperature dependent must

be measured over a wide range of thermal parameters. However, spacecraft programs

have been habitually plagued with schedule and cost limitations that discourage such a

complete round of testing. The thermal systems test then becomes an important milestone

where a final check is obtained on all the elements, known and unknown, that may adversely

influence the performance of the spacecraft.

2. Uncertain Performance of Components When Combined into a System

Several examples of spacecraft component failures during flight have been reported be-

cause of unpredictable system performance. A case in point involved a battery for an

earth satellite that was supposed to function at a nominal power setting in which internal

heat generation was estimated to be equal to 10 watts. In flight, however, the power

requirements during one phase of the flight resulted in only four watts of thermal dissipation

by the battery, resulting in a failure by freezing. The battery had been tested ade- _-/v}
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quately and its thermal characteristics were well defined. Thermal control design was

based on these characteristics and estimated system performance that dictated the

amount of power required from the battery. Apparently, estimates and test measurements

of the power requirements of individual electronic components did not accurately reflect

the overall performance of these components when combined into a system. Tolerances

could conceivably have added up in one direction even though the probability of this type

of experience occurring may be very small theoretically. The trouble arises when the

analytical models, whether statistically derived or otherwise, are not applicable to the

actual performance of components when combined into a system. There is a tendency to

construe most performance factors to have variations that can be described by normal

or Gaussian distributions. This often coincides with much of the observable data on

natural phenomena, and is the theory usually siezed upon when insufficient data is avail-

able, or as a first order approximation of anticipated variations in the performance of

many equipments. However, electronic equipment is fraught with anomalies that can

often result in unexpected performance, particularly in the area of power consumption

and heat dissipation. This type of data would not reveal itself during developmental test-

ing of an engineering thermal model where much of the electronic equipment is simulated

with electrical heaters having predetermined heat dissipation rates. Considering the

expense that is usually entailed in the development and launch of space vehicles, it is wise

to perform a thermal system test of actual flight hardware under operational conditions

in simulated mission environments.

3. Insufficient Experimental Data to Accurately Determine Variations of Thermal
Performance of Structures or Parts

When a new space vehicle is developed, the design of the first two or three flight models

usually has had the benefit of the results of engineering developmental tests, quality

control inspection and evaluation of parts and part failures, and possible qualification

systems tests where a prototype vehicle has been exposed to a range of extreme en-

vironmental stresses while undergoing performance measurements. On the systems and

subsystems level, and often on the components and parts level, the available performance

data is predicated on single sample tests. It is very unlikely that contract funds would

be provided to perform a series of test programs of the magnitude that would provide

reliable statistical data in order to predict the performance variations of each newly

constructed spacecraft. It is well known that heat transfer across joints in a vacuum is

influenced by many variables that are difficult to control if customary fabrication

techniques are used. Contact pressure, flatness of mating surfaces, distortions due to

thermal expansion, residues of foreign materials and the like can significantly change

heat transfer coefficients across bolted, riveted and other non-welded or non-brazed

joints. Similar problems exist for sensitive thermal radiation coatings, particularly

those with very high solar reflectance, if they are not protected from contamination by

dust, oil vapors, oxidation and the like. Until sufficient data has been obtained for

accurate prediction of performance data of production spacecraft, it is advisable to con-

sider running tests of individual systems.
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In summary, thethermal systemstest shouldbedesignedto provide:

a. Verification of the performanceof thermal control systems in accordancewith
specifications.

b. Dataonsubsystemandcomponentpowerrequirements andheatdissipations so
that moreprecise statistical analysescan bemadeof the variation of these
parameters with eachnewsystem.

B. Test Approach

1° Thermal-Vacuum Test

There are several principal approaches to thermal systems tests that can provide useful

information about flight performance. One method is to place the flight spacecraft in

an accurately simulated thermal environment and measure its thermal control perfor-

mance while operating all the equipment in accordance with mission specifications. This

type of test can obviously be combined with observations of the system performance

characteristics. What constitutes an adequate simulated environment is a major subject

in itself, and is discussed in some detail in the section on space simulation facilities.

2. Temperature Extremes Testing

Another approach is to subject the flight vehicle to extreme temperatures as predicted by

analysis and earlier engineering developmental tests and then measure all the critical

performance parameters of the spacecraft system. A thermal-vacuum chamber is required

for this test, but energy sources for controlling the spacecraft temperatures can be

considerably simpler and cheaper than in the former case where the thermal environment

in space is being simulated. Also, the assumption must be made that accurate predictions

of spacecraft temperatures during space flight are available. This situation may exist

after a few flight models have been tested under the more exacting conditions of a

simulated space environment, so that subsequent vehicles can be tested by procedures

synonymous with flight proofing programs.

3o Thermal Scale Modeling

As space vehicles increase in size to the point where existing thermal-vacuum chamber

facilities are too small to accommodate full scale models, interest in the prospects of

utilizing reduced scale models has intensified. This approach has been further encouraged

because of the extremely heavy expenses entailed in the design, construction and operation

of large test facilities with solar simulation. Still larger facilities would only escalate

these costs° The Jet Propulsion Laboratory and Marshall Space Flight Center, as well

as several independent spacecraft contractors, have initiated study and test programs to

determine the feasibility of testing small scale models as a means for predicting the thermal

behavior of prototype and flight hardware. The Spacecraft Department of the General

Electric Company has performeci experimental programs in which different sizes of

similarly configured test vehicles were tested in a simulated space thermal environment.

These models were designed to represent cryogenic propellant storage vessels for long

life space mission applications. A detailed description of these tests and an evaluation of

the test results are available in Reference 8. The primary objective of this program was
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to verify experimentally the calculated thermal performance of insulated cryogenic tank-

age in space, based on an optimized analytical model. By varying the size, it was possible

to correlate the effects of scaling also. It was noted that agreement between theoretical

and test data improved with the larger models.

In another program, a small scale model of a solar probe vehicle was tested at eight

solar constants to determine steady state thermal performance of the instrument com-

partment and sun shield. Unfortunately, this program was limited in scope, and a larger

scale model was not tested for purposes of comparison.

In principle, thermal scale modeling or similitude relations can be obtained by comparing

the general differential equations governing heat transfer within a prototype system to that

of a model. The corresponding equations for the model are made similar to the prototype

by making each related variable and coefficient proportional. The proportions are identified

as scale factors and are by their very nature dimensionless. Another approach is to

examine the specific or particular equations which describe the behavior of a prototype

system and by use of a technique such as the Pi (_) Theorem obtain the dimensionless

ratios or scale factors. Both methods arrive at essentially the same conclusions although

the results from the differential equations are more general.

It is not, however, the intent of this study to present the thermal similitude relations

applicable to spacecraft since these are adequately covered in the list of references.

At this embryonic stage of development, thermal scale modeling has many apparent

limitations as a substitute for flight proof systems tests. All the questions that were

raised in the discussion above relating to component and subsystem heat dissipation

variations, structural variations in joints and fastening devices, which influence the

magnitude of heat transfer paths, material thermal properties variations, etc. are not

answered through the employment of scale models. To the contrary, small scale models

usually require different materials than those used in the prototype, and often require the

construction of model components and parts based on theoretically predicted thermal

performance rather than test data. The inherent variations in the model may pose as

many problems as those in the prototype, and could easily provide misleading information

about the performance of a full scale flight vehicle.

Presently, thermal modeling offers some promise as a useful tool during the design-

development phase where broad configurational data is required to ascertain the thermal

interaction between a spacecraft and its external environment. Its application beyond this

point should be carefully analyzed and questioned, especially in the area of new spacecraft

designs where inadequate statistical data exists about component and subsystem per-

formance.

C. References to Section 8.2.5

1. Jakob, M. "Heat Transfer" Vol. I, John Wiley, New York, 1949 p. 323.

2. Duncan, W. J. "Physical Similarity and Dimensional Analysis," Edw. Arnold Publ.
London, 1953.

3. Katzoff, S. "Similitude in Thermal Models of Spacecraft," NASA TN-D-1631, April,
1963.
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4. Jones, B. P.,"Thermal Similitude Relations"- Journal of Spacecraftand Rockets,
AIAA Vol. 1, No. 4, July-August, 1964.

5. Vickers, J. M. F., "A Studyof Thermal ScaleModelingTechniques," JPL-Tech
Memo- 33 - 153,September30, 1963.

6o Fowle, Gabron, Johnson;"Thermal ScaleModelingof Spacecraft, An Experimental
Investigation" A. D. Little Inc., C-64-929, June, 1963.

7. Lankton, C. S. "Solar Probe Thermal ModelTest," GE-PIR 9734-M95-327,November,
1963.

8. "Propellant Storability in Space," TechnicalDocumentaryReport No. RPL-TDR-64-75
June, 1964,Final Report. Prepared by SpacecraftDepartment, GE Companyfor
RocketPropulsionLab, R&T Div., AFSC, EdwardsAFB, California.

8.2.6 LANDER AND DELIVERY SYSTEMS

A. General

As noted in the Summary (Section 3), this study was not concerned with the detailed

definition of the spacecraft or its mission. Consequently, the Mariner C spacecraft was

referred to as being indicative of the Bus portion of the spacecraft, and the entry vehicle

described in GE's Mariner B Entry Vehicle Study was referred to as being indicative of the

Lander. It seems reasonable to assume that neither of these references would represent

the present-day concept of the Bus and Lander that will comprise the spacecraft launched

in 1969 toward Mars. This is a simple recognition of the fact that goals change and

concepts of hardware to satisfy these goals also change.

The entry vehicle study acknowledged that sterilization presented one of the major

constraints upon the program. It influences design, manufacturing and test to an extent

that is probably not fully appreciated even today. The effect of sterilization is the subject

of intensive study. As of now, the general trend is toward a heat sterilizable system that

is fully assembled with all of its components during the sterilization. The degree to which

this approach must be modified to accommodate such components as pyrotechnics has not

as yet been determined. To some extent, the designer is looking to the people who are

studying sterilization to come up with a method that will allow him to use pyrotechnics as

he now knows them, and the people looking at sterilization are depending upon the designer

to find components that can withstand the heat of sterilization without degradation. In the

search for a middle ground, test must certainly be considered. Until the middle ground

is defined, test cycles must be viewed as tentative.

In the Mariner B entry vehicle study, the effects of sterilization on the system was

considered to some degree. Section 6. 1 of that document has been included as Appendix G

in this report. Design, manufacturing and test problems are discussed, and a proposed

test flow plan is included. This plan was predicated on certain assumptions such as

sterilization in the field.

The test flow plan contained herein was predicated on factory sterilization in accordance

with JPL's request. The flow plan is also influenced by the design of the entry vehicle,

which includes a minimum of instrumentation for check-out. The concept of sterilization

currently being discussed wherein the fully assembled vehicle is sterilized within its
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barrier and is not opened subsequently isnot compatible with thisbare minimum

approach. A hardwire testplug arrangement (with the accompanying auto-disconnect

within the barrier) would be required or additionaltelemetry capabilitymust be provided.

Since neither were included in the design, the testplan is based upon making detailed

performance testswhile disassembled intomajor subassemblies.

B. Test Plan

The System Flight Acceptance test must provide assurance that the delivered Lander is

ready for flight and will perform as required. This flight worthiness can be established

for many parameters; however, the extensive use of pyrotechnics in the Lander coupled

with destructive environments seen by the Lander prevent complete testing at the flight

acceptance level.

Flight Acceptance testing can insure that signals supplied by the spacecraft will initiate

the Lander sequencing events and that these events will occur at the proper time. These

tests can also verify that the Lander, when fully assembled and mated to the spacecraft,

is functionally capable of supplying the power required to activate batteries, squibs and

disconnects and that all redundant circuits are fully operational. Telemetry capability can

also be established. Rockets and squibs, however, must be simulated and although para-

chutes and ablative shields are utilized, they see little testing in the system flight accep-

tance test.

Heavy reliance must be placed on the engineering development tests, especially in the

areas of "one-shot devices," prolonged space exposure, separation, retardation and impact

survival. It should be noted that the inability to fully operate the flight vehicle at the

system level should dictate increased emphasis on vendor surveillance activities, in-

process inspection, batch sampling of pyrotechnics, etco and other aspects of quality

assurance.

The suggested flight acceptance test plan for the Lander follows the same basic philosophy

as is outlined for the Bus. The mission sequence results in separation of many of the

capsule subsystems during the entry portion. This design feature permits easy access

during the system test. All mission profile or functional tests are performed with the

Lander disassembled to the subsystem level and interconnected electrically. By conducting

the mission profile tests in this manner, troubleshooting is greatly simplified and pyro-

technic simulators, through the elimination of space restrictions, can be readily utilized.

It is almost impossible to conduct a mission profile test of any meaning with the Lander

fully assembled due to the lack of instrumentation. The large number of squib actuated

devices, such as explosive bolts, batteries, reefing line cutters, etc., all require

simulation with the resultant addition of test simulator and test cables to the Lander interior.

In addition, circuits must be interrupted manually to simulate separation and the experiment

package must open to deploy its antennas and experiments. These facts, coupled with the

need for troubleshooting in the Lander interior, dictate that the majority of system testing

be conducted with the Lander disassembled to the subsystem level and interconnected

electrically.
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Weight and balance measurements and vibration and thermal-vacuum tests are conducted

with the Lander fully assembled.

As stated above, another design approach may be required wherein the Lander system is

assembled and left in the assembled state during the remainder of the sterilization and

test program. For this write-up, it was assumed that disassembly would be required

during the sterilization process. As sterilization techniques are developed, this assump-

tion could be altered°

In establishing the acceptance test plan, the long time span between the initial Lander

checkout and its ultimate flight operation was taken into consideration. It is recognized

that system degradation could occur during this period. However, previous experience

has showed that ground storage of entry vehicles for periods of up to one year has

resulted in no detectable degradation of electrical performance. As was noted previously,

the Lander contains a number of one-shot items that cannot be tested at the system flight

acceptance level. Of these, the pyrotechnic, squib actuated batteries and the ablation

shield are potentially the weak links in the system. The batteries and pyrotechnics will be

affected primarily by prolonged space exposure and represent problems that must be

resolved during the development test. On some previous programs, ablation shields have

been the source of problems in storage but they are primarily design and development

problems, not inherent problems with shields.

It has been assumed that adequate test points will be provided through the inflight dis-

connect to permit qualitative Lander testing after sterilization while in its protective shell.

Inadequate test points would prevent detection of failures occurring in the last phase of

factory testing, during transportation tothe field, or in field test. The proposed test

cycle is shown in Figure 8-2.

C. Test Equipment Compatibility

Purpose of Test

Detect and isolate discrepancies in test equipment, cabling and test procedures prior to

starting the system test. In instances where different test equipment is used at the sub-

system and system levels it may be necessary to repeat certain phases already performed

at the subsystem level.

Test Description

Functionally operate each subsystem at ambient conditions utilizing the system test equip-

ment. In these tests all explosive devices or one shot devices should be simulated, al-

though flashbulbs, fuzes, etc. can be utilized as squib simulators, it is usually desirable

to use SCR circuits designed to actuate within definite tolerances and which produce wave

forms (current, voltage, transient spikes, time duration) closely resembling the output of

the item being simulated.

In items such as squib activated batteries, battery curves obtained during component

qualification testing should be simulated. The use of power supplies as battery simulators

disregards the batte_] characteristics during and immediately following activation and

should be avoided unless appropriate circuitry is included to provide proper compensation.
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Do Electrical Mate Test

Purpose of Test

Determine system performance with the subsystems electrically interconnected.

Test Description

The Lander subsystems are electrically connected utilizing test cables. The Lander it-

self, however, is not mechanically mated and assembled. Again all pyrotechnics and

one-shot devices are simulated. Initial circuit resistance values are measured,

detectors and sensors are simulated, their output determined, and all redundant circuits

checked. Each side of the redundant circuit is tested individually and then retested with

both sides interconnected. Redundant circuit testing may require that certain cables be

disconnected but testing at this time is necessary to verify that an effective redundant

circuit does exist.

In the complete mission profile test, the command signals originating from the Bus will

be simulated in proper operational sequence maintaining these signals at the nominal

value specified at the interface. (The actual flight time between events is not important

for these tests. ) By simulating certain events the Lander will sequence through all

events. During the test, the use of high speed recorders to determine voltage, current

and time duration of all events will provide diagnostic data for use in the event of test

failure and for comparative purposes with subsequent tests. Complete data reduction of

the high speed recorder data will aid in the detection of subtle interactions between

vehicle events of transient conditions not normally found by conventional monitoring

devices. The vehicle will be hardwired to the ground station and all telemetry events

will be monitored. It should be noted that in order to obtain full diagnostic data it may

be necessary to repeat certain events. As an example, a timer may be cycled and the

timer output signals measured for wave shape. The test would then have to be repeated

using the timer signals to initiate vehicle events.

The mission profile test of the experiment package will be performed in a thermal-vacuum

chamber. This portion of the test will require complete operation of the experiment

package in a simulated twenty-four hour Mars mission under Martian environmental

conditions of temperature and pressure and, if necessary_ in an atmosphere of Martian

composition. Development tests should be used to determine whether a simulated

Martian atmosphere is required for this testing.

Upon completion of the mission profile tests with the Lander and the experiment hard-

wired to the ground station_ VSWR tests would be conducted to verify antenna operability.

Then the mission profile test would be repeated; this time_ however, the Bus would be

utilized to receive the capsule telemetry to insure Bus/Lander compatibility.

E. Mechanical

Purpose of Test

Verify that the vehicle can be assembled using planned assembly procedures.
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Test Description

Assemble the complete vehicle including a dummy pyrotechnic package and the sterilization

shell. All explosive devices should be replaced by mechanically similar dummy units. In

the case of retro rockets, actual expended rocket cases are usually available, after the

development tests are completed, and can be ballasted to provide the proper weight and

center of gravity. After the vehicle is fully assembled, an electrical interface test

should be performed. This is a non-operational test performed through the inflight

disconnect and is restricted primarily to monitoring of the Lander continuity loop and

turning "on" Lander equipment. The interface test will verify that th_ electrical circuits

have been completed during assembly.

F. Pneumatic

Purpose of Test

Verify that the sterilization shell is capable of maintaining pressure at the required level.

Test Description

Pressurize the sterilization shell to a pressure greater than room ambient with the pres-

surizing gas plus a helium or halogen tracer. The amount of leakage permitted will de-

termine the method of detection - possibly a Halogen leak detection test.

G. Vibration

Purpose of Test

Vibration tests have been used to uncover manufacturing and assembly faults. As pro-

posed herein, the Lander system will be disassembled to some degree several times

during the remainder of the test cycle. This negates the assembly fault aspect of the test.

If conceived and executed in the ideal way, the component acceptance tests would eliminate

manufacturing faults. Lacking assurance that this is or will be the case, a vibration test

at flight levels is suggested prior to the start of the sterilization process due to the dif-

ficulties of making replacements after this point.

Test Description

Subject the assembled Lander to a vibration test in all three axes. The Lander will not

be operated during the test. Upon completion of the vibration test repeat the electrical

interface test conducted during the mechanical mate, disassemble the Lander to the sub-

system level and repeat the mission profile test. Degradation of Lander performance can

be detected by comparing these data with pre-vibration data.

H. Thermal-Vacuum

Purpose of Test

Provide a functional test of the Lander in an environment similar to that seen during the

transfer trajectory.

]7/
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Test Description

Place the electrically-mated vehicle in a thermal-vacuum chamber. Install live squibs

in the system in place of the squib simulators. Reduce the temperature and pressure in

the chamber to simulate the environment existing at Lander separation. Power is applied

to the Lander through the in-flight disconnect. After a soak and stabilization period,

simulate separation by providing separation signals and activating the separation switches.

During these tests the capsule will be exercised following the flight sequences. These

tests will include the firing of the squibs and small pyrotechnics to insure that the design

is capable of accepting and firing them. This test is recommended unless exhaustive tests

on development PTM units have thoroughly evaluated the pyrotechnic activated mechanisms

on the flight spacecraft. The Lander will be functionally operated through its normal

sequence of events through planet entry, and the test will be terminated just prior to the

simulated impact. (Testing of the experiment package was completed during the electrical

mate tests. )

Upon conclusion of the thermal-vacuum tests, the Lander will be removed from the

chamber. Squib simulators will be installed in place of the expended pyrotechnics and the

mission profile tests of the capsule, including the experiment package events, will be

rerun. A comparison of pre-thermal-vacuum and post-thermal-vacuum test data and event

data will reveal any degradation of capsule performance.

I. Weight and Balance

Purpose of Test

To determine the weight, center of gravity and moments and products of inertia. These

parameters relative to the Lander are desired for making calculations and evaluations of

entry performance. Experience indicates that calculations are sufficiently accurate to

reflect changes in the vehicle, such as the replacement of a component.

Test Description

The fully assembled Lander will be used° The weight, center of gravity and the moments

and products of inertia will be determined. It is essential that the design incorporate

features that allow disassembly and assembly without negating the validity of this test.

Tests on the developmentunit (PTM) should verify the effectiveness of these features.

J. Sterilization

Purpose of Test

To sterilize the Lander.

Test Description

All manufacturing and testing will be performed in clean rooms (class 10,000 or less). It

is assumed that the sterilization treatment of the Lander will conform closely to that

outlined in Voyager Design Study, Volume V, _terilization, 15 October 1963 by General

Electric, Document Number 63SD801. This document stresses the importance of reducing

the organism and dirt load at all possible steps and makes the use of clean rooms manda-
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tory. There will be a continual series of heat sterilization cycles as the components are

assembled, coupled with surface cleaning using ethylene oxide to reduce the organism load.

Biological bags may also be utilized to further control the cleanliness. Ultimately the

Lander will be sterilized as a unit. This will occur after a portion of the system testing

has been completed. The actual sterilization process will include a heat soak at 135°C

for 24 hours in a chamber utilizing a positive interior pressure to eliminate leakage

induced contamination. This presupposes that the components will be capable of with-

standing this sterilization cycle.

Potential problem areas with respect to repeated 135°C terminal sterilization are:

1. Liquids and Gases

Filtration is not currently considered to be an effective method of sterilizing gases and

liquids to the degree desired. Tank weights will increase appreciably if heat sterilization

with the spacecraft remains the only alternative.

2. Batteries

Material considerations indicate that thermal sterilization of batteries is feasible at the

present time with nickel-cadmium cells. However_ the effects upon their operating life

have not yet been fully established although some testing is in progress.

3. Parachutes

Tests are being conducted on materials for parachutes, but the amount of testing that

duplicates the actual storage condition of a parachute during sterilization has been limited.

4. Electro-Explosive Devices

Sterilization is a new field to the explosives and device manufacturer. Several organiza-

tions are now marketing, or preparing to market, devices that are claimed to meet the

thermal requirements for sterilization. Reliability data (after thermal soak and an ex-

tended dormancy period) is inadequate.

5. Heat Shield

Existing data on re-entry heat shield materials indicate that Phenolic nylon is marginal

for thermal sterilization at 145°C. Modified silicone foams, designated ESM-1000 series

materials may be used.

After factory sterilization the components not heat sterilizable are assembled into the

remainder of the Lander. Assembly must be accomplished under sterile conditions. The

Lander is then encased by the sterilization shell.

Lander sterilization is shown as occurring prior to shipment to the field in order to

conform to customer requirements. Serious consideration should be given to the advantages

of conducting a terminal sterilization at the field test facility. The sterilization shell will

prevent any effective troubleshooting or replacement of defective Lander units unless it is

returned to the sterilization chamber and the shell removed. Since the Lander will under-
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go thermal-vacuum tests in the Bus after sterilization, extensive test delays will occur in

the event Lander malfunctions are encountered.

K. Post-Sterilization Performance

Purpose of Test

Verify that the Lander was not degraded by sterilization.

Test Description

While in the sterilization chamber, perform a complete mission profile tesL Next,

assemble the Lander, install the sterilization shell and conduct an interface test.

During assembly, a stringent inspection should be performed since the lander will not be

disassembled prior to flight unless a failure occurs. Particular attention should be given

to connector pin alignment and mating, minimum bend radius of cables and shield condition.

Ultrasonic tests may be required on the shields to detect inadequate bonding.

L. Bus/Lander Compatibility

Purpose of Test

Provide verification that the Lander can be physically mated to the Bus, that the Bus

provides proper signals, and that the Lander signals are received by the Bus.

Test Description

Physically mate the Lander in its sterilized shell to the BUs. A dummy pyrotechnic

package should also be included. Verify the presence of continuity loops, heaters, etc.

and activate Lander equipment controlled by the BUs. The telemetry compatibility between

the Bus and Lander was verified during the electrical mate tests and will not be tested at

this point.

M. BUs Vibration and Temperature Vacuum

Upon completion of the preceding tests the capsule continues to be tested, however now

as an integral part of the BUs. These tests are discussed in Section 5.4°

8.2.7 SPACECRAFT/LANDER SEPARATION

A. Test Problem

The testprogram must verify thatseparation between the spacecraft and the Lander can

be achieved and thatno damage will be incurred during separation, that the Lander main-

tainsproper attitudeduring separation, and that adequate spin rates are achieved at the

desired time to permit successful entry. The testprogram must demonstrate the capability

of proper operation of the separation subsystem after 280 days of exposure to outer space.

B. Flight Acceptance Tests

Flight acceptance tests of the Lander would be limited to verification of circuit operation

through a series of functional or mission profile tests and an actual mating test. The

circuit verification tests would utilize simulators in place of live squibs and would be

jT'/
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conducted at three voltage levels - maximum, minimum and nominal supply levels - as

dictated by design engineering. Primary objectives would be to determine proper circuit

operation, circuit resistance, sequence timing, existence of transients or spikes, and

complete operation of the redundant circuits. In addition, the czp sule would be mated using

normal assembly procedures and then demated to ensure physical compatibility. In the

event that springs or other non-destructive devices are used to achieve the required

separation force, the acceptance test would include an actual separation test, probably

utilizing a pendulum supported Lander to minimize the gravitational effects. The separation

test would include separation of the inflight disconnect if a non-destructive disconnect

were used.

Normal inspections would be performed after each test; however, particular emphasis

would be placed on spin nozzle alignment. The alignment is critical and should be checked

on a surface plate after any test that could physically alter the alignment such as vibration,

mating and separation.

C. Development Tests

The development tests must be relied upon to supplement the flight acceptance tests, that

is, to provide verification of system performance in areas that cannot be verified at the

flight acceptance test level. Typical among these are system operations in which live

rockets and squibs must be expended after prolonged exposure to outer space. In establish-

ing a separation verification program, the following approaches could be considered:

1. Flight Separation Test

Conduct a complete flight separation test to demonstrate the operability of the separation

system. This would require the firing of all squibs and rockets during an actual flight.

Testing of the separation system by piggy-back flight will undoubtedly come the closest

to duplicating the actual flight environment. Tests of this type, however, are also costly

and time consuming. A series of tests could be conducted using a booster modified to

incorporate an interface structure identical to the Bus/Lander interface. The Lander

itself would be separated during flight, spun up by the spin rockets and then boosted by

the Lander boost rocket. Event verification would be achieved by Lander t elemetry and

the use of high speed cameras. Although actual flight conditions are duplicated for a short

time it appears that there are few advantages to a test of this type.

There are several specific areas in which failures might occur, in addition to the strict

mechanical interference between the mating interface structure, which are not evaluated

by the above test. They are:

a. Inability of the pyrotechnics to fire properly after prolonged storage in space.

b. Early or delayed firing of explosive bolts resulting in failure to achieve separa-
tion or pertubated altitude of the capsule.

c. Damage from shrapnel resulting from the use of a shaped charge.

In reviewing the above it appears that the effects of prolonged storage in space and the

ability to physically inspect the capsule after test are of paramount importance. Both



of these conditions would be difficult to obtain in a flight test. These facts coupled with

the cost of such a program virtually eliminate a flight test from consideration.

20 Tower Drop Test

Conduct series of operational drop tests from a tower to achieve the effects of a reduced

g field.

This test involves the use of a high tower such as the 185 foot drop tower at Albuquerque,

New Mexico, a structure physically simulating the Bus interface, and a boilerplate

Lander incorporating a near prime separation system. The Lander could be oriented in

the nose down position to eliminate side gravitational forces and released (Actual separation

would be achieved by simulating Bus separation signals through the inflight disconnect. )

As the Lander falls its internal circuitry would actuate the spin rockets. A net or, more

probably, a styrofoam blanket could then be used to catch the vehicle. Extensive use of

high speed cameras can be used to determine how separation was achieved, Lander

attitude, and spin rate. A physical inspection would reveal any damage at the interface

as a result of separation. (If a shaped charge was used rather than ejection pistons, it

would also be desirable to measure the shock pulses at the interface. )

The primary advantage of a drop test would be the ability to record the effect of separation

and the spin rockets on Lander attitude.

30 Vacuum Test

Perform separation event in an vacuum chamber to determine spin rate on an axle-supported

fixture°

In this approach two separate tests are conducted° The first consists of a Bus interface

structure and a Lander, both suspended horizontally, pendulum fashion, in an altitude

chamber. After a twenty-four hour soak period at thermal-vacuum conditions approaching

those of space, the separation system would be activated° High speed cameras would

record the effect of separation on the BUs and capsule attitude. A variation to this approach

that could be considered is to separate a vehicle from a rigidly mounted interface structure

allowing the Lander to fall into a net. The first method is preferred, however, since it

will provide a more realistic indication of the effects of separation on capsule attitude°

Spin-ups of the capsule would be achieved by supporting the Lander on an axle bearing test

jig and actuating the spin rockets. Since spin rates are generally not critical, testing

would not have to be performed in an altitude chamber.

4o Subsystem Tests

A lower level of testing than those previously discussed would be to test at the subsystem

level° Extensive testing of the electrical separation subsystem could be conducted utilizing

breadboards including prolonged storage in a small thermal-altitude chamber with squibs

installed. Firing tests and no-fire tests in the chamber would provide verification of the

subsystem operability. Physical separation between a fixed interface and the Lander

would be determined at ambient conditions, r_
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D° Summary

In summary it appears that a combination of the above tests will permit the most realistic

evaluation of the separation subsystem. By conducting a series of breadboard tests of

the separation circuitry including activation of squibs after storage in a space environment,

the ability of the circuitry to perform as required could be evaluated. The spin rate

could be determined with anaxle bearing test. Since the spin rate can vary considerably and

still be adequate for stabilization, and the change in Lander attitude imparted by the spin

rockets is a function of physical placement, this test should be adequate. The actual

separation should be performed in a simulated space environment to evaluate the effects of

this environment.

8o 2o 8 CAPSULE RETARDATION AND SURVIVAL

Ao Test Problem

How do we verify that the capsule will be decelerated sufficiently after entry to permit

post-impact survival? The parachutes must be deployed at the proper time, dereefed, and

then ultimately separated entirely from the capsule. The heat shield must be released and

transmission of data must occur. Finally the capsule must withstand the impact shock

and attenuate the shock to a level tolerable by the experiment package.

B. Flight Acceptance Test

The flight acceptance tests would be confined to circuit verification and capsule trans-

mission tests. The parachutes, shield and squibs are all considered one-shot items and

cannot be tested at the system level without being degraded or destroyed. The capsule

itself falls into this category when attempting to verify its ability to survive impact. As

a result circuit verification tests using squib simulators would be used to establish proper

sequencing of events by the timers and programmers. Again, as in the separation tests,

the presence of spikes and transient signals would be determined as well as circuit re-

sistance and redundant circuit operation. In addition, the ability of the capsule to transmit

data and the ability of the Bus or ground station to receive this data would be determined.

C. Development Tests

The development tests will provide the only verification that the retardation subsystem will

perform as required and that the capsule can survive impact. It should be noted that these

tests will only verify proper operation to the design requirements and if the estimates of

Martian atmospheric density, gravity, etco are in error the test results may be invalidated.

The following is a series of typical development tests that would be performed:

1. Parachutes

The use of parachutes as a retardation device on an entry capsule is well established. Its

use on a Martian entry capsule, however, dictates a thorough knowledge of the Martian

environment. With this knowledge, testing is relatively straightforward. A typical pro-

gram would include:
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Wind tunnelevaluationtests of scaled modelsof the Lander andparachutesto evaluate
the effect of the wakeon the parachute.
Low altitude balloondrop test of a boiler plate Lander andprototype parachutes to
determine decelerationchuteopeningcharacteristics andto evaluatechuteclusters°
Series of high altitude balloonor rocket boostdrop tests using a simulated Lander of
reducedmassto effect a velocity changeto simulate the Martian atmosphere° The
drop test payloadwouldbe rocket-boostedinto the Earth's atmosphereto obtain low
density/high velocity deployment. The evaluationwould include deploymentconditions,
machnumbers, Reynoldsnumber, and static anddynamic loads. Also includedwould
beverification of structural integrity and system eventsequencing.

2. Impact Survival

Crush-up data and dynamic response characteristics of capsule assemblies would be de-

termined by a series of tower drop tests. These tests would include both nose and side

drops. In addition, several survival packages would be dropped on rocky terrain and

several more on a sandy terrain.
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9. STATISTICAL APPROACH TO TESTING

Various testing,analyses and selectionmethods were used to obtainparts with high

reliabilityfor the Nimco and Advent programs. In the Advent Subsystem there were two

transformer failuresas a resultof initialvibration,thermal burn-in and thermal-vacuum

tests. In similar tests on Nimco, two transistorsand one diode failed. No other failures

were attributedto parts. The Advent subsystems have been subjected to subsequent test-

ing of from 1000 to 7000 hours and only two failureswere attributableto parts.

In trying to analyze thisexperience, itwas concluded thatthe information does not

provide any basis for the establishment of failurerates of electronicparts. About all

that could be concluded was thatthe failurerates of Nimco parts are somewhat greater

than the failurerates of the Advent parts. Further, an analysis of allfailuresoccurring

during the programs showed that the failure rate due to human errors is over ten times

that due to defective parts.

In trying to accomplish a statistical analysis of the data, it is possible to combine the

results of the subsystems tests with the results of the failure rate calculations to arrive

at a new estimate of reliability. This can be done in several ways. One approach is to

use Bayesian statistics as outlined in Appendix B of GE Report DIN 62SD4620. The basic

equation is expressed as follows:

The failure rate adjustment for six months operation of a subsystem, using Bayesian

methods, is

n).tt = ( 1 + m2k) n_'0t
m 2koto + 1

where _'t

Xo
n

t

to
k

m 2

= new failure rate

= failure rate based on parts

= number of parts

= operating time

= mission time

ffinumber of failures in six months subsystem test

= relative weight given to subsystem test

Another method is to make use of Exponential Reliability Tables (Ref. GE Document No.

63SD26). Since the part failure rates are based on actual data, the exponential tables

can be used to determine the smallest number of mission times without failure (50%

confidence level) which would give the part reliability calculated. For example, if the

part failure rate is 0. 6931 per mission, the calculated reliability is 0.50 for one mission.

If the complete system is then operated without failure for a time equal to one mission

then the combination is equivalent to two missions without failure. For two missions, the

table gives a reliability of 0. 707.

Table 9-1 gives the calculated reliability based on both the parts data and the estimated

equivalent mission completed by the Nimco subsystems and vehicles. The values

calculated by the Bayesian method are also given.
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TABLE 9-1.

SIX MONTH RELIABILITY

Parts System
Rel. Incl°

Components N)_ot o Rel. Failures Bayes.

Attitude Control Amp. (Yaw)
IR Scanner (Pitch)
Coarse Sun Sensor Amplifier
Inter-face Connectors

6 MOS.

Power Inverter AC
Shutter Position Switch
Inter-face Connectors

Operation

Rel.
Tables

Power Converter D. C.
Solar Array Drive Amplifier
Inter-face Connectors

0.464 . 63 1 0.53 0.51
0. 135 .87 .89 .89
0. 058 .94 .95 .94

i. 00 1.00 1.00

IR Scanner (Roll)
Attitude Control Amp. (Roll)
Programmer
Inter-face Connectors

0.217

Shutter Position Switch
Attitude Control Amp. (Pitch)
Inter-face Connectors

.80 .84 .84
1.00 1.00 1.00
1.00 1.00 1.00

Two Solar Array Sun Sensors
Coarse Sun Sensor (Fwd)
Coarse Sun Sensor (Aft)
Momentum Pkgs. (Pitch)

IRolll
(Yaw)

IR Scanner #1
IR Scanner #2
Solar Array Pre-Amplifier
Paddle Drive Mechanism
Gyro Electronics Pkg.
Horizon Attitude Computer
Cold Gas Propulsion System

0.141 .87 °88
0.065 .94 .94

1.00 1.00

SUB-SYSTEM RELIABILITY 6 Mo.
1 Mo.

0.136 .87 .89
0.310 .73 .79
0.374 .69 .76

1.00 1.00

0.326 .72 .78
1.00 1.00

.89

.94
1.00

.89

.81

.79
1.00

.80
1.00

0.083 .94 .93 .94
0.025 .98 °98 .98
0.017 .98 .98 .98

1.00 1.00 1.00
1.00 1.00 1.00
1.00 1.00 1°00

0.007 .99 °99 .99
0.007 .99 .99 .99
0.054 .95 .95 .95
0.070 .93 .94 °94
0.430 .65 I .55 °53
1.593 .20 1 .29 .31
.301 .74 4 .31 .24

0.008 7 0°0050
0.45 0.41

0.0043
0.40
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In these calculations, all failures are considered to result in mission failures. This is not

necessarily true. A further assessment of reliability should be made considering only

vital functions and those for which no alternative modes are available.

The above discussion points out the limitations that are encountered in the way that

statistical methods are currently being applied. There are difficulties in obtaining

realistic mean time between failure (MTBF) values for parts and the parts data alone

represents only a minor part of the potential problems which can effect success.

The real goal of a testing program is to find out if the spacecraft is really going to work

(actually, to determine its chances of working). The statistical methods contained in

Section 4. 0 are intended to apply evaluation techniques to the real problems in an effort

to provide hardware with a greater potential for success.

The actual operating performance of subsystems and systems provides the best information

for the reliability determination. To serve this purpose, however, accurate records must

be kept of operating times and conditions, perforr_nce results and complete description

of all failures. With this information, the following statistical analysis techniques can be

employed to evaluate the success assurance of the equipment being tested:

1. For performance, tolerance type, statistics can be employed to evaluate the
measured design margins, and, with a specified quantity of tests, a probability
of success and confidence can be determined. A discussion of the details of
this approach will be found in Section 4. 3.2.

2. For workmanship, the Weibull type distribution can be used to analyze the failures
discovered by test. The evaluated decline in failure rate can be used to predict
the anticipated time of trouble-free operation on the mission. This approach is
described in Section 4.3.3.

3. For life, there will some cases in which the accumulation of actual data can be
used to predict life through the chance failure evaluation. On the other equipment,
experience will be used to determine the possible life and a statistical evaluation
of the environmental conditions will demonstrate the probability of an acceptable
environment existing. The description of this approach appears in Section 4.3.4.

There appears to be a valuable role for accelerated life testing to play in the single unit

reliability evaluation. Such testing would assist in the recognition of trends and could be

used to more realistically identify design margins. The application of such an analysis

and the identification of the appropriate statistics have not been developed as part of this

study. Their apparent contribution would suggest that their development be made part of

any future programs to attain equipment capability through the use of an applied test

program.
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100 RELATED FUTURE WORK

As a result of the study effort to date, several items have been identified as requiring

further development, or as related work that could be accomplished to complement or

further this effort. These items are discussed below.

10. 1 SPARES "RISK" ASSESSMENT

The initial development of the dual risk system provides a means of handling most of the

considerations that influence the methods and activities involved in sparing. The resulting

system is representative of the first attempt to create a totally new approach in an area

and will require certain concept iterations and additional descriptions to prepare the

system for actual use. Additional effort should be used to adjust the significance of the

relationships and identify new required considerations through an analysis of typical

situations.

To prepare the system for a user, the qualitative/quantitative conversions need to be

formalized so that they are readily usable. The required techniques and procedures for

implementing the system must be identified. The adequacy of the approach should be

verified and minor adjustments made through the development of examples from actual

situations.

10.2 TECHNIQUE FOR ELIMINATING WORKMANSHIP FAULTS

The concept presented deals with essentially the same approaches used in the past for re-

liability analysis except that it is being turned around, thereby becoming an input instead

of a result. The identification of the justification for using this concept has been completed

but the actual development of the concept as a tool has not been completed. Certain areas

requiring further investigation and technique development are:

a. Consistent program for the identification of failures to provide equivalent fail-
ures and equivalent elapsed time.

b. Curve fitting of the resulting data points.

co Weibull slope determinant that approximates the tr_e condition between zero
failure rate at 90" and the reliability ultimate at 45 o

d. Curve position assurance determination that would be based on the quantity of
tests run and the identification of the tests' capabilities to uncover defects as
determined by the significance of the defects found and not found.

10o 3 ACCEPTANCE TESTING AND WEAR-OUT

Environmental testing, particularly temperature, thermal-vacuum, and vibration, have

been used extensively for acceptance testing at all levels to eliminate workmanship faults.

The testing methods currently in use have been developed by experience and wide variations

in level, duration, etc., exist in the methods. In general, the development of these tests

has been aimed at eliminating faults without regard to the wear-out aspect. For example,

a poor weld joint in an electronic part has some inherent capability to withstand stress,

either continuously or cyclic. If this is exceeded, a degradation should be expected.
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A test plan relating to various generic types of equipment should be developed for the

specific purpose of defining the best test methods to eliminate workmanship faults with a

minimum of wear-out, The types of equipment to be considered must be related to

current acceptance test procedures with regard to level of assembly°

10.4 ACCELERATED LIFE TESTING

A key element in establishing assurance relative to life is identification with comparable

hardware that has successfully operated during some other mission. This method is

currently being used extensively, and the limitations imposed by the lack of similarity of

the missions is well recognized°

Accelerated life testing appears to offer some real promise as a technique for providing

a relatively simple_ but direct relationship in these cases° Results from the extended

testing of Advent hardware indicates the existence of this relationship and it should be

developed.

10.5 ASSURANCE ELEMENTS AND TEST CONTRIBUTIONS IDENTIFICATION

The basis of the approach is that there be a clear definition of what the test is attempting

to determine. Most of the assurance aspects that are being measured by a test can be

identified, but these should be specifically listed for each test. A further investigation of

the testing procedures is needed to identify any assurance elements that may not be

readily discernible and especially those that are the product of testing element combina-

tions or the result of the analysis of a continuous process. The current testing concepts

cover most of the assurance elements but there will be many that are not covered.

These must be identified and a determination made of the testing modifications that can

be used to obtain the required information.

10o 6 APPROACH IMPLEMENTATION TOOLS

The influences of the proposed approach can affect all areas of program activity. The ex-

tent to which this is the case is somewhat dependent on the degree to which it is decided to

take advantage of the contributions of such an approach. At all levels of use, there will

be a need for certain operating modifications and, in most cases, only the degree will be

affected. The areas that will need further investigation for implementation and efficiency

of implementation are data systems, forms, processes, procedures, standards, analysis

techniques and computer programs. There may be others but this is representative of

the type of activities that should be investigated in order that recommendations can be

made as to what would be needed to support this approach.

10.7 ORGANIZATIONAL RESPONSIBILITIES

A natural follow-on to an all inclusive implementation of an approach such as this is the

establishment of an optimum organization structure of responsibilities, This would be

viewed as a logical buildup of activity providing a means of the first implementation up to

the final requirement that such a system would need,
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DESCRIPTION OF THE STUDY SPACECRAFT

Mariner C will serve as the "base" spacecraft with regard to design

approach, relative complexity and method of construction. The Mariner

Spacecraft Design Specification Book provides information to these aspects

of the spacecraft. A lander with a surviving capsule similar to the

lander system described in RSD's Mariner B Entry Vehicle Study (November
1963) will be added to the spacecraft.

It is anticipated that the launch vehicle system which will be used for

the '69 opportunity will be an Atlas-Centaur combination with the capa-

bility to launch approximately 2200 pounds. The lander portion of the

spacecraft is expected to weigh some 400-_00 pounds.

A brief description of the subsystems contained in the spacecraft follows:

Structure

The general arrangement consists of two major subassemblies, namely the

spacebus and the lander. The overall arrangement is illustrated in Fig-

ure A-I. As shown, it retains the basic Mariner configuration with a

single lander. The structure will house and support the various sub-

systems and components. The bus will resemble Mariner C, and will con-

sist of a ring with eight to twelve sides which form bays for the various

subsystems. Individual bays will be provided with thermal controllers

as required. Supports will be provided for the antennas, propulsion

system and solar panels. Four rectangular panels will be included.

Power Subsystem

Electrical power will be provided by photovoltaic cells and a recharge-

able battery. When the spacecraft is solar oriented, power will be

derived from the four solar panels. The panels are shown in Figure A-I

in the stowed position for launch. After separation they will be deployed
into a position which is perpendicular to the vertical centerline shown

in the figure.

During the launch to solar acquisition phase, and during the midcourse

and lander separation maneuvers, power will be supplied from the battery.

The array also maintains a charge on the lander battery. Raw power will

be regulated and converted as required for the various equipments.

Propulsion Subsystem

It is assumed that the same basic propulsion system used in Mariner C

will be included. The system is a pressure-fed, 50 pound thrust, mono-

propellent engine burning anhydrous hydrazine. Provisions are made for

two separate corrections, therefore the engine is restartable. Explosive

valves do not operate more than once. Nitrogen is used to supply the

pressure on the system.

Attitude Control and Auto Pilot

In the cruise and encounter modes, attitude control is obtained by cold

gas on-off mass expulsion which responds to the sun and Canopus references

without the use of gyros.

A-I
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Gyros are used during the initial stabilization, during midcourse engine

firings (including the maneuver to orient the spacecraft), lander separa-

tion, and any restabilization maneuvers.

The roll axis and solar panels are directed to the sun and sun sensors

are used for this reference. Yaw control is provided with a tracker for

the star Canopus as the reference. Yaw control is required to direct

a high-gain antenna toward the earth for communication purposes.

Theattitude control gyros operating in the rate-plus-position mode

replace the celestial sensors as attitude references during spacecraft

maneuvers and rocket engine firings. Attitude is maintained during

engine burns by jet vane control of the thrust vector in response to

the subsystem auto pilot portion of the attitude control electronics.

Communications

The system has three principal functions:

a. Receive command data from the earth

b. Transmit engineering and scientific data to the earth

c. Transmit tracking and ranging data to the earth.

Three links (or perhaps four if a relay link is used) will be included:

a. S-Band - lander to earth

b. S-Band - bus to earth

c. S-Band - earth to bus (Command)

Earth-to-BusLink

This link consists of commands and ranging data. The command system will

detect and decode the command and channel it as a discrete function to

the proper subsystem or direct a quantitative, serial binary word repre-

senting midcourse maneuver information to the central computer and

sequences. Commands consist of 26 serial bits/word format.

Tracking is accomplished by two-way Doppler and a Pseudo Noise (PN)

ranging system.

Spacebus to Earth

The Spacebus to earth link consists of an S-Band transmitter, a data

encoder, modulator and a high gain antenna. A low gain antenna is also

available and is used during the early portion of the mission. The

high gain antenna is turned on at about 80 days before encounter.

The telemetry system conditions and converts specific engineering

measurements into digital (7 bit) form for transmittal. The system is

a PCM/PSK/PM system. The TLM system has several modes of operation

which vary the amount of engineering and/or science data included in

each frame. In addition, the data rate can also be selected independent

of mode. Two data rates are provided; namely, 33 1/3 bps and 8 1/3 bps.

The high gain antenna is a fixed paraboloidal reflector with an elliptic

aperture of 46 x 21 inches.
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Lander to Earth

Two different approaches have been considered. One is a direct link

to earth from the lander. Because of power and other considerations such

as data rate, reacquisition, etc., a relay concept has been advanced

wherein lander data is received by the bus and subsequently relayed to
the earth via the bus radio.

Central Computer and Sequences

This subsystem performs the timing, sequencing and correcting services

for all other subsystems in the spacecraft. The system initiates three

different sequences during the mission; namely, the launch sequence,

the maneuver sequence and the master timer sequence.

The maneuver sequence is basically the same for either the midcourse

correction or the lander separation. The lander related events are

inhibited during midcourse and the motor burn is zero during the lander

separation maneuver.

If a nominal flight were achieved, the CC&S would automatically furnish

the proper sequence of events and there would be no necessity for commands
to the vehicle.

Data Automation

The Data Automation System (DAS) controls the operation of the science

instruments in accordance with the timing sequence of a selected format.

This format will depend upon the condition of the spacebus and its

relationship in time to space to the lander and Mars.

Data outputs from the DAS will be to the telemetry and to the tape

recorder. Because of the different and sporadic rates of the data from

the instruments, the DAS acts as a buffer and supplies data to the TLM
at a continuous rate.

The DAS will have the following functions:

a. Control and synchronization of the science instruments.

b. Provide necessary sampling rates.

c. Perform the necessary data conversions and encoding.

d. Buffer the science (and lander) data.

e. Issue and receive science instrument commands.

The DAS has a real-time and a non-real-time section. These parts are

separated physically and electrically. The output of the DAS to the TLM

system is a function of the operating mode.

Encounter data from the science instruments is recorded and transmitted

after encounter.

Video Tape Recorder

The recorder records data from the DAS on magnetic tape and plays it

back through the encoder to the radio transponder. Data is recorded

during the operation of the science instruments and playback occurs

after encounter. The record and playback rate (bits/sec) can be altered
by cormmand.
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Science Subsystem

Scientific instruments mounted on the bus will operate during the flyby

to acquire data relative to Mars. The exact nature of these instruments

is not defined. Mariner C will have the following:

a. Cosmic Ray Telescope - Interplanetary and Encounter

b. Cosmic Dust Collector - Interplanetary and Encounter

c. Trapped Radiation Detector - Interplanetary and Encounter

d. Ionization Chamber - Interplanetary and Encounter

e. Plasma Probe - Interplanetary and Encounter

f. Magnetometer - Interplanetary and Encounter

g. Ultraviolet Photometer - Encounter only

h. T/V Subsystem - Encounter only

It is anticipated that interplanetary data will be subordinated to ob-

taining lander data, but the degree to which this will be done is unknown.

The addition of interplanetary instrumentation is recognized as being

highly desirable, but Mariner C and the subsequent '67 opportunity are

expected to furnish a large quantity of interplanetary data. This

data may indicate the necessity for additional interplanetary information

even at the expense of the lander.

For purposes of this study, it seems logical to assume that some limited

number of scientific instruments will be aboard for obtaining inter-

planetary data, but that the major portion of the bus's scientific data

will be acquired at encounter with the scan during flyby.

Lander

The lander consists of the following basic parts:

a. A surviving instrument package which actually lands on the surface

of Mars.

b. A parachute system for retardation and landing of the surviving

package.

c. A heat shield to protect the package during entry into the Mars

atmosphere.

d. A solid propellant rocket to provide a _ V to the lander which

places it in a transfer trajectory for impacting with Mars.

e. A sealed container (separable) which provides protection to the

sterile lander during the pre-launch phase.

During the cruise phase, power will be supplied to the lander from the

solar array to power the engineering transducers and to keep the lander

battery charge.

The lander will be separated from the bus approximately 40 hours prior

to impact.

Data derived from the lander may be direct or via a relay on the bus

(or both).
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DESCRIPTION OF THE SPACECRAFT'S MISSION

The overall geometry of the mission is illustrated in Figure A-2. The

spacecraft will be launched from AMR, and (probably) placed in a parking

orbit. The final burn of the Centaur will place the spacecraft into an

interplanetary trajectory which will result in a flyby of Mars some 6 1/2

to 8 months later depending upon the type of trajectory flown.

Midcourse corrections, if required, will be conducted as soon as possible

after launch consistent with trajectory determination, maneuver and

engine firing computations, and spacecraft performance assessment. It

is anticipated that both midcourse firings will occur in the period of

3 to 15 days after launch.

Some 40 hours prior to encounter, the spacecraft will execute the lander

separation maneuver wherein the lander container is separated and the

lander entry portion is ejected. The rocket will add an increment of

velocity sufficient to place the lander on a collision course with Mars.

The bus will continue on a flyby course. The geometry of the flyby and

encounter are illustrated in FigureA-3. The relative positions are

numbered to show the sequence. Capsule impact and encounter occur at

Position #3. The bus is in a position to make observations of the disk

when it is both lighted and dark. Thereafter, the spacecraft crosses

over the orbital path of Mars after the planet has passed beyond this

point.

Two spacecraft will be launched during the launch period. This period

is generally on the order of 28 to 30 days. If Centaur realizes a

payload capability of 3600 pounds and the spacecraft does not weigh

this much, it is quite conceivable that the launch period could be

increased up to 40 to 50 days. This may present some on-stand problems.

Normally, two launch complexes are furnished and both spacecraft and

booster systems are made ready for launch on the first day of the launch

period. The "better" system is launched, and the other is readied for

a subsequent launch consistent with turn-around times, loading on the

tracking and data acquisition facilities, etc. Although the period

between launches may vary considerably, the trajectories can be selected

to provide a predetermined number of days of separation at encounter.

During the latter phases of the mission, both spacecraft are within

the beamwidth of the DSIF antenna; therefore, different frequencies

are provided on the spacecraft.

Sequence of Events

The sequence of events for a typical flight to Mars is shown in Table A-I.

This sequence is intended to indicate the relative timing of major

events rather than the detailed steps involved in accomplishing each of

these events. The Mariner C Design Specifications can be consulted

for additional detail as required.
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Figure A-2. Mission Geometry
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The following abbreviations are used:

A/C - Attitude Control Subsystem

CC&S - Control Computer and Sequences
D/E - Data Encoder

Radio - Radio Subsystem

QC - Quantitative Command
DC - Discrete Command

Power - Power Subsystem

S/C - Spacecraft

S - Separation from Booster

I - Injection

T - Lift-off-time

E - Encounter (Time of closest approach to Mars)

M I - First Maneuver Sequence Start Time

M 2 - Second Maneuver Sequence Start Time
M/C - Midcourse Correction

SCAN - Scan Subsystem

DAS - Data Automation Subsystem

LCE - La_mch Complex Equipment

L - Lander Separation

LE - Lander Entry
* - Estimated Time
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Figure A-4. Axis Orientation System

DESCRIPTION OF THE ENVIRONMENTS

An estimate of the environments that the spacecraft will be subjected to

from assembly through completion of the mission is shown in Tables A-2,

A-3 and A-4. While the levels, etc. are considered to be indicative,

they cannot be treated as specific requirements.

The following axis orientation system shown in Figure A-4 is utilized_
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i.0 SUMMARY

Data generated as a result of failure analyses and studies on Advent,

OAO, Nimbus, Hope and other Spacecraft Department programs, and gathered

as a part of MSD coordination programs has been accumulated, analyzed

and reported with reference to material applications in components and

systems, test environment, and failure modes and mechanisms. Work which

was accomplished under contract to the Apollo Support Department and NASA,

AF-SSD through the Advent Continuing Program, AF-RADC through the Failure

Mechanism Studies portion of the Accelerated Test Program and in-house

project sponsored analysis and test studies have been used to establish

the effect of single and combined environments in accelerating failures
during test.

While a generalized solution is not obvious, the environmental inter-

actions indicate that simultaneous functional electrical/thermal-vacuum

tests should be conducted, particularly on harnessing and optical sensing

equipment, in the system configuration. Dynamic and static mechanical

tests may be conducted singly in air, unless corrosive environments such

as salt, humidity, sand, dust, fungus, etc., interact with the vehicle

prior to or during exposure to maximum stress levels. If the latter is

the case, mechanical and chemical environmental tests should be conducted

simultaneously or in the sequence chemical first, then mechanical.

2.0 INTRODUCTION

In order to effectively present data on the interaction of test or

mission environments on equipment, a classification system must be estab-

lished to interrelate environmental stress, functional applications and

failure mode experience. In addition, evaluation of failure cause and

effect relationships require that the analysis be carried to as low a

level as _ossible; in general, the parts and materials level. Prior
studiesl, = have developed structured techniques for the accomplishment

of this goal.

This procedure essentially involves the cross indexing of part and

material applications, test environment and failure modes and mechanisms.

The retention of component, subsystem and system test experience

gained from laboratory failure and performance analyses and the incorpora-

tion of reported test data at the parts and materials level can be

accomplished. The application of this to system test philosophy is then

a matter of utilization of this experience.

l.

.

Lampert, H.M. and Best, G.E., "The Basic Concepts in the Physics

of Failure", ASME Paper 64-MD-33, May 1964.

"Failure Effects and Mechanisms Study", GE Document 64SD606, Prep.

under Contract NAS W-410, i April 1964.
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3.0 PROCEDURE

3.1 General

This section presents the parts and materials applications for a

typical Mariner type vehicle, the environmental and mission stresses
and the failure modes and mechanisms which have been observed and/or

reported.

3.2 Approach

The approach used is to consider a stress (test environment) action

(input), a failure mechanism, or mode, reaction (output) for each func-

tional application within the system. The test simulus thus produces

deterioration and an opportunity for failure.

The concept of failure during test through the activation of failure

mechanisms is essential to an orderly approach to test design. A number

of analytical and experimental programs have been conducted to derive

damage parameters for the effect of varying stress exposures on materials

and parts for such mechanisms as creep and stress rupture (3), precipita-

tion (4), fatigue (5,6,7), dielectric breakdown (8), oxidation (9),

corrosion (I0), surface contamination (ii) and wear (12).

I

!

I

I

I

I
It is clear that the effect of a combination of known stresses will

cause eventual failure and can be predicted if the mechanisms which result

in damage are known. A parametric treatment is normally applied to eval-

uate the magnitude of deterioration experienced.

One of the most widely used parameters for temperature-dependent

reactions is derived from the Arrhenius relationship:

Rate = d f (P) = Ae-Q/RT
dt

where

P

t

A

Q
T

R

= critical property

= time

= constant related to mechanism

= Arrhenius activation energy

= temperature
= constant

For a given time increment

f (P) = t Ae -Q/RT i

I
Taking logarithms

log f (P) = log t + log A - 2.q3 RT i

3. R. F. Larson and J. Miller, "A Time-Temperature Relationship for

Rupture and Creep Stresses," Trans. ASME, Vol. 52, July 1952, p.765.

.

B-2

R. E. Fortney and C. H. Avery, "Eff=cts of Temperature-Time Histories
on the Tensile Properties of Airframe Structural Aluminum Alloys,"

Trans. ASME, Vol. 50, 1958, p. 814.
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Failure is defined as occurring when a time-dependent critical pro-

perty (P) reaches an arbitrary defined value. The quantity f (P) becomes

an arbitrary constant, and

Const + Q = T (log A + log t) = T (C + log t)2.3R

where C is a constant related to the material and the reaction resulting

in property changes. This is recognized as the Larson-Miller creep par-

ameter. Any series of value of temperature and time, within limits,
which give the same value will result in the same deterioration effect

(3, 4, 13). The exposure parameter for a particular application becomes

EXn = To (C + log _ tT )

where _ tT in this case is the summation of exposure times at a refer-

ence temperature To .

Exposure parameters for mechanical fatique have also been published
(6) in which

EX n = E _. SI d

l Si

where

,

.

o

.

_i = stress frequency ratio

Si = minimum stress level

SI = maximum stress level

d = constant related to material

E. M. Prot, "Fatigue Testing Under Progressive Loading; A New Tech-

nique for Testing Materials," Revue de Metallurgie, Vol. XLV, No. 12,
1948, p. 481.

T. J. Dolan and H. T. Corten, "Progressive Damage Due to Repeated

Loading," WADC Symposium on Fatigue in Aircraft Structures, August 1959.

W. R. Hofmeister, "Use of Cumulative Fatigue Damage Concepts," Metals

Engineering Quarterly, Vol. 3, No. 4, November 1963, p. 25.

H. S. Endicott and J. A. Zoellner, "A Preliminary Investigation of

Steady and Progressive Stress Testing of Mica Capacitors," Proceedings

Seventh Symposium on Reliability and Quality Control, Jan. 9-11, 1961,
p. 229.

.

i0.

ii.

F. J. Campbell and E. L. Brancato, "Determination and Application of

Thermal-Life Characteristics of Aerospace Wires, Parts I and II,"

Insulation, Oct. '63, p. 17 and Nov. '63, p. 23.

V. R. Evans, "An Outline of Corrosion Mechanisms, Including the Electro-

mechanical Theory," Corrosion Handbook, J. Wiley and Sons, New York,
1961, p. 3.

H. A. Miley, "Fundamentals of Oxidation and Tarnish," Corrosion Hand-

book, J. Wiley and Sons, New York, 1961, p. 3.
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The problem is obviously not as simple as the foregoing might indi-
cate when interactions, unknownor unpredicted effects, and effects of
variations in strength and condition are considered.

The application of failure prediction analysis to the evaluation of
equipment can be accomplished through the failure cause-effect sequence
expansion. This evaluation consists of visualizing the potential inter-
actions which can lead to out-of-tolerance drift or catastrophic failure
of the equipment function performed. This expansion serves as a reservoir
for information acquired and a source of data for measurementand improve-
ment.

The approach to the test design problem here is based upon cataloging
existing experience in a stress-application matrix, showing failure mech-
anism or modeexperience. Where a given failure mechanismor mode is
stimulated by more than one environment, combined effects are of importance.
In addition, an attempt is madeto assess the lowest level of assembly in
which the failure will be first observed during test.

Succeeding portions of this section define the material and part
applications in a typical Mariner vehicle, the environmental stresses,
and the failure mechanismswhich have been observed or reported.

3.3 Parts and Materials Applications

i. Structure
2. Pla_et Science Scan Assembly
3. Experiment Assembly
4. Electronic Assembly
5. Propulsion Assembly
6. Battery Assembly
7. Solar Panel Assembly
8. A/C Pneumatic Assembly
9. A/C Sensors

i0. Antenna Assembly
ii. Thermal Control Assembly
12. Pyrotechnics
13. Independent Mounted Actuators
14. Harness and Cabling
15. Lander Assembly

3.4 Environmental and Mission Stresses

3.4.1 Thermal - Extremes given for areas unprotected by thermal controllers

or other techniques.

a. High Temperature 125 F (2 days, Transporation)

125 F (12 weeks, Prelaunch)

I00 F (1/2 hour, Powered Flight)

250 F (280 days, Transfer Trajectory)

160 F (2 days, Capsule Entry)

120 F (I day, Capsule Operate)

12. R. Hohn, "Electric Contacts Handbook", Springer-Valag, Berlin, 1958,

p. 246.

13.

B-4

G. Bretts, J. Kozol, and H. Lampert "Failure Physics and Accelerated

Testing", Symposium on the Physics of Failure in Electronics, Chicago,

Iii., Sept. 26, 1963. _j_
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b. Low Temperature

3.4.2 Pressure

3.4.3

a.

-65 F (2 days, Transportation)

0 F (12 weeks, Prelaunch)

40 F (1/2 hour, Powered Flight)

-i00 F (280 days, Transfer Trajectory)

0 F (2 days, Capsule Entry)

-180 F (i day, Capsule Operate)

2 to 15 psi (2 days, Transport)

14 to 15 psi (12 weeks, Prelaunch)

10-6 Torr (1/2 hour, Powered Flight)

i0 -I0 to 10 -16 Torr (280 days, Transfer Traj.)

Transient (2 days, Capsule Entry)

i to 8 mm Hg (i day, Capsule Operate)

Mechanical which includes:

Shock

b. Acceleration

c. Vibration

de

3.4.4

3.4.5

3.4.6

1/2" Max. Drop (Prelaunch)

250 g, 200 m sec. (Capsule Entry)

400 g, Initial

3.4.7

3.6 g (Transport)

1.0 - 6.3 g (Powered Flight. See specs for spectrum)

0.8 g (Trans. Traj. - Power Flight)

180 g peak (Capsule Entry)

5 - 50 cps 3.5 g (Transport)

50 - 300 cps 1.5 g (Transport)

5 - 20 0.71 (Powered Flight)

20 - 50 0.27 (Powered Flight)

5 - i00 0.18 (Powered Flight)

100-2000 0.02 (Powered Flight)

Acoustic 145 db (Powered Flight)

Chemical 100% Humidity (Prelaunch)

Functional Mission Ratings

Radiation Solar Flares i0

20 mev 8.5 x i050 mev 1 2 x i0

i00 mev 7.5 x 108

300 mev 9 x 106

(Transfer Trajectory)

Solar Black Body

Particle Impact I0 microns

5 microns

i micron

(Transfer Trajectory,

Entry, Cap. Operation)

10-3/m2/sec (Trans. Traj.)

lO_2/_2/sec
103/m /see

Particle Velocity 11-70 kmjsec

3.5 Failure Mechanisms

Failure mechanism categories which have been developed through labor-

atory analysis experience on Spacecraft components are as follows:

i. Aging - Property deterioration to functionally unacceptable limits

through chemical changes.
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.

4.

5.

.

Adhesion Loss - Loss of adhesion of bonded joints resulting from

deterioration of interfacial forces.

Arcing - Electrical discharge through a medium.

Cleavage - Cohesive planar fracture.

Color Center Generation - Generation of color centers through the

interaction of radiation with optical materials•

Condensation - Loss of functional properties through the action of

a condensate.

7. Contamination, Bulk - Loss of functional properties through the

addition of contaminating elements to the bulk of a material.

8. Contamination, Surface - Loss of functional properties through the

addition of surface active contaminants.

9. Corona - Electrical loss through the ionization of gas particles.

i0. Corrosion, Dissolution - Uniform solution of material from a sur-

face exposed to a chemical agent.

Ii. Corrosion, Fretting - Corrosion associated with the combined actions
of chemical attack and wear.

12

13

14

15

16

17

18

19

20.

21.

22.

Corrosion, Galvanic - Corrosion resulting from differential chemical

potentials in a conducting electrolyte.

Corrosion, Stress - Localized corrosion resulting from the prefer-

rential action of a chemical agent on an area of localized stress.

Crosslinking and Polymerization - Property changes in organic

materials resulting from increased molecular size.

Creep - Dimensional changes resulting from the long-term action of

mechanical loads on materials.

Deformation - Dimensional changes resulting from the short-term
action of mechanical loads on materials.

Dielectric Breakdown - Loss of dielectric properties through voltage

induced insulation breakdown.

Dimensional Instability - Loss of dimensional properties through

changes in material state or condition.

Diffusion - Loss of functional properties through the diffusion of
one element in another•

Embrittlement - Loss of energy absorbing capacity of a material

through changes in state or condition.

Erosion, Cavitation - Loss of material resulting from hydro-mechanical

action in variable pressure fluid systems.

Erosion, Corona - Loss of material through the impact of ionized

particles driven by a field.
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I

Erosion, Mechanical - Loss of material through the impact of material
on a surface.

Fatigue, Mechanical - Failure of a material or element through

fracture resulting from varying or dynamic stresses.

I

I

I

I

I

I

25.

26.

27.

28.

29.

30.

31.

Fatigue, Thermal - Failure through fracture resulting from stresses

induced by varying temperatures.

Fracture - Mechanical open failure through the action of static
stresses.

Fracture, Delayed - Mechanical open failure through the action of

static stresses on a contaminated diffusing material.

Galling & Seizure - Failure of mechanical assemblies resulting from
interface surface adhesion.

Leakage - Failure resulting from loss of material from contained
volume.

Melting - Failure of functional property resulting from a change
of state.

Migration - Failure resulting from surface conduction of a material
or contaminant.

32. Multipaction - Failure of insulated assembly resulting from electronic
conduction.

I

I

I

I

I
!

33. Noise - Failure resulting from generation of electrical noise at
interface.

34. Outgassing - Failure of material resulting from loss of occluded

material or phases.

35. Oxidation - Failure of functional property resulting from oxidation
reaction.

36. Precipitation - Failure of property resulting from phase precipita-
tion.

37. Radiation Damage - Failure resulting from the interaction of radia-
tion with material.

38. Stress Rupture - Failure of a material under long time load resulting
in mechanical open.

39. Stress Relief - Failure resulting from the relief of residual stresses.

40. Sublimation - Failure resulting from the loss of vapor from a solid.

41. Transformation - Failure resulting from phase transformations.

42. Wear, Abrasive - Failure resulting from the loss of surface material

due to abrasion between two moving surfaces.

B-?



43. Wear, Adhesive - Failure resulting from the loss of surface material
due to adhesion between two surfaces in relative motion.

4.0 FAILURE EXPERIENCE MATRICES

The following tables list the failure experience matrices for the parts

and materials applications listed in 3.3 above.

The numbers listed under the seven environmental stresses (described

in 3.4 above) refer to the specific failure mechanisms that have been

observed or reported. The distribution of occurrence of combined failure

effects is used to justify the need for testing the particular component

in a single or combined environment.
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I

I
I

I
I

I

T Q

• O0
.01
• 02
• 03
• 04
• 05
.06
• 07
• 08
• 09
• 10
.11
• 12
• 13
• 14
• 15
• 16
• 17
• 18
• 19
• 20
.21
.22
.23
• 24
.25
.26
.27
• 28
• 29
.30
.31
.32
• 33
• 34
.35
.36
.37
.38
• 39
• 40
.41
• 42
• 43
• 44
• 45
• 46
• 47

• 48
• 49

.5000000

.4960106

.4920217
•4880335
•4840466
•4800612
•4760778
•4720968
.4681186
•4641436
.4601722
.4562047
•4522416
•4482832
•4443300
.4403823
•4364405
•4325051
•4285763
•4246546
•4207403
•4168338
•4129356
•4090459
.4051651
.4012937
•3974319
.3935801
•3897388
.3859081
•3820886
•3782805
•3744842
•3707000
•3669283
•3631693
•3594236
•3556912
•3519727
•3482683
•3445783
•3409030
.3372427
.3335978
•3299686
•3263552
°3227581
• 3191775

• 3156137
• 3120669

TABLE C-1

T T Q

.5O

.51
• 52
• 53
• 54
.55
• 56
.57
• 58
• 59
• 60
.61
• 62
• 63
• 64
• 65
• 66
• 67
• 68
• 69
• 70
.71
• 72
• 73
• 74
• 75
.76
• 77
• 78
• 79
• 80
.81
• 82
• 83
• 84
• 85
• 86
• 87
• 88
• 89
.90
.91
.92
.93
• 94
• 95
.96
.97

.98
• 99

Q

•3085375
•3050257
.3015318
•2980560
•2945985
.2911597
.2877397
•2843388
•2809573
•2775953
•2742531
.2709309
•2676289
•2643473
•2610863
•2578461
•2546269
•2514289
•2482522
•2450971
•2419637
•2388521
•2357625
•2326951
• 2296500 1.
• 2266274 i.
• 2236273 i.
• 2206499 I.
• 2176954 I.
• 2147639 i.
.2118554 1.
• 2089701 i.
• 2061081 I.
• 2032694 i.
• 2004542 1.
• 1976625 i.
• 1948945 i.
• 1921502 i.
• 1894297 i.
• 1867329 i.
• 1840601 1.
• 1814113 I.
• 1787864 1.
.1761855 1.
• 1736088 1.
.1710561 1.
• 1685276 1•
.16602032 1.
.1635431 1.
• 1610871 1.

I. O0
1. Of
1. O2
1.03
1.04
1.05
1.06
1.07
1.08
i. 09
1. i0
l. ll
I. 12
i. 13
I. 14
i. 15
I. 16
i. 17
i. 18
i. 19
i. 20
1.21
i. 22
i. 23

24
25
26
27
28
29
30
31
32
33
34
35
36
37
38
39
4O
41
42
43
44
45
46
47
48
49

• 1586553
.1562476
• 1538642
• 1515050
• 1491700
• 1468591
• 1445723
• 1423097
• 1400711
• 1378566
.1356661
•1334995
• 1313569
.1292381
• 1271432
.1250719
•1230244
• 1210005
• If90001
.i170232
• 1150697
• 1131394
• Ii12324
.1093486
.1074877
.1056498
• 1038347
.1020423
• 1002726
• 0985253
• 0968005
•0950979
• 0934175
.0917591
•0901227
•0885080
•0869150
.0853435
°0837933
• 0822644
•0807567
•0792698
•0778038
•0763585
°0749337
•0735293
•0721450
•0707809
•0694366
.0681121
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T Q

1.50

1.51

1.52

1.53

i.54

1.55

1.56

1.57

i.58

1.59

1.60

1.61

i.62

i.63

i.64

i. 65

1.66

1.67

1.68
1.69

1.70
1.71

1.72

1.73
1.74

1.75
1.76

1.77

1.78
1.79

1.80
1.81

1.82

1.83
1.84

1.85
1._6

I. 87
1.88

1.89
1.90

1.91
1.92

1.93
1.94

1.95
1.96
1o97

1.98
1.99

0668072

0655217

0642555

0630084

06178O2
0605708

0593799

6582076
0570534

0559174
0547993

0536989
0526161

0515507
0505026
O494715

0484572
0474597

6464787
0455140

0445655
0436329

0427162

0418151
0409295

0400592
0392039

O383636

0375380
O367270

0359303
0351479

0343795

O336250
0328841

O321568
0314428

0307419

0300540
0293790
0287166

0280666

0274289
0268034
0261898

0255881
0249979

0244192
0238518
0232955

TABLE C-1 (Continued)

T Q T Q

2.00

2.01
2.02

2.03

2.04

2.05

2.06
2.07

2.08

2.09
2.10
2.11

2.12
2.13

2.14
2.15

2.16

2.17

2.18

2.19

2.20

2.21

2.22

2.23

2.24

2.25

2.26

2.27

2.28

2.29

2.30

2.31

2.32

2.33

2.34

2.35

2.36

2.37

2.38
2.39
2.40

2.41

2.42
2.43
2.44

2.45
2.46
2.47

2.48
2.49

0227501

0222156

0216917

0211783

0206752
0201822

0196993

0192262
0187628

0183089
0178644

0174292
0170030
0165858

0161774

0157776
0153863
0150034

0146287
0142621

0139034

0135526
0132094

0128737
0125455

0122245
0119106

0116038

0113038
0110107

0107241

0104441
0101704

0099031
0096419

0093867
0091375

OO8894O

0086563
0084242
O081975

0079763

0077603
OO75494

0073436
0071428
0069469

0067557

OO65691
0063872

2.50

2.51

2.52

2.53

2.54
2.55

2.56
2.57

2.58

2.59
2.60

2.61
2.62

2.63
2.64

2.65
2.66

2.67
2.68

2.69
2.70

2.71
2.72

2.73
2.74

2.75

2.76

2.77
2.78

2.79
2.80

2.81

2.82
2.83

2.84
2.85

2.86
2.87

2.88

2.89
2.90

2.91
2.92

2.93
2.94

2.95
2.96

2.97
2.98
2.99

0062097

0060366

0058677

0057031

0055426
0053861

0052336
0050849

0049400

0047988
0046612

0045271
0043965

0042692
0041453

OO4O246
0039O70

0037926
0036811

0035726
0034670

0033642
0032641

0031667

0030720
0029708

0028901

0O28O28
0027179

0026354
0025551

0024771

0024012

0023274
0022557

0021860
0021182

0020524
0019884

0019262

0018658
0018071

0017502
0016948

OO16411
0015889

0015382
0014890
0014412
OO13949
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T

3. O0
3.01
3.02
3.03
3.04
3.05
3.06
3.07
3.08
3.09
3.10
3.11
3.12
3.13
3.14
3• 15
3.16
3.17
3. 18
3.19
3.20
3.21
3.22
3.23
3.24
3.25
3.26
3.27
3.28
3.29
3.30
3.31
3.32
3.33
3.34
3.35
3.36
3.37
3.38
3.39
3.40
3.41
3.42
3.43
3.44
3.45
3.46
3.47
3.48
3.49
3.50

TABLE C-1 (Continued)

Q

.0013449

.0013062
•0012639
.0012228
• 0011829
.0011442
.0011067
.0010703
.0010350
.0010008
.0009676
.0009354
.0009043
.0008740
.0008447
•0008164
,0007888
.0007622
.0007364
.0007114
.0006871
.0006637
•0006410
•0006190
•0005976
•0005770
.0005571
.0005377
.0005190
.0005009
.OOO4834
.0004665
•0004501
.0004342
.0004189
.0004041
.0003897
.0003758
.0003624
.0003495
.0003369
.0003248
•0003131
.0003018
•0002909
.0002803
.0002701
.0002602
°0002507
.OOO2326
.0002415

T

3.51

3.52

3.53
3.54

3.55

3.56
3.57

3.58
3.59

3.60
3.61

3.62
3.63

3.64

3.65

3.66
3.67

3.68

3.69
3.70
3.71
3.72
3.73
3.74
3.75
3.76
3.77
3.78
3.79
3.80
3.81
3.82
3.83
3.84
3.85
3.86
3.87
3.88
3.89
3.90
3.91
3.92
3.93
3.94
3.95
3.96
3.97
3.98
3.99
4.00

Q

.0002241

.0002158

.0002078

.0002001

.0001926

.0001854
•0001785
.0001718
.0001653
.0001591
.0001531
.0001473
.0001417
.0O01363
•0001311
.0001261
•0001213
•0001166
.0001121
•0001078
•0001036
.0000996
.0000957
.0000920
.0000884
.0000850
.0000816
.0000784
.0000753
•0000723
.0000695
•0000667
.0000641
.0000615
.0000591
.0000567
.0000544
•0000522
.0000501
.0000481
.0000461
.0000443
.0000425
.0U00407
.0000391
.0000375
•0000359
.0000345
.0000330
.0000317

T

4.01
4.02
4.03
4.04
4.05
4.06
4.07
4.08
4.09
4.10
4.11
4.12
4.13
4.14
4.15
4.16
4.17
4. 18
4.19
4.20
4.21
4.22
4.23
4.24
4.25
4.26
4.27
4.28
4.29
4.30
4.31
4.32
4.33
4.34
4.35
4.36
4.37
4.38
4.39
4.40
4.41
4.42
4.43
4.44
4.45
4.46
4.47
4.48
4.49
4.50

Q

.0000304

.0000291

.00O0279
•0000267
.0000256
•0000245
.0000235
.0000225
.0000216
.0000207
.0000198
• 0000189
•0000181
.0000174
.0000166
.0000159
.0000152
.0000146
.0000139
.0000133
.0000128
.0000122
.0000117
.0000112
.0000107
.0000102
.0000098
.0000093
• 000OO89
.0000085
.0000082
•0000078
.0000075
.0000071
.0000068
.0000065
•0000062
.0000059
.0000057
.0000054
.0000052
.0000049
•0000047
•0000045
.0000043
.0000041
.0000039
.0000037
.0000036
.0000034

C-3



C-4

T Q

4.51
4. 52

4.53

4.54
4.55
4.56

4.57
4.58

4.59
4. 60

4.61
4.62

4.63
4. 64

4.65
4. 66

4.(_7

.0000032

.0000031

.0000030

.0000028

.0000027

.0000026

.0000024

.0000023
°0000022

.0000021

.0000020

.0000019

.0000018

.0000017

.0000017

.000O016
.0000015

TABLE C-1 (Continued)

* T = Z in sigma units.

A

!

P (Probability, left of A) = I-Q

I

I

I
I
I

I
I

I

I
I

I

I
I
I

I

I
I

I
I



I

I

I

I 3 1.464 2.501 3.152 4.396 5.805

4 1.256 2.134 2.680 3.726 4.910

I 5 1.152 1.961 2.463 3.421 4.5076 1.087 1.860 2.336 3.243 4.273
7 1.043 1.791 2.250 3.126 4.118
8 l. OlO 1.740 2.190 3.042 4.008

I 9 0.984 1.702 2.141 2.977 3.924lO 0.964 1.671 2.103 2.927 3.858

I II 0.947 1.646 2.073 2.885 3.80412 0.933 1.624 2.048 2.851 3.760
13 0.919 1.606 2.026 2.822 3.722
14 0.909 1.591 2.007 2.796 3.690

I 15 0.899 1.577 1.991 2.776 3.661

16 0.891 1.566 1.977 2.756 3.637

I 17 0.883 1.554 1.964 2.739 3.61518 0.876 1.544 1.951 2.723 3.595
19 0.870 1.536 1.942 2.710 3.577
20 0.865 1.528 1.933 2.697 3.561

I 21 0.859 1.520 1.923 2.686 3.545

22 0.854 1.514 1o916 2.675 3.532

I 23 0.849 1.508 1.907 2.665 3.52024 0.845 1.502 1.901 2.656 3.509
25 0.842 1.496 1.895 2.647 3.497

I 30 0.825 1.476 1.869 2.613 3.45435 0.812 1.458 1.849 2.588 3.421
40 0.803 1.445 1.834 2.568 3.395

I 45 0.795 1.435 1.821 2.552 3.37550 0.788 1.426 1.811 2.538 3.358

TABLE C-2

= 0.75 y= 0.90

_._ 0.90 0.95 0.99 0.999 0.75 0.90 0.95 0.99 0.999

2.602 4.258 5.310 7.340 9.651
1.972 3.187 3.957 5.437 7.128
1.698 2.742 3.400 4.666 6.112
1.540 2.494 3.091 4.242 5.556
1.435 2.333 2.894 3.972 5.201
1.360 2.219 2.755 3.783 4.955
1.302 2.133 2.649 3.641 4.772
1.257 2.065 2.568 3.532 4.629

1.219 2.012 2.503 3.444 4.515
1.188 1.966 2.448 3.371 4.420
1.162 1.928 2.403 3.310 4.341
1.139 1.895 2.363 3.257 4.274
l. ll9 1.866 2.329 3.212 4.215

I. I01 1.842 2.299 3.172 4.164
1.085 1.820 2.272 3.136 4.118
1.071 1.800 2.249 3.106 4.078
1.058 1.78] 2.228 3.078 4.041
1.046 1.765 2.208 3.052 4.009

1.035 1.750 2.190 3.028 3.979
1.025 1.736 2.174 3.007 3.952
1.016 1.724 2.159 2.987 3.927
1.007 1.712 2.145 2.969 3.904
0.999 1.702 2.132 2.952 3.882

0.966 1.657 2.080 2.884 3.794
0.942 1.623 2.041 2.833 3.730
0.923 1.598 2.010 2.793 3.679
0.908 1.577 1.986 2.762 3.638
0.894 1.560 1.965 2.735 3.604

I
*N = Sample Size.

Note: For this application, degrees of freedom = N - 1.

I
I

I
I

I

_/ is the same as Confidence - C



TABLE C-2 (Continued}

-- v= 0.95
\ p
N*_ 0.75 0.90 0.95 0.99 0. 999

3 3.804 6.158 7.655 10.522 13.857
4 2.619 4.163 5.145 7.042 9.215
5 2.149 3.407 4.202 5.741 7.501
6 1.895 3.006 3.707 5.062 6.612
7 1,732 2.755 3.399 4.641 6.061
8 1.617 2.582 3.188 4.353 5,686
9 1.532 2.454 3.031 4.143 5.414

I0 1.465 2.355 2.911 3.981 5.203

II 1.411 2.275 2.815 3.852 5.036
12 1.366 2.210 2.736 3.747 4.900
13 1.829 2.155 2.670 3.659 4.787
14 1.296 2.108 2.614 3.585 4.690
15 1.268 2.068 2.566 3.520 4.607

16 1.242 2.032 2.523 3.463 4.534
17 1,220 2.001 2.486 3.415 4.471
18 1.200 1.974 2.453 3.370 4.415
19 1.183 1.949 2.423 3.331 4.364
20 1.167 1.926 2.396 3.295 4.319

21 1.152 1.905 2.371 3.262 4.276
22 1.138 1.887 2.350 3.233 4.238
23 1.126 1.869 2.329 3.206 4.204
24 1.114 1.853 2.309 3.181 4.171
25 1.103 1.838 2.292 3.158 4.143

30 1.059 1.778 2.220 3.064 4.022
35 1.025 1.732 2.166 2.994 3.934
40 0.999 1.697 2.126 2.941 3.866
45 0.978 1.669 2.092 2.897 3.811
50 0.961 1.646 2.065 2.863 3.766

)= 0.99

0.75 0.90 0.95 0.99 0.999

2.849 4.408 5.409 7.334 9.540
2.490 3.856 4.730 6,411 8.348
2.252 3.496 4.287 5.811 7.566
2.085 3.242 3.971 5.389 7.014
1,954 3.048 3.739 5.075 6.603

1.854 2.897 3.557 4.828 6.284
1.771 2.773 3.410 4.633 6.032
1.702 2.677 3,290 4.472 5.826
1,645 2.592 3.189 4.336 5.651
1.596 2.521 3.102 4.224 5.507

1.553 2.458 3.028 4.124 5.374
1.514 2.405 2.962 4.038 5.268
1.481 2.357 2.906 3.961 5.167
1.450 2.315 2.855 3.893 5.078
1.424 2.275 2.807 3.832 5.003

1.397 2.241 2.768 3.776 4.932
1.376 2.208 2.729 3.727 4.866
1.355 2.179 2.693 3.680 4.806
1.336 2.154 2.663 3.638 4.755
1.319 2.129 2.632 3.601 4.706

1.249 2.029 2.516 3.446 4.508
1.195 1.957 2.431 3.334 4.364
1.154 1.902 2.365 3.250 4.255
1.122 1.857 2.313 3.181 4.168
1.096 1.821 2.296 3.124 4.096

I

I
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55

60
65

70

75

TABLE C-2 (Continued)

)_= 0.75 Y = 0.90

0.75 0.90 0.95 0.99 0.999 0.75 0.90 0.95 0.99 0.999

0.78 1.41 1.79 2.51 3.32
0.77 1.41 1.79 2.51 3.31
0.77 1.40 1.78 2.50 3.30
0.77 1.40 1.78 2.49 3.30
0.76 1.39 1.77 2.49 3.29

80 0.76 1.39 1.77 2.48 3.28
85 0.76 1.38 1.76 2.47 3.28
90 0.76 1.38 1.76 2.47 3.27
95 0.75 1.38 1.76 2.47 3.27

lO0 0.75 1.38 1.75 2.46 3.26

150 0.74 1.36 1.73 2.44 3.23
200 0.73 1.35 1.72 2.42 3.21
250 0.72 1.34 1.71 2.41 3.20
300 0.72 1.34 1.71 2.40 3.19
350 0.72 1.33 1.70 2.40 3.18

400 0.71 1.33 1.70 2.39 3.17
450 0.71 1.33 1.70 2.39 3.17
500 0.71 1.32 1.69 2.39 3.16
600 0.71 1.32 1.69 2.38 3.16
700 0.70 1.32 1.69 2.38 3.15

800 0.70 1.31 1.68 2.37 3.15
900 0.70 1.31 1.68 2.37 3.15

lO00 0.70 1.31 1.68 2.37 3.14
0.674 1.282 1.645 2.326 3.090

0°88 1.54 1.94 2.70 3.56
0.87 1.53 1.93 2.68 3.54
0.86 1.52 1.91 2.67 3.52
0.85 1.51 1.90 2.65 3.50
0.85 1.50 1.89 2.64 3.49

0.84 1.49 1.89 2.63 3.47
0.84 1.48 1.88 2.62 3.46
0.83 1.48 1.87 2.61 3.45
0.83 1.47 1.86 2.60 3.44
0.82 1.47 1.86 2.60 3.43

0.80 1.43 1.82 2.54 3.36
0.78 1.41 1.79 2.51 3.32
0.77 1.40 1.78 2.49 3.30
0.76 1.39 1.76 2.48 3.28
0.75 1.38 1.75 2.46 3.26

0.75 1.37 1.75 2.46 3.25
0.74 1.37 1.74 2.45 3.24
0.74 1.36 1.74 2.44 3.23
0.73 1.35 1.73 2.43 3.22
0.73 1.35 1.72 2.42 3.21

0.73 1.34 1.72 2.42 3.20
0.72 1.34 1.71 2.41 3.20
0.72 1.34 1.71 2.41 3.19
0.674 1.282 1.645 2.326 3.090

C-7



TABLE C-2 (Continued)

55
60
65
70
75

_ = 0.95 Y = 0.99

0.75 0.90 0.95 0.99 0.999 0.75 0.90 0.95 0.99 0.999

0.94 1.62 2.04 2.83 3.72
0.93 1.60 2.02 2.80 3.69
0.92 1.59 2.00 2.78 3.66
0.91 1.58 1.99 2.76 3.64
0.90 1.57 1.97 2.74 3.62

80 0.89 1.56 1.96 2.73 3.60
85 0.89 1.55 1.95 2.71 3.58
90 0.88 1.54 1.94 2.70 3.56
95 0.87 1.53 1.93 2.69 3.55

100 0.87 1.52 1.92 2.68 3.54

150 0.83 i. 48 1.87 2.61 3.45
200 0.81 1.45 1.84 2.57 3.39
250 0.79 1.43 1.81 2.54 3.36
300 0.78 1.42 1.80 2.52 3.33
350 0.78 1.41 1.79 2.51 3.32

400 0.77 1.40 1.78 2.49 3.30
450 0.76 1.39 1.77 2.48 3.29
500 0.76 1.39 1.76 2.48 3.28
600 0.75 1.38 1.75 2.46 3.26
700 0.75 1.37 1.74 2.45 3.25

800 0.74 1.36 1.74 2.44 3.24
900 0.74 1.36 1.73 2.44 3.23

i000 0.73 1.35 1.73 2.43 3.22
0.674 1.282 1.645 2.326 3.090

1.07 1.79 2.23 3. 08 4. 04
1.05 1.76 2.20 3.04 3.99
1.03 1.74 2.18 3.00 3.95
1.02 1.72 2. 15 2.98 3.91
1.00 1.70 2. 13 2.95 3.88

0. 99 1.69 2.11 2.93 3.85
0. 98 1.67 2.10 2.91 3.82
0. 97 1.66 2.08 2.89 3.80
0. 96 1.65 2.07 2.87 3.77
0. 96 1.64 2.06 2.85 3.75

0. 90 1.56 1.97 2.74 3.61
0. 87 1.52 1.92 2.68 3. 53
0.85 1.50 1.89 2.64 3.48
0. 83 1.48 1.87 2.61 3. 44
0. 82 1.46 1.85 2.59 3.42

0.81 1.45 1.84 2.57 3.39
0.80 1.44 1.82 2.55 3.37
0.79 1.43 1.81 2.54 3.36
0.78 1.42 1.80 2.52 3.33
0.78 1.41 1.79 2.51 3.31

0.77 1.40 1.78 2.49 3.30
0.76 1.39 1.77 2.48 3.29
0.76 1.39 1.76 2.48 3.28
0.674 1.282 1.645 2.326 3. 090

REFERENCES:

Values for n _<50: Lieberman, Alfred, "Tables for One-Sided Statistical Tol-
erance Limits," Industrial Quality Control, Vol. XIV, No. 10, April 1958.

Values for n > 55: Computed by Myron Lipow, Reliability Control Staff, Aero-
jet-General Corporation. Inaccuracies in these values are generally less than
+ 0.01 and approach zero as n grows larger.
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DEGREES

OF

FREEDOM

i

2

3

4

5

6

7

8

9

i0

ii

12

13

14

15

16

17

18

19

20

21

22

23

24

25

26

27

28

29

3O

oC

Table C-4.

,
tp

c'55 t'60 t'65 t'70 t'75 t'80 t'85 t'90 t'95t'975 t'99t'995 t'99951

.158 .325 .510 .727 1.00 1.38 1.96 3.08 6.31 12.7 31.8 63.7 637

.142 .289 .445 .617 .816 1.06 1.39 1.89 2.92 4.30 6.96 9.92 31.6 n

.137 .277.424.584.765.978 1.25 1.64 2.35 3.18 4.54 5.84 12.9 g

.134.271.414.569.74l .941 1.19 1.53 2.13 2.78 3.75 4.60 8.61

.132.267.408.559.727 .920 1.16 1.48 2.01 2.57 3.36 4.03 6.86 _

.131.265.404.553.718.906 1.13 1.44 1.94 2.45 3.14 3.71 5.96

.130.263.402.549.711.896 1.12 1.42 1.90 2.36 3.00 3.50 5.40

.130.262.399.546.706.889 1.11 1.40 1.86 2.31 2.90 3.36 5.04 i

.129.261.398.543.703.883 1.10 1.38 1.83 2.26 2.82 3.25 4.78

.129.260.397.542.700.879 1.09 1.37 1.81 2.23 2.76 3.17 4.59

.129.260.396.540.697.876 1.09 1.36 1.80 2.20 2.72 3.11 4.44 _

.128.259.395.539.695.873 1.08 1.36 1.78 2.18 2.68 3.06 4.32

.128.259.394.538.694.870 1.08 1.35 1.77 2.16 2.65 3.01 4.22

.128.258.393.537.692.868 1.08 1.34 1.76 2.14 2.62 2.98 4.14 _

.128.258.393.536.691.866 1.07 1.34 1.75 2.13 2.60 2.95 4.07

.128.258.392.535.690.865 1.07 1.34 1.75 2.12 2.58 2.92 4.02

.128.257.392.534.689.863 1.07 1.33 1.74 2.11 2.57 2.90 3.96 i

.127.257.392.534.688.862 1.07 1.33 1.73 2.10 2.55 2.88 3.92 I

.127 .257 .391 .533 .688 .861 1.07 1.33 1.73 2.09 2.54 2.86 3.88

.127 .257 .391 .533 .687 .860 1.06 1.32 1.72 2.09 2.53 2.84 3.85 _

.127 .257 .391 .532 .686 .859 1.06 1.32 1.72 2.08 2.52 2.83 3.82 I

.127 .256 .390 .532 .686 .858 1.06 1.32 1.72 2.07 2.51 2.82 3.79

.127 .256 .390 .532 .685 .858 1.06 1.32 1.71 2.07 2.50 2.81 3.77 _

.127 .256 .390 .531 .685 .857 1.06 1.32 1.71 2.06 2.49 2.80 3.74 u

.127 .256 .390 .531 .684 .856 1.06 1.32 1.71 2.06 2.48 2.79 3.72

.127 .256 .390 .531 .684 .856 1.06 1.32 1.71 2.06 2.48 2.78 3.71 !

.127 .256 .389 .531 .684 .855 1.06 1.31 1.70 2.05 2.47 2.77 3.69 I

.127 .256 .389 .530 .683 .855 1.06 1.31 1.70 2.05 2.47 2.76 3.67'
lira

.127 .256 .389 .530 .683 .854 1.05 1.31 1.70 2.04 2.46 2.76 3.66 i

.127 .256 .389 .530 .683 .854 1.05 1.31 1.70 2.04 2.46 2.75 3.65
IB

.126 .253 .385 .524 .674 .842 1.04 1.28 1.64 1.96 2.33 2.58 3.29 i
B

= 0o

!
Note 1: For the lower percentiles, use the relation t a -tl_ a. In particular, t.50 -t.50

For example, for 6 degrees of freedom, t = -t = -.404.
•35 .65

Note 2: For this application, the degrees of freedom will be equal to the number of samples

(N) minus one.

Reference: Table III. Percentiles of the t Distribution, "Introduction to Probability and

Statistics," by B. W. Lindgren & C.W. McElrath, 1959, p. 257. /

)7, >
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DERIVATIONS AND SAMPLE CALCULATIONS

i I. Performance Appraisal

I __ o.2

L 1 L 2

I
I
I

I

I
I

I

I

It has been stated that the relationship between the average imposed load, L1, the de-

sign capability, L2, and their deviations, _1 and _2' can be used to determine the amount

of testing required to prove a preselected probability of success and confidence.

The inherent probability of success is a function of the margin (2) and the total deviation

( --_]_12 + _22). If the margin is large enough that it contains a relatively large number

of combined sigmas, then the probability of success is high. This agrees directly with

intuition.

Inherent probability of success is important because it establishes one end of our scale.

We can't do better than this in our test program when we are trying to demonstrate our

design capability. To demonstrate this inherent capability would require an infinite

sample size (for 100 percent confidence). This is not practical and program demon-

stration goals must be selected at some lower level. (It could also be said that the de-

sign must contain a margin compatible with program demonstration goals. )

By their very nature, statistics describe relationship and anything can be varied. Of

course, when one thing varies, something else has to change. The consideration now

is to determine the number of tests to be conducted. First of all, the program demon-

stration goals must be selected; i. e., probability of success and confidence. For pur-

poses of visualizing this, think in terms of this being represented by some number of

combined sigmas, but not as many as _I represents because we can't exceed the inherent

capability of the design.

One other factor enters into the picture. We are dealing here with small samples and

there is some chance that the population will not yield an acceptable sample. The dif-

ference between the margin (2) and the number of sigmas required to satisfy program

demonstration goals is used to satisfy this sample acceptability factor.

Thus the load, the load carrying capability, the variabilities, the program demonstration

goals, and the probability of deriving an acceptable sample all enter into the number of

tests required. The number of tests is not always the item of interest. In some cases,

it could be an analysis of instrumentation requirements which gets combined with other

parameters to form the deviation of load.

D-1



The following

The following

L 1 =

L 2 =

a 1 =

Zin h -

Pinh =

derivation translates this brief description into statistical terms.

terms are used in the derivation:

Design Margin = (L 2 - L I)

Average imposed load

Average design capability

Estimated deviation in the imposed load

= Estimated deviation in the design capability

_ 2 a22= Total model deviation - a I +

- Number of standard deviations which separate L 1 and L 2.

aT (This is a specific number for a design. )

Inherent probability of success which is directly related to the number of

deviations, or Zin h.

T = See Statistical Table C-1 in Appendix C

P = Probability of success ] Program
Demonstration

C = Confidence Goals

S d = Combined deviation in L 1 and L 2 determined by actual data

K = The margins expressed in standard deviation units derived from actual
test data and it validates the probability of success and confidence being
demonstrated. K is similar to Zin h except that Zintl is a design estimate
of the actual capability while K is an estimate of a]lmit on the actual capa-
bility that is derived from test data.

N = Sample size

VA = A statistical factor which expresses the probability that the population will
yield an acceptable sample.

W = The difference between actual margin (2) and that required to prove pro-

gram goals.

dw = The margin in the data above and beyond that which is required to prove
program goals.

a w = The variance of W

Z A = The number of standard deviations which represent the probability that an
acceptable sample will be obtained.

The following deviation is based upon the arrangement used when this technique is to be

used for planning purposes. The design margin, d, is defined as the difference between

the average environment or imposed load, "LI," and the average design capability, "L 2."

d = L 2 - L 1

The corresponding standard deviation or tot2.!deviation for the model, aT, is the root

sum of the individual variances.

I

I

I

I

I
I
I

I

I
I
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I
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I
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2 2_T = al + _2 (See Note l)

Dividing the load margin by the load deviation to encompass one sigma of the population

provides the number (non-dimensionable) of standard deviations.

L2 - L1 Units of load
= - Units of load per std. deviation = Zinh.

_1 _ 12 + a22

For a given Zinh, the inherent probability of success, Pinh' is found in Table C-1 of

Appendix C. In this table, T has the same value as Zin h (although their statistical

implications are somewhat different) and Pinh is 1-Q.

Success occurs if the margin for a given test is positive. The demonstration goals

(Probability of success, P, and confidence, C) will be satisfied if:

_[- _ K
Sd

where:

I _ = L 2 - L 1

I Sd = _S12+S22

I

I

I

K is the tolerance factor from Table C-2 in Appendix C.

= L 2 - L 1

Sd = combined deviation in L 1 and L 2 determined from actual data and is simpli-
fied as _T was (see Note 1).

K - Sd K = tolerance factor.

The tolerance factor, "K," along with the number of tests in the sample, "N," provide

the means for entering the Tolerance Factor Table, Table C-2 (Appendix C) to determine

an appropriate set of confidence levels and probability of success of the design. It is

possible to trade confidence for probability of success and vice-versa within the limits

I

I

I
I

I

Note 1

_] (nl-1) Cl 2 + (n2-1) a22 + ...... + (nt-1) at2

= _ (n l+n 2+ .... n t-t)/t

For the model in this study, we have initially assumed design capability knowledge equal

to that of the imposed environment. This is usually reflected in the design approach.

With them equal, n 1 = n 2 and the variances considered, t equals 2. Then

_ 2 e2 2_T = _1 +

D-3



I

of the demonstrated results. To obtain an assurance set, the table is entered with a

desired confidence (or probability of success) and the sample size. The demonstrated

tolerance factor is then interpolated with N to provide the probability of success (or

confidence)° This provides the confidence and probability of success which has been

assured taking into account all of the derived and identified data.

Sample Application

Figure D-1 illustrates the principal elements of the power supply for a Mariner space-

craft. The output of the four solar panels is channeled through the logic and control sec-

tion to the power boosters, inverters and the loads. Loads vary due to the sequence of

operation of the spacecraft.

I
I
I

I
I

INVERTER

L BOOSTER :_ I

LI

L2

I BOOSTER=_ 2

-_ F---

-I,

L3

L4

L5

L6

L7

i I
L8

L9 l
LIO

I
i

I LOADSOLAR CONTROL REGULATION CONVERSION

PANELS

Figure D-I. Points Considered for Design Capability Evaluation

The panels must be capable of supplying enough power under normal operating conditions

to operate the loads and charge the battery during maneuvers when the panels can be

turned away from the sun. There is a peak load condition at some point in the mission

which analysis must identify in order to design the system. This analysis would take

into account the probability of the various loads being on simultaneously and the probable

load would be determined which can be compared with maximum output capability. The

problem considered herein is to determine the number of tests required to establish the

desired confidence relative to this load capability relationship.

For this example, it is assumed that the peak load condition occurs at encounter and is

estimated to be 120 watts nominal.

I
I

I
I

I
I
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The physical dimensions of the array make it impractical to performance test the array

with the total spacecraft. Performance in this case means the capability to supply the

required amount of power under the proper solar input (in this case at Mars distance).

Therefore, another test procedure will be used. For this example, it is assumed that:

1. The output of the array will be determined during the Table Mountain tests.
Extrapolation will be used from this point.

2. The load will be measured at point A in the diagram for comparison to the array
output.

The load is estimated to be 120 watts with the following variables involved:

. Load variation over the period of time from system test to encounter (approx-
imately 8-15 months later) is estimated to be 5 percent due to an increase in
power caused by aging.

2. Power requirements are known to be sensitive to temperature variations and
2 percent is the estimate.

. Analysis of the encounter load indicates that a variation of 1.4 percent can be
expected considering the sequence of events and variations in operating time
which can be expected.

4. The measurement technique used in test has a variability of 1.4 percent.

i
NOTE : Experience indicates that what the engineer intuitively uses and thinks of when

appraising a design can be represented as 2 sigma limits. All percentages used
above are 2 sigma values.

I

I
I

I

I
I

I
I

I

The total lg variability for the load using the root sum square is:

Load variation

Temperature variation

Usage variation

Meas. variation

= 5%/2x120=3

= 2%/2x 120= 1.2

= 1.4%/2 x 120 = 0.84

= 1.4%/2 x 120 = 0.84

rms = 3.44 watts

Therefore, the mean load (L1) is 120 watts and the 1_ variation (al) = 3.44 watts. The

output of the array at the Mars distance is estimated to be 150 watts with the following

(2a) variabilities:

.

.

o

4.

.

.

Since measurements will actually be made at Table Mountain and extrapolated,
a measurement and ignorance factor of 2 percent is estimated.

Cell efficiency varies and will be limited to 2 percent by lot sampling methods
during cell acceptance testing.

Radiation is expected to degrade output capability by 1 percent.

Output varies with temperature. Since temperature predictions may be inaccurate,
a variation of 2 percent is estimated.

Surface contaminants, meteorites, etc. are estimated to contribute as much
as 1 percent.

Output is dependent upon position with respect to the sun and the attitude control
system is expected to maintain the array in a position which will result in no
more than 1 percent degradation of output.

D-5
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The total 1_ variability for the array is estimated to be:

Measurement
- 2 x 150 = 1.5

2-_-x 150 = 1.5
Efficiency - 2

Radiation - -_ x 150 = 075

2%
Temperature _ x 150 = 1.5

I

I

I

I
Contaminants - 2 x 150 = 0.75

1--%-x 150 = 0.75
Position - 2

rms = 2.0watts

Therefore L 2 = 150 watts and _2 = 2.9 watts. The margin d = L2-L 1 = 150 - 120 = 30 watts.

d 30 30
.... 4.5

Zinh a T _i 2 + _22 _ (3.44) 2 + (2.9) 2

- 6.67

I

I

I

!
The inherent probability of success is found in Table C-1 of Appendix C. Since the maxi-

mum value of T (same value as Zin h) is 4.67, Pinh for this case is in excess of 0. 99999

since Pinh is 1-Q.

Program goals have been selected as follows:

Probability of Success = 0. 999

Confidence = 95%

Program Risk (TA) = 75%

Program risk in this case means that there are 3 chances in 4 that the population will

yield an acceptable sample.

The problem is to find the number of tests required to demonstrate a P of 0.999 with 95

percent confidence. To do this, the following equation must be solved for N.

I

I

I

I

I
.....Zin h - K I

= -- =.
I

Z A is found in Table C-1 (Appendix C) as 0.67.

as T in the table for aQof 0.25Q= 1- VA.

Zin h = 6.67 from previous calculation

i-A is 0.75 by definition and Z A
is listed
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Thesolution of the equation is now a trial and error process since the value of K listed

in Table C-2 (Appendix C) is dependent upon N. In Table C-2, C is listed as 7 which is

0. 95. Probability is listed as P and is 0. 999 in this case.

For N = 7, K = 6. 061 on Table C-2. The equation then is:

0.67 = 6.67- 6.061

0.67 / 0.343

An N of 7 is not compatible. It would appear that K is too large, therefore an increase

in N will be the proper direction to move in trying another solution.

For N = 8, K = 5.686 and the result is:

0.67 / 0.63

For N = 9, K = 5.414 and the result is:

0.67 _ 0.895

The best solution is N = 8 and the following summary can be made:

For a load of 120 watts which has a variability of 3.44 watts and an array with 150 watt

capability and a variability of 2.9 watts, 8 tests will demonstrate to 95 percent confidence

that the probability of success is 0. 999 or greater based upon obtaining a sample which

has 3 chances in 4 of being acceptable.

The test is now determined and plans can proceed toward implementation. Once the data

is available, the actual means and variabilities can be used to calculate K which is used

to determine actual P and C. If P is kept at 0. 999, C may or may not be 95 percent.

In the above example rA was selected as 75 percent. In actuality, 50 percent is the

factor normally used. This greatly simplifies the solution for N since Z A is zero for

r A = 50% and K is then equal to Zin h.

The selection of a r A in excess of 50 percent represents a fairly sophisticated approach

which is not recommended until a system such as this has been applied for some time.

The 75 percent figure was selected in this case for illustrative purposes.

For a further illustration, assume that all of the parameters are the same except that

r A is reduced from 75 percent to 50 percent. As noted previously, this makes K = Zin h
which is 6.67. Table C-2 can then be used to find the value of C as a function of N which

is plotted in Figure D-2.

Also plotted is a curve of C vs. N if the margin is reduced to 20 watts from 30 watts.

This clearly illustrates the effect of design margin on the number of tests required to

demonstrate confidence relative to performance capability.
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Figure D-2. Confidence Versus N

II. Workmanship Appraisal

One of the prime functions of a testing program is to exercise the equipment in such a

manner as to locate any discrepancies that may be present as a result of manufacturing

or handling the equipment. It has been found by experience that as these defects are lo-

cated and corrected, the rate at which new defects are discovered is decreased. This

elimination of early failures is portrayed by the first portion of the "bathtub curve. "

In order to work with the defect rate information and to gain an insight into what is

occurring, a statistical portrayal was found. This early failure removal process can

be expressed by a Weibull type statistical distribution. The curve plot of the accumulated

test time versus the rate at which defects are discovered approximates a straight line

when plotted on log-log graph paper. From an analysis of this plot, a prediction can be

made of when the next defect will be discovered thus giving an estimate of the anticipated

time of trouble-free operation.

The analysis process includes the following steps in developing an estimate of the expected

trouble-free operating time.

1. The data to be used will include a description of each defect and the time when
it occurred.

2. A sequence of defects related to the time of their occurrence is established.

3. The time between failures is used to determine the successive failure rates.

I
I
I
I

I
I
I
I
I
I
I
I
I
I
I
I
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I
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5.

6.

7.

8.

As the failures occur, a plot is made of the successive failures on a log-log
graph of the failure rate from last failure versus the total accumulated test time.

An equation is established which is representative of the average decline in
failure rate and is a line parallel to the ideal case of no failures.

Starting with the time of the last failure, an equation is developed which identifies
all possible failure rates versus the continued accumulation of test time.

The intersection of the average declining failure rate curve and the failure rate
possibilities provides a prediction of the expected time of trouble-free operation.

By plotting the predictions of trouble-free operation versus the accumulated test
time, an estimate can be made of the test time required to achieve a trouble-
free time commensurate with the mission requirements. The diversity of the points
around the approximating curve will also provide an estimate of the preciseness
of the prediction.

The following development translates this description into methods and formulations for

the analysis. The description of the terms used are:

x = accumulated test time

x n = accumulated test time of next expected failure

Xn_l = accumulated test time to last failure

y = failure rate between failures

Yn = failure rate of next failure

tf = time of trouble-free operation

C = a constant used to identify the position of the line representing the declining
failure rate.

The defects found in test are the items of interest around which the analysis of workman-

ship center. It is the analysis of the time relationship between the defects that is to be

used to determine the worthiness of additional testing and to estimate the apparent avail-

able trouble-free operating time.

The test history of the Nimbus Stabilization and Control Subsystem will be used to illus-

trate the development of the analysis. A listing of the defects which includes a description

of the defect and the time at which it occurred is the first step.

Test Time Description of Defect

158

185

360

750

800

90O

960

1250

2000

2700

Noisy Bearing

Noisy Potentiometer

Design error - Bellows max-travel. Stop added.

Internal Short - Transistor 2N-657A

Faulty transistor - 2N-2593

Mfg. error - Burr on chassis resulted in a short.

Mfg. error - Crushed insulation

Design Error - Module overheated. Add current
limiting resistor.

Noisy Bearing

Mfg. error - Resistor lead grounded
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Having identified the defects and arranged them in chronological order, the next step is

to determine lhe failure rate between failures. Letting x be the accumulated test tim(.',

then the failure rate of the second failure, Y2'

I I 0.0057
Y2 = _2=._-1 :: 3-6U:T85 =

will be equal to .....
x2-x 1

For this lest,

The values for y IoI"eacl_ of the tests is given in Table D-I.

TABLE D-1. FAILURE RATE VAI,UES
x
n

Failure Average of C a C
Number x y C Log C (Log C)'s to (Centroid) (_a___ tfthis failure Ca-1 )Xn-1

1 158 0.0063 1.00 0 0 1.00 -

2 185 0.038 7.05 0.848 0.424 2.66 297 112

3 360 0.0057 2.05 0.312 0,387 2.44 610 250

4 750 0.00255 1.91 0.281 0.360 2.29 1330 580

5 800 0.020 16.0 1.204 0.529 3.38 1130 330

6 900 0.019 9.0 0.954 0.600 3.98 1200 300

7 960 0.017 16.3 1.212 0.687 4.87 1210 250

8 1250 0.00345 4.30 0.633 0.680 4.79 1580 270

9 2000 0.00133 2.66 0.425 0.652 4.49 2570 570

10 2700 ¢}.00143 3.85 0.586 0.645 4.41 3500 800

The decreasing failure rate of this data is typical of that observed in this stage of testing.

and this period is commonly called the debugging or infant mortality period. The data

must then be organized in some form so that it will be possible to identify the trend of

the testing results and make a prediction of the trouble-free life expectancy of the equip-

ment. To do this, the Weibull distribution is commonly used.

The failure rate equation for the Weibull distribution is-

Z(t) = 5.t _-1

where /3 and a are constants for a particular set of data.

sides of this equation gives

log (failure rate) = log _ + (/3-1) log t

Taking logarithms of both

This equation is plotted as a straight line on a log-log scale graph and the ideal case

where no failures occur would be plotted as line A in Figure D-3. The ten defects are

also plotted in Figure D-3 for their accumulated test time and failure rate values as

given in Table D-I.

The declining failure rate which is representative of the particular hardware and the

diagnostic testing approach will be defined by the following equation which is a line parallel

to the zero failure line. ._,_
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Figure D-3. Flight Vehicle Test, Stabilization and Control Subsystem
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xy=C,

where C is a constant greater than one and determines the position of the actual declining

failure rate line relative to the ideal zero failure line.

The value of C is calculated as the product of accumulated test time for a particular defect

and the failure rate. The following is for defect number two:

C =xy = (185) (0.038) = 7.05

This is calculated for each defect (values given in Table D-l) and the centroid or average

distance of the lines of C for the previous defects is used to establish the representative

line to be used to predict the time of the next failure. In order to determine the average

position of the line on the log scale, the value of C is determined by the average of the

logarithms of the C's. An example of this for the first three defects would be:

Logarithml0

C 11.00 0

C 2 7.05 0. 848

C 3 2. 05 0.312 Average (logC)- 0+ 8,483 + 0.312

= 0.387

The C which is representative of the centroid of these three defects is then the anti-

logarithm of 0. 387 or 2.44. The values for the centroids of the previous failures is

given for each failure in column C a (Centroid) in Table D-1. To make a prediction of

the time of the next failure, the C a for the total of ten defects would be used, and Table

D-1 shows this to be 4. 41. Therefore, the equation representing the average declining

failure rate line is x n Yn = 4.41 where x n is the accumulated test time at the next failure

and Yn is the failure rate of the next failure. This line is shown as line B on the graph

of Figure D-3.

From the point of the last failure, a curve can be constructed which defines the accumu-

lated test time and failure rate values for the next failure.

is

where x n

The equation of this curve

1

--Xn-1+Yn

and Yn are the accumulated test time and failure rate of the next failure re-

spectively, and Xn_ 1 is the accumulated test time to the last failure. The curve for the

next failure after the tenth defect is shown as curve C of Figure D-3. The prominent

feature of the curve is that it is asymptotic to a line representing the accumulated test

time, line D, and the zero failure line, line A.

Since curve C represents the accumulated test time and failure rate of the next failure

and line B the estimated decline of the failure rate with test time, their intersection

would be representative of the probable occurrence of the next failure. By subtracting

the actual test time of the last failure from the predicted time of the next failure an

estimate of the time of trouble-free operation, tf, is found. By solving the following equations

!
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1
simultaneously, x n Yn = Ca and x n = Xn_ 1 + _n '

Ca Xn_ 1

x n - Ca_ 1

the equation

!
I
1

is evolved which provides a convenient means of calculating the accumulated test time

of the next failure using the centroid of the previous declining failure rate curves, Ca,
and the accumulated time of the last failure x

n=l"

There are two ways to obtain the trouble-free operating time. First, by calculating the

test time of the next failure and subtracting the time of the last as:

tf = Xn-Xn-l'

I and second by calculating it directly using the following equation

Xn=l .

tf =

The predicted trouble-free operating times after each failure for the example are given
in Table D-1.

From these data it is concluded that the usual concept of a "failure rate" does not apply.

Rather, the failure rate is declining as faults in the equipment are corrected and an

analysis of the actual failures occurring is essential in assuring the reliability of the

system. If the part screening, module and subsystem testing has been adequate, there

will be no defective parts nor defects in subsystem assembly found during the system

test. The failures that will occur will all be due to design and system assembly errors.

Once these defects are located and eliminated they will never occur again; therefore,

they do not affect the projected reliability of the system.

Since the testing approach is to uncover the defects present in the equipment, the interest

is to develop a means of evaluating the accomplishment of the approach and relate it

to the worthiness of continued effort for increasing reliability. After the occurrence of

each failure, a prediction can be made of the probability time of trouble-free operation.

By relating this prediction to the mission requirements, a determination of the need

to continue testing may be made. If the projected time of trouble=free operation is con-

siderably shorter than the desired mission, then the predictions may be plotted on a

graph so that an estimate may be made of the additional testing time needed to obtain a

more desirable trouble-free operating time.

The predictions from this example have been plotted in Figure D=4. The anticipated

times of trouble=free operation have been plotted against the accumulated test time

associated with the failure and prediction. Approximating a line originating at the origin

and lying along the average of the test points provides a means for estimating the future

contributions of test. The curve represents a total summary and has the limitation that
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the equipment must be operated at least one full life cycle before the prediction can reach

the time of a life cycle. By breaking down the functions of the equipment into their actual

use cycles, it may be found that in the time tested there are multiples of the usage cycle

involved. By identifying the specific cases and adjusting the accumulated test time, it

may be possible to prove out a mission capability without running the entire mission

cycle. Likewise, the type of defect will influence the prediction, and classification of

the defects as critical, major and minor will affect the estimate of assurance of the

equipment success.

An example of an approach which breaks down the usage cycle is included in the Relia-

bility Improvement approach, which is described in Section IV of this appendix.

III. Life Appraisal

In previous discussions of spacecraft life, it was stated that the chance failure method

could be used to demonstrate life capability for cyclic life or even for operating life if

the time is short enough. It was further stated that it is not practicable for each pro-

gram to begin anew to demonstrate life capability on all of its parts and components

because of both time and cost considerations. Identification, or the process by which

previous experience is used, has become the principal method of achieving assurance

relative to long life. This method has been adapted and "formalized" herein.

The probability of success and confidence relative to a particular item can be estimated

from past history using Reliability's chance failure method (see Section 5.3.3B). The

emphasis on a particular program is to establish the compatibility of the present use

environment with the environments (electrical, mechanical and thermal) within which

this long life history was achieved.

Assurance is derived as follows:

1. A probability of success and confidence are derived from previous historical
data using the chance failure technique.

2. Environmental limits are established for this application based upon the en-
vironment within which the historical information was accumulated. The proba-
bility that the environmental limit will not be exceeded is then used to modify
the original estimate of the probability of success based upon historical data to
provide a new figure relative to this application.

3. In test, critical environments or points within the hardware where a small
margin is suspected will be accurately instrumented to provide the data for
margin calculations.

This approach is deemed to be a conservative approach to provide assurance relative

to life capability.

To illustrate the method, the following hypothetical example is included. The terms

used in the example are described below:

d = Design Margin = L2-L 1 (max)

L 1 = Average environmental level of individual test readings, _.

= Variation in the average environmental load
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Ll(max) :

L 2 =

tc =

SL =
N=

2
×l-c =

do f. =

max

W =

R=

Maximum actual average value estimated relative to the sample size and
confidence level.

Maximum allowable environmental load established by experience.

Number of standard deviations for percentage of normal distribution con-
sidering the accuracy commensurate with the sample size.

Standard deviation as calculated for the environmental load data.

Sample size

The minimum ratio of the calculated deviation to the actual deviation
considering the confidence level and sample size.

The degrees of freedom considered and for this application equal to samples
(N) minus 1.

Maximum estimate of the actual standard deviation considering confidence
and sample size.

Number of standard deviations (one-sided distribution) which represents
the probability of surpassing the environmental limit.

Decimal equivalent of the percentage confidence

Probability of Success derived from the analysis of experience.

Temperature has been identified as the principal cause of degradation in the life of a

specific piece of equipment. The maximum temperature experienced during 100,000 hours

of successful operation on previous programs was 90°F.

For this application, total life requirements (test and mission) are 330 hours. Thus,

historical data exceeds mission life by 300 times. From Section 5.3.3B, the probability

of success is 0.99 with a related confidence of 95 percent. Therefore:

R= 0.99

C = 0.95

L 2 = 90°F

An estimate must now be made of the average temperature anticipated and the variability.

For this example, these values are assumed to be:

L 1 = 78°F

= 2°
1

The inherent probability of success is a function of the ratio of the margin to the standard

deviation:

T - d - L2 - L1 _ 90-78 6.0
_I _I 2 -

The probability of success for such a ratio is found in Table C-1 of Appendix C by sub-

tracting the value of Q (determined by the value of T) from 1. For T - 6.0, Q is less than

0. 0000015 and Inherent Probability = 1-Q is greater than 0. 99998.

For a probability of 0.99 and 95%. confidence, the number of measurements required is

found in a manner very much like the determination of N described in Section I of this

appendix. The difference is that this assumes the existance of a limit rather than a

mean and variability on either end. See sketch below.
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L 2
(LIMIT)

For P = 0.99, T, that is the "number of sigmas" required, is found in Table C-1. Q

is equal 1-P or 0.01 in this case and T = 2.33. Therefore 2.33 a's are needed to satisfy

the 0.99 probability.

Since small samples are being used, mean and standard deviation must be adjusted to

make them compatible with program confidence requirements.

The mean is adjusted by the following formula:

Lma x = L l+t c (_-_)

where L 1 = 78

S=%=2

N = an assumed number - in this case, 6

tc = 2.01 from Table C-4 for N-1 = 5 degrees of freedom and C = 0.95

Lmax = 78+2.01 (_)

= 78 + 1.36

= 79. 36 °

The standard deviation is adjusted by the following formula:

ama x = el 2 x X__c

where a 1 = 2

d.f. = degree of freedom - in this case 0.5.
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2 = i. 15 from Table C-3 for N-1 = 5 and T A = 1-c = 0.05.

max
5 4. 1722 x 1.15 -

For an N of 6 to be suitable, the adjusted margin (L 2 - Lma x) divided by the adjusted

deviation (_max) must be more than 2.33.

(L 2 - Lma x)

max

90 - 79.36 10.64 2.55
- 4.17 - 4. 17 =

Since 2.55 > 2.33, six measurements will be a suitable number.

I

I

I

I

I

I
NOTE: For comparative purposes, if N = 8, Lma x = 79.34 and _max = 3.42

L2 - Lmax 90-79.34
so that - - 3.12

_max 3.4_. -

It is assumed that these six measurement were made and are 75 ° , 76 ° , 77 ° , 77 ° , 78 ° ,

and 79 °. The mean or average temperature, L1, is 77°F. The standard deviation is:

2c 1- ,)2SL = (N-I) - _ = 1.414 ° m

The desired program confidence is 95 percent. To make a statement relative to the

value of the mean with this confidence level requires that an adjustment be made because

of the sample size - a recognition of the fact that this data is only a sample of the total

population of possible measurements. The following equation applies:

S L

Ll(max) = Ll+tc (_-)

where L 1 = 77, N = 6, S L = 1.414, and t c obtained from Table C-4 of Appendix C for

d.f. = 5andC =0.95 is 2.01.

I
I

I
I

I
I
I

(

Ll(max) = 77+2.01 (1"414)

= 78.16 °

Therefore, the actual mean could be as large as 78.16 ° only 5 percent of the time.
I

The calculated standard deviation is also adjusted for the confidence associated with the

sample size using the following equation:

a

-- S2x --
Xl-c I
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I The value for X_-c is taken from Table C-3 of Appendix C, here being determined for
9

N-1 = 5 and TA = 1-c = 0.05, ×__c = 1.15.

I _max 1.4142 (1.15) = 2.94 °

I It is therefore estimated that the standard deviation will not exceed 2.94 ° 95 percent of

the time.

If the estimates of limits of the mean and standard deviation were made on the basis of

10 measurements, the statistics would provide considerably reduced values. This re-

duction would reflect the confidence gained by the additional testing. This is predicated

on the basis that there is a positive margin. If there were no margin, the evaluation

would conclude that confidence in successful operation could not be obtained.

The following is now known:

L 2 = 90 °

R = 0.99

C = 0.95

L1 (max) = 78.16 °

= 2.94 °
max

d = L 2- L 1(max) =90-78"16= 11.84 °

The design margin/deviation ratio, T, is as follows:

T d 11.84
= _ = -27-_ = 4.02

max

The probability is found in Table C-l, Appendix C by subtracting the value of Q corres-

ponding to the value of Tfromone. For T=4.02, Q= .000029

Probability = 1-Q = 1 - 0. 000029 = 0. 99997

This then is the probability that the temperature will not be exceeded and a confidence

of 95 percent was associated with it.

The conservative estimate of overall assurance is the product of the experience probability

of success (R) and the probability of not exceeding the environmental limit:

PA = 0.99 x 0.99997 = 0. 9899

The assurance is 98.99% that the equipment will operate for 330 hours and the confidence

is 95 percent.
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IV. Reliability Improvement*

A. Reliability Growth During System Test

In analyzing system and subsystem data, there appears to be a direct relationship of

accumulated test time to the growth of system reliability. Rather than considering test-

ing as just a means of detecting defects, itis viewed in combination with a system of

eliminating the discovered defects of materials, processes, and parts and of design,

manufacturing and testing. For implementing a high reliability demonstration, as is

required for spacecraft programs, it is required that a testing approach and analysis

of the type recommended in this report be implemented.

The actual elimination of defects during the course of testing leads to an increase in the

time between failures as test time is accumulated. This is seen in the reliability growth

lines for actual spacecraft data as plotted in Figure D-5. Line A, on the log-log scale

lying along a slope of approximately 0.75 and passing through the point of 100 hours

"time since last failure" at 1000 hours of testing, is developed from 5000 hours of testing

for prototype spacecraft equipments. For mature system equipment (i.e. composed of

components for which 1000 hours Mean Time Between Failures (MTBF) has been demon-

strated by prior "like" equipments) line B represents the reliability growth and is drawn

at the same slope but passing through the point of 300 hours "time since last failure" at

1000 hours of testing. As an evidence of the applicability of such lines, data from a re-

cently completed set of spacecraft system tests has been plotted on the same graph.

The data was analyzed in varying degrees of depth from the single data points to averages

of five points. The hours of "Time Since Last Failure" are shown for the last three

systems failures of record for a given flightsubsystem. These are single data points

and are joined by the line identified as "l's" (i.e° single failure intervals).

A greater depth and consistency of the data was sought by plotting averages of the last

three failure intervals. This was done to obtain a better indication of the MTBF which is

representative of the design status and condition of the equipment at any time during the

systems test period. The plot of the successive groups of the average of three failure

intervals is made by progressively eliminating the last interval and adding the next inter-

val. This was done over the entire systems test period and the line joining the averages

is identified as "3's." Similarly, successive groups of five failure intervals were aver-

aged and these data points are joined by the line identified as "5's."

Single sided confidence limits (i.e. the confidence with which it can be stated that the

Times Between Failures will be greater than the value shown) were calculated for the "3's"

data. The dashed line in Figure D-5 is the 75% confidence limits. The nominal values of

the "3's" and "5's" data is representative of the 50% confidence limit and is so marked

on the graph.

A cumulative MTBF line for aircraft accessories has been added to Figure D-5 for ref-

erence. This is a more conservative line to draw since it retains in the data as failures
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*Information taken from a concurrent study.
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Reliability Growth Demonstration by Subsystem and System Testing
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all those failures for which corrective action has been taken to assure that such a failure

cannot recur (i. e., on which the probability of recurrence has been greatly reduced).

In Aircraft Accessories, which are considered as representative of mechanical and elec-

tromechanical items receiving improvement effort as any for which considerable amounts

of data are available, the cumulative MTBF, has been remarkably consistent with the

line shown.

It should be noted, however, that a major effect on such Reliability Growth lines is the

opportunity to incorporate corrective actions and verify them by subsequent testing. The

vested interests and costs involved once a design is in production and especially when it

is in operational use are almost devoid of such opportunity. It is essential for a space-

craft program to plan and accomplish advanced component and system testing at an early

date. Also, funds and opportunity must be provided to correct or rebuild deficient or

high risk subsystems and test them to comparable maturity if highly reliable systems are

to be attained. It is a reliability recommendation of this study that the Voyager program

plans and schedules include this provision.

B. Minimum Acceptance Requirements

A criteria for minimum acceptance testing was developed for the Voyager as specified

by S-31100 (Draft). This calls for all components (e. g., transmitters, amplifiers, etc.

packaged as separate units) to be qualified and accepted by test plans which include a

minimum of 150 hours of thermal vacuum testing and that this be extended as necessary

to demonstrate a failure-free terminal period of not less than 100 hours. Also, following

component qualification and acceptance, this calls for all systems to be qualified and

accepted by test plans which (including the thermal vacuum testing at component levels)

includes a minimum of 1000 hours of thermal vacuum testing and that this be extended

as necessary to demonstrate a failure-free terminal period of not less than 700 hours.

The "time since last failure" in Figure D-5 will fall on the curve marked Next Failure,

and the failure-free time of 700 hours is noted as the Acceptance Point on the curve.

Complete fulfillment of all other environmental testing requirements is to precede the

demonstration of the component and system failure-free terminal periods noted above.

Based upon the analysis made during this study of the variations in "time since last

failure" experienced during systems and subsystems testing, it is recommended that the

requirement that "the average of the last three such times since last failure also be re-

quired to exceed 700 hours" be added to S-31100 as a requirement prior to the shipment

of flight hardware.

C. Separate Consideration of Dynamic and Static Portions of the Mission Profile

I

I
I
I

I

I
I

I
I

I

I

I
I

I
I

To be added to this specification S-31100 "Reliability Requirements for Subcontracted

Components, Subsystems and Systems" is the separation of Reliability demonstration

testing into two distinct categories termed (a) Equivalent Dynamic Mission Tests and

(b) Equivalent Static Mission Tests.

Only the "Transients" as illustrated in Figure D-6 are to be included in the "Dynamic"

category of testing. All tests at component, subsystem and system levels are to be of

this category.
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DYNAMIC: VIBRATION, SHOCK & ACTIVATION LOADINGS SUPERIMPOSED

THERMAL (OPERATIONAL & ENVIRONMENTAL) LIMITS

DYNAMIC __STATIC _

(ieTRANS- _RTnn ' __DEACTIVA- L DYE- J
IENT I ........

_4o2o,.,,,,,.,.s1/._
ACTIVATION _ DYNAMIC 8_.TATI_? ._

i TIME ALONG A MISSION PROFILE

NOTE: ENVIRONMENTAL AND QUALIFICATION TESTS ARE TO

PRECEDE THESE TESTS

Figure D-6. Dynamic and Static Mission Profile Elements

All "Static" mission capabilities are to be demonstrated at the part, material, process

unit and subassembly levels in which "long time" storage and long time active life re-

liabilitycharacteristics can be effectively and economically demonstrated.

The test plan for the Voyager Program should include the demonstration by actual en-

vironmental tests either at "as used" stress levels or in real time (or under "accelerated"

test plans previously submitted to and approved by the customer's Project Manager).

A suitable number of "specimen mission times" at constant stress levels should be se-

lected to statistically demonstrate that the design margins applied in the application of

each part, material and process as used in the design and manufacture of each Voyager

"Flight" system are adequate to assure the required Voyager System reliability during

the static (e.g., passive or unactivated) periods of the Voyager mission.

Each Qualification and Acceptance test (as noted in S-31100) is to include as many "dynamic"

cycles as possible within the test times called for in its applicable Test Specification.

The requirements of S-31100 have been recommended as requirements with which the

individual test specifications are to conform.

A preliminary analysis of the number of component and system actuations and of the

number of changes in environments (i.e., transients in Figure D-6) per Voyager Mission

indicates that they may be significantly evaluated as "dynamic" cycles. The test plan

for the four developmental systems called for in the Voyager-Saturn IB Study Report of

October 15, 1963 together with the acceptance tests of "flight" systems and components

D-23



(including spares)will be able to provide a statistically sounddemonstrationof the
SystemReliability requirements for all actuationsand environmental changesinvolved
in the Mission.

By acceptingprevious materials andparts test dataas "a priori" test evidenceto
supplementthe accumulatedtest data, a demonstrationof the inherent reliability may
be madefor the "Equivalent Static Mission Tests." Using this approach, a statistically
soundand economicalapproachto the demonstrationof the fulfillment of SystemRelia-
bility requirements for all "steady state," non-transient portions of the Mission is
possible. Trend analysis maybe used together with suitable design margins to truncate

these test periods to the degree required by or acceptable to the customer.

It is the recommendation of this study, however, that a full demonstration be required

as a part of the Voyager Program for all items for which there is considered to be a

greater than a 50 percent likelihood that they will be used in future spacecraft systems.

A study has been made of the time required to complete a test for which the specifica-

tion contains a requirement to return to the beginning of the test whenever a failure

occurs. (Ref. 64GL93). Figure D-7 illustrates the results of an analysis of probable

checkout times for the simple system described in the figure. If we consider the sum

of the individual test time of the principal components or subsystems (e. g., 8 + 14 + 20 =

42 hours) as Equivalent Test Time for successful checkout this curve indicates that for

such a system there is a 50 percent probability that the requirement will be completed

in one Equivalent Test Time of 42 hours. Also, there is about a 77 percent probability

that less than two Equivalent Test Times, 84 hours, would be required, and that there

is a 90 percent assurance that no more than three (126 hours) would be necessary.

Upon the basis of similar experience and reasoning, it was considered in the Voyager

Study, October 15, 1963, that the 100-hour failure-free requirement for the Equivalent

Dynamic Mission Tests noted above would be able to be completed for components within

a programmed period of 300 hours. And, that the corresponding 700 failure-free hours

requirement for systems tests would be able to be completed (including the 300 hours

allowed for component tests) in an overall period of 2000 test hours. It may be of interest

to note that results of the recently completed tests of the Nimbus Control System indicated

that the production prototype No. 102 fulfilled a somewhat comparable 700 hour require-

ment in 5000 overall test hours and the first flight system No. 103 in 2,700 overall test

hours.

Considering what has been discussed, it is recommended that for the Reliability Demon-

stration for the Voyager program the reliability and performance capability testing re-

quirements be separated into two categories, Dynamic and Static. Establishment of

separate requirements and the identification of the ranges and cycles of environmental

changes per System Test Equivalent Mission must be completed as early as possible

in the program. Written test plans and documents must be prepared and provided to

the component, subsystem and system engineers to advance the date of design qualifica-

tion. The schedule for the associated activities must assure ample opportunity for a
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reasonable demonstration of design and manufacturing reliability and of the systems

mission capability prior to the delivery pressures of the flight date.

PROBABILITY DISTRIBUTION OF CHECKOUT TIMES FOR A SYSTEM OF THREE

ASSEMBLED COMPONENTS---HAVING INSPECTION AND TEST TIMES OF 8,14 AND 20

HOURS AND INSPECTION SUCCESS PROBABILITIES OF 0.9, 0.8 AND 0.7 RESPECTIVELY

100

90

80

7O

CUMULATIVE
60

PROBABILITY

OF 50

SUCC ESSFUL
4O

CHECKOUT

(%) 30

AVERAGE AND RANGE FOR 4 FAILURES...
FOR THE MANY POSSIBLE COMBINATIONS

FROM: ALL 4 IN COMPONENT NO. 1 TO
ALL 4 IN COMPONENT NO. 3

EXPECTED CHECK OUT TIME:

AVERAGE: 69.4 HOURS

VARIANCE: 1636.4 HOURS

STR. DEV. 40.5 HOURS

NOTE:

20 - DIAGNOSIS AND REPAIR (OR REPLACEMENT)

TIMES MUST BE ADDED TO THOSEi0 -
INDICATED BY THIS GRAPH

o I I I I I ] I I _ I l

HOURS 0 40 80 120 160200240280320360400 440

EQIV. TEST TIMES 1 2 3 4 5 6 7 8 9 10

TIMES REQUIRED TO SUCCESSFULLY PASS INSPECTION PER SYSTEM

Figure D-7. Checkout Time

Based upon preliminary analysis of the Voyager mission profile the 1000 to 2000 hour

test periods of the four development systems are expected to provide 98 percent Relia-

bility at 50 percent Confidence (e. g., 93 percent at 90 percent Confidence) for the

"dynamic" portion(s) of the Mars mission.

For example, during the transit period (ref. Voyager Table 4.5.1.6, October 15, 1963)

the cumulative "on" hours = 120 for most components. The "transient" content of this

is estimated at or below 50 percent of this time or a total "dynamic" equivalent of 60

hours. The "dynamic" equivalent of the "continuously on" items (e. g. transponder) is

also of the same order of magnitude during tansit. During the first 100 hours after

arrival at Mars, (i. e., 90 percent Available Mission Value life point) the "on" time is

approximately 12 hours per day = 50 hours of "on" time which at this same "dynamic"

content equals a maximum of 25 "dynamic" hours. The total dynamic hours for such a

mission is then 85 hours. There will then be approximately 25 Dynamic Equivalent

Missions in the programmed 2000 hours of testing per system. The four development

systems would then provide 100 Dynamic Equivalent Test Missions of which the four

700 hour failure free periods would provide (2800/83) 33 failure free Dynamic Equivalent

Missions. This would provide a statistical reliability and confidence in this aspect of

Mission performance of 98 percent at 50 percent Confidence (or 93 percent at 90 percent

Confidence) using exponential reliability tables (R62SD135).

D-25



It is of interest to note that Figure D-5 ,'Reliability Growth Demonstration," necessarily

indicates an improvement in "time to failure" (ioe., reduced system failure rate as a

function of testing time). This is comparable to using a Weibull distribution with a

value less than 1 in place of the exponential. Were such to be demonstrated as a B of

1/2 for example, the above test data would indicate a reliability of 0. 998 at 50 percent

Confidence (or 0.993 at 90 percent Confidence) using Weibull reliability tables (62SD172).

The long steady-state test times called for in the Equivalent Static Mission tests must

terminate in a dynamic test to assure complete start up and operation capability. This

portion of the test plan will require particular attention in mechanical and electromechanical

components and assemblies to assure that outgassing, physical and chemical changes,

adhesion, etc. have not occurred to any adverse degree.

Confidence levels for these long time tests must be inferred from the design margin

analysis and from the sample size, the trend data and the duration of test times avail-

able at the time of launch decision. This area necessarily involves conclusions based

upon tests of items not actually used in the specific flight hardware. However, a large

amount of data is available for analysis and methods are available for making statistical

correlation. Design margins are much more practicable for these steady state stresses

and high confidence is considered practicable in every instance in which the test program

is implemented° It would be a recommendation of the Reliability portion of this study

that the Voyager program plan include a major effort in data compilation and reduction

to Reliability Design Data form so as to make the extensive amount of parts and materials

information for which tests have already been conducted more readily available for de-

sign use.
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APPENDIX E

SUMMARY OF PREVIOUS APPLICATIONS

The statistical principles involved in the proposed approach have been in general use for

ten years or more. These principles provide the basic tools that are used for the evalua-

tions. It is the techniques for using these tools, though, that allow them to play a mean-

ingful and integral part in program activities. The concepts and philosophies leading to

the specific techniques have been increasingly employed since their initial development

in 1960 at GE. The approach has provided a direct relationship between hardware per-

formance and program goals on a number of programs, and in certain instances has led

to major changes in program direction. It has also been used for the evaluation of numerous

subsystems and components providing information for their modification to make them

more acceptable for the particular application where they were being used.

For the most part, the more formal applications have been made on items related to

programs that are classified° While several of these applications are cited below, actual

documentation could not be included because of classification. In those cases where an

unclassified document was prepared, it has been included after the summary. Not all of

the applications were documented in a form suitable for publication. An example of this

is the gas bottle illustration often cited during review meetings. While the work was done

and reported, it was not documented due to the simple press of business°

The following summary lists some of the major applications of the assurance approach:

1. MARK 3 RE-ENTRY VEHICLE PROGRAM

The first major application was the Mark 3 re-entry vehicle program where the technique

was applied to evaluate the altitude fuze, structural loading and re-entry shield capability.

The description of the type and quantity of data needed to prove the height-of-burst

capability of the fuze to a pre-determined confidence level was contained in a document

entitled Proposed Program for Mark 3 Altitude Fuze Calibration and Proofing (Secret)

which was issued 30 August 1960. A subsequent summary report entitied A Summary

of the Mark 3 Flight Test Program Status (Secret) was issued 18 January 1961 which

describes the capability and confidence analyses as well as the results of the flight data

accumulated to that time. The final summary of the height-of-burst analysis was instru-

mental in a modification of the targeting concept used.

Similar analyses and plans were made for the stress and shield capabilities° A total

capability plot for different confidence levels was constructed.

(These reports are not included).

2. SKYBOLT RE-ENTRY VEHICLE PROGRAM

The flight demonstration plan for the height-of-burst, stress and shieldcapabilities for

the Skybolt re-entry vehicle was defined in a document entitled, Mark 7 R/V General

Flight Test Plan (Secret) which was issued 30 June 1962.

E-1



This plan reducedthe numberof flights previously assignedto theprogram by a factor of 20

while providing a greater degree of confidence in proven capability. As the plan was

discussed and accepted, it was considered as a basis for determining the fee on an incentive

contract. The program was terminated before significant results were obtained.

(This report is not included. )

3. MARK 6 RE-ENTRY VEHICLE PROGRAM

The demonstration plan for the Mark 6 re-entry vehicle was issued 26 January 1962 in a

document entitled, Evaluation Criteria - Mark 6 Flight Test Program (Secret). This plan

describes the evaluation plans for a number of functions in the vehicle including attitude

control, shield capability, height-of-burst, spin rate, and others. Work is still in

progress on this program.

(This report is not included).

4. MARK 12 R/V PROGRAM

The height-of-burst and CEP demonstration plans for the Mark 12 R/V were issued in

October 1964 in a document entitled, M.M. Mark 12 R/V HOB & CEP - FLIGHT Test

Demonstration Plan (Secret). This plan contains the variable parameter concept of the

proposed approach as well as a comparison with the classical attributes approach. Even

though the attributes approach does not provide as high a prediction of success with the

limited data, it does provide an overall coverage of the system performance which can

also provide important information.

(This report is not included).

5. TARGET VEHICLE PROGRAM

The document Optimizin_ the Number of Acceptable Flight MDI Transmitters issued on

28 January 1963 (Advanced Quality Sys. Eng. Memo No. NF-023) describes the results

of an analysis made to establish a means of obtaining flight equipment with a high probabil-

ity of success. The report describes the manner in which a performance parameter was

used to establish an acceptance criteria for the selection of good hardware.

(This report is included in this appendix except for the data on individual units).

6. DATA ANALYSIS

The memo entitled "Analysis of Magnetic Inertial Switch Operational Data" (Advanced

Quality System Engineering Memo NF-022, January 28, 1963) describes the operational

understanding that can be obtained about a component through the analysis of its test data.

It indicates the need for critical parameter recognition and the need of a more realistic

specification. The supplement shows the kind of specification that could be written and

how the assurance of a particular switch's capability would be developed through the four

test phases.

(This report is included in this appendix. )
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OPTIMIZING THE NUMBER OF ACCEPTABLE FLIGHT MDI TRANSMITTERS

January 28, 1963

N. F. -023

E. E. Rygwalski
Advanced Quality Systems Engineering
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Problem:

Establish a means of eliminating potential failures and marginal transmitters.

Data:

The analysis was based upon data accumulated from Vendor Operability Assurance, RSD

Operability Assurance, RSD Systems Tests and RSD Field Tests. Categories of hardware

were then established as failures, marginal and acceptable for flight. Failures are those

which have failed in RSD OA, RSD Systems or RSD Field Tests. Marginal components

were those components whose trends and values were significantly different from the

failures and marginal components.

Analysis

The long range frequency deviation from fo was used as a parameter to predict failures

and potential failures. Data from approximately 46 transmitters was analyzed over all

environments. To eliminate bias, extreme values or stragglers for a given environmental

test were eliminated from the analysis.

Figure 1 compares the distributions of the acceptable components vs. the potential failure

and marginal components. Limits are based at the 90% confidence level. The abscissa

reflects the approximate time interval for each test as well as approximate accumulated

test time through all Operability Testing. The cross-hatch area represents the area

where the distribution of the failures overlaps the distribution of the acceptable components.

Hence, a certain amount of risk is involved in making decisions within the cross-hatch

area.

Figure 2 shows a more realistic picture of the cross-hatch area. This figure only shows

the vendors and RSD's bench and post vibration test results. The cross-hatch here actually

represents the proportion of indecisions or risk involved. The distribution shows the

region in which 95% of the components will fall with 90% confidence.

Figures 3 to 32, not included here, show the frequency deviation from fo for the individual

serialized components from vendors' initial bench through RSD Operability Assurance,

Systems Test and Field Test where applicable or where-ever information is available.

Results:

The transmitter reflects two distributions - one symbolic of acceptable flight components

and one symbolic of failures and marginal transmitters. Based upon these expected

distributions, the potential failures and marginal components can be eliminated or

screened reasonably early in the testing cycle to reduce the amount of vendor and RSD

component testing and reduce the shipment of transmitters to RSD only to have them sent

back to the vendor for repair.

Depending upon the risks involved, criteria can be established for the vendor and RSD

tests. For example, suppose each time the decision was made we wanted to be 90% sure

of rejecting a defect and also would like to risk only rejecting 1% of the good components

at the Vendor's Bench Test. Therefore, looking at Figure 2 and the Vendor Bench

distributions, the acceptance criteria would be -200 i. e., any component whose initial
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bench value is greater than -200(-200.1 to - ) would be rejected. This procedure can

then be followed for the additional tests.

Table I shows how this type procedure can be implemented and its effects. Once again,

applying such a system to the present problem, Table H shows the results.

The effects attributable to the environment are not consistent from component to component,

that is, these environmental measurements are random throughout the specification range.

In addition, there appears to be a significant difference between the effects of vibration at

the Vendor's tests and during RSD tests, perhaps indicating that these components are

withstanding different environmental stresses during each test.

Recommendation:

In view of the information contained herein, consideration should be given to the adoption

and implementation of such a screening test procedure. It is probably advisable also to

do further investigation and analysis on other parameters. With sufficient information on

several parameters of costly and critical items a great deal of savings can be realized

and yet still produce a higher quality product.

It is suggested that further investigation and analysis be conducted to measure the effects

of time on the transmitter. Indications are that there are probably some parts whose

failure rates, rated loads, etc., do not compare with specification requirements. This

information with the additional systems and field tests results can add further refinement

into the analysis systems and confidence into the screening procedure.

Table IH presents the status of transmitter in R/V's based upon results and criteria used

in this analysis and screening procedure.

The elimination of these potential troublesome components sufficiently early in the testing

cycle, even though the parameters are within the present specification, will be one of

RSD's first steps in applying statistical, scientific techniques rather than the brute force

(test, test and test) technique.

Action Required:

In order for RSD to maintain high quality and reliable hardware for flight, the following

table lists the R/V's whose flights are (were) in jeopardy and the recommended decisions

that should be ( or should have been) taken to reorient the vehicle to the high quality and

and reliable condition.

R/V GE S/N Vendor S/N

789 5476673 8

Status

Replaced - Prob. of success 1%
Prob. of failure 90%

789 54743880 7 Critical -

791 5476671 14 Critical -

Prob. of success I%
Prob. of failure 90%
(REPLACE)

Prob. of success I%
Prob. of failure 95%
(REPLACE)
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R/V

238

768

240

E-8

GE S/N

5473881

5476564

5743928

Vendor S/N

19

21

31

Status

Replaced - Prob. of success 1%
Prob. of failure 90%

Critical - Probo of success 1%
Prob. of failure 90%
(REPLACE)

Critical - Probo of success 1%
Prob. of failure 95%
(REPAIRED)
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Test Condition

Vendor Bench

TABLE II

PICTORIAL SCREENING TEST PROCEDURE

(Using limits from Table I)

Below
-100

Vendor Bench

Above
-lO0

Rejects

* Vendor Data Not Available

Below
-100

I

Rejects I 9 ]

Vendor Post
Vibration

Above
- I00

RSD
Bench

Below
-150

Rejects

Above
- 150

i

E-IO

RSD
OA
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Introduction

In a "Plan for activation of a Hardware Quality Evaluation System" (July 1962),

the activity was characterized as Data Analysis to evaluate existing standards.

report is part of that phase of activity.

For the purpose of this study, the magnetic inertial switch was selected as being fairly

typical of vehicle operating components. Analysis based on variable test data was there-

fore initiated, being limited to the available data which had been acquired in our manu-

facturing process during assembly and acceptance testing.

Discussion

The magnetic inertial switch (drawing number 938C875) functions as a part of the

electrical system with the responsibility to break the continuity of a transformer primary

circuit. The switch has four critical characteristics:

1. Provide a positive opening when required.

2. Provide a "clean" break for proper system operation

3. Maintain closure under all conditions before actuation

4. Positive reset after test.

Of the four characteristics, the testing only takes into consideration the latter two. In

acceptance testing, the switch is required to activate between 37.5 and 50 g's and in

qualification testing at between 37.5 and 62.5 g' so After the acceleration test, the

circuit continuity is checked through the switch contacts to determine that they have

reset.

Component Acceptance is specified by Standing Instruction No. 229000 as incorporating

the following tests:

1. Immersion

2. Dielectric Strength

3. Insulation Resistance

4. Contact Resistance

5. Operation

The last test (Operation) is performed before potting, after potting, during high tempera-

ture, and after vibration. Switch operation is achieved by use of a centrifuge, and

activation is considered satisfactory if it occurs between 37. 5 and 50 g's.

Because of a large volume of recorded operating values, the operation test was selected

as desirable for this study. Since all data sheets do not contain activation values in g's

however, the meter-indicated RPM values were therefore considered. Where operation

values do exist in the data record as "g" values, they are acquired from three conversion

charts related to the different radial mounting arms of 17, 16.75, and 16.50 inches.

Probably partly because of this, the derived "g" values recorded on data sheets were

found to reflect personnel errors to an extent that made the values questionable. It was

therefore decided to use the directly indicated RPM values as our study parameter.

Phase 2 of

This

E-13



In order to usethe RPMvalues, it was first necessaryto makea conversionof muchof
the data° Thepre-pot andpost-pot datahadbeentakenwhile using a radial arm of 16.75
inches, while the high temperature andpost-vibration datahad beentakenwith useof a
radial arm of 16.50inches. To permit a classification by RPM's, all of the 16.50inch
datawas convertedto the RPM's that wouldhavebeenindicated if a 16.75 arm hadbeen
used to achievethe same"g" values at which activation did occur.

The data for this analysis consistedof about2700valuesof acceleration for about260
components. This datawasacquired from the manufacturingproduction area as the
result of required pre-pot, post-pot, high temperature, andpost-vibration testing. The
Average, Deviation, and ±3 sigma valuesof RPMwere calculatedfor eachof these
situations as well as for the total overall picture. Results are listed in the following
table. The distributions of the dataare plotted in Figures 1and 2.

Pre-pot
Post-pot
Hi Temp.
Post Vib.
All

m

v X - 3v X + 3_

302.6

302.0

304.4

305.2

303.5

8.8

8.9

8.4

8.4

9.3

276.2

275.1

279.3

280.1

275.4

329.0

328.8

329.4

330.2

331.5

Observations

It is assumed that the quantity of data considered produces values truly representative of

the component operation; and that additional data will not significantly alter the results of

our calculations.

It can be noted that the environmental testing is accompanied by slightly higher average

values of RPM and by slightly smaller ± 3 v values. Such response is typical of these

components and is recognized by the intentional increase of upper limit during qualification

and requalification tests.

Specification limits for satisfactory acceptance test operation is from 282 to 323 RPM.

The actual distribution of performance has +3_ limits of 275 to 331 which are greater

than the specification.

Recommendations

Being well into the program, it is desirable to apply a practical solution to the preceding

differences. Both specification and standing instruction should be altered to reflect actual

product characteristics. This is considered permissible in view of the fact that the lower

limit of 37.5 is not a firm value and that the specified upper limit of 50 g is increased to

62.5 g for qualification testing anyhow.

As a desirable future practice, this type of limits-evaluation should be performed before

the final specifications are firmed. The R & D data and evaluation would provide a

measure of the equipment's capability, and the early timing would be such that minor

modifications of hardware and specifications are feasible.
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Figure 1° Test Data Distribution
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Measurement of the upper operating limit by centrifuge action is open to question. Such

measurement is not realistic and could be better simulated by the approach used for

performing Life Tests.

In this component the critical "break" characteristics is not measured. Determination,

specification, and measurement of this characteristic are urgent for the identification of

the proper functioning of this component.

Conclusions

This document was introduced as part of a broad study concerning quality. In the area of

Hardware Quality we have here investigated the existing practices concerning a single,

lone component. If the investigation has revelaed conditions probably true of other

components, it has served a significant purpose.

General conclusions drawn from this experience are summarized as follows:

1. These should be a proper recognition of the critical characteristics of components.

2. There should be a test program properly coordinated with this recognition of
criticality of characteristics under test°

3. There should be a directed statistical analysis of the test data.

4. There should be provision for modification of specifications and standing
instructions so as to permit a recognition of realistic statistical conclusions.



I
MAGNETIC INERTIAL SWITCH ANALYSIS SUPPLEMENT

(Assurance Appraisal)

The analysis in the report indicates what the demonstrated capability of the produced

inertial switches is relative to the load required for opening. In checking with the design

engineer it was found that the specification limits originally selected and the design's

capability do not actually represent what would be required for successful operation of this

switch.

Test for Lower Limit

The main concern for performance is that the switch does not open prematurely. To

show how the assurance appraisal would function, estimated limits of the imposed load

have been made. Then using actual performance data from a particular switch the

developed assurance is measured after each test phase,

The anticipated loading conditions are 7.5 g's and the expected variability would be 1.5 g's

(2 sigma).

Switch Serial No.

5312771

Following is the data from a particular switch

Pre-Pot Post-Pot Hi Tempo Post Vib.

47.75 48.25 48.5 48.5

44.5 45.5 47.25 48.75

44. 5 45.5 46.0 48.75

49° 0 49.0

48.0 49° 25

46.5 49.25

Assurance after Pre-Pot test

I
I
I

I
I
I
I

i
I

I
g average

47.75 +44.5 +44.5= = 45°6

_(45o 6-47. 75) 2 + (45.6-44. 5) 2 + (45.6-44. 5) 2
S switch = 3-1

=1.3

(margin) = 45.6 - 7.5 = 38. 1

Sg = S ad = Sswitch

=_(. 75) 2 + (1o 3) 2

--1.5

K - _ - 38.1 _ 25.4
Sg 1o 5

Assurance is greater than a confidence of 95% for a probability of success of 99.9%.
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Assurance after Post-Pot test

gaverage = 46

Sswitch = 1.6

I

I

I
I

I

I
I

I
i

(margin) = 46 - 7.5 = 38° 5

Sg = _(. 75)2 + (1. 6)2 = 1.77

K - 38.5
= 21.7 giving an assurance greater than 99% confidence for a probability1.77

of success of 99.9% (From Table C-2, Appendix C)

After the post-pot test, the achieved assurance is greater than the maximum that is

reasonable to demonstrate. Therefore, the remaining data is only reviewed to detect any

significant changes, and the demonstrated assurance will remain at this maximum value.

For the component analyzed, a review of the data indicates that no significant change has

taken place. The assurance of successful operation of this component, that it will not

activate during anticipated loads, has been demonstrated to be 99.9% and the confidence

is greater than 99%°

Test for Upper Limit

As was explained in the report, the test that is used is not a realistic simulation for the

upper operating limit. The loading to provide the switch opening is subject to a wide

variability. To indicate to engineering and test planning the significance of the operating

limits, the following hypothetical assurance analysis was made using the centrifuge data

and selected values for the operating loado

The operating load was taken to be 80 g's and the variability 16 g's (2 sigma). The data

used is also for switch Serial No. 5312771.

Assurance after Pre-pot test

I gaverage = 45.6, Sswitch -- 1.3

(margin) = 80 - 45.6 = 34.4

| Sg=_/(8)2+(1.3)3 = 81

I K=-_-- 34.4 _ 4.24
Sg 8.1

I By interpolating C from Table C-2,Appendix C, for a probability of success of 99_c, a
confidence of 73% is estimated.

I
I

I

Assurance after Post-pot Test

gaverage -- 46 , Sswitch - 1.6

(margin) = 80 - 46 = 34
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Sg =_(8) 2 +(1.6) 2 -- 8.2

K - 34-4.15
8.2

For a probability of success of 99%, the confidence is 89%.

Assurance after Hi Temp.

g average = 46.8, Sswitch = 1° 5

(margin) = 80 - 46.8 -- 33.2

=_(8) 2 + (1.5) 2 =8.1Sg

K- 33.2 _ 4.10
8.1

For a probability of success of 99%, the confidence demonstrated is 97%.

Assurance after Post-Vibration

gaverage = 47. 5, Sswitch = 1.6 I

(margin) = 80-47.5 = 32.5

Sg -- _(8) 2 + (1.6) 2 = 8.2 I

K - 32.5 _ 3.97
8.2

For a probability of success of 99%, the confidence demonstrated is 99%.

The curve in Figure 3 shows the growth of confidence as the testing progresses.

-I00 --

-9O

-8O

Z

_ -70
Z
0
r_

-60

PRE- PQT POST-PO_T HI-TEMP POST-VIBRATION

F _r
-_" 6 12

NUMBER OF TESTS

=1
18

Figure 3. Growth of Confidence
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In reviewing the assurance analysis, the major contributor to the confidence in the total

variability, Sg, was the variability of the loading which, as was pointed out, was not

being measured by the testing. With the values assumed for the loading, the demonstrated

confidence that the switch would operate shows a significant gain for each test through the
Hi Temp tests.
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APPENDIX F

A SAMPLE INTERFERENCE CONTROL PLAN

The Interference Control Plan contained herein was prepared for a satellite program. It

is included to illustrate the general method of interference control which resulted in the

identification of the potential problem areas referred to in Section 5.2.2A.

A. Scope

This Interference Control Plan covers design requirements, interference test procedures,

and limits for electrical and electronic equipment to be installed in or associated with

this Program.

The plan requires that special emphasis to be placed upon the components and subsystems

during their design, development, and testing phases so that the composite system will

operate satisfactorily according to the system specification requirements.

B. Definitions

EMI - (Electromagnetic Interference) is formally defined as any electrical or electro-

magnetic disturbance, phenomenon, signal or emission, man-made or natural, which

causes or can cause undesired response, malfunctioning or degradation of performance of

electrical and electronic equipment. Among the most common sources are (1) abrupt

interruption of voltages and current such as manual, mechanical, or electronic switching

of relays or other inductive components, (2) repetitive operations such as those associated

with digital computer operations, (3) side-lobe radiation from antennas, (4) spurious

emanations from high powered equipment, (5) overlapping of assigned frequency bands of

equipment.

Interference - Any electrical disturbance which causes undesirable response or malfunc-

tioning of any electronic equipment at any frequency from zero to the highest frequencies.

Susceptibility - That characteristic of an equipment which is evidenced by malfunctioning

due to the presence of interference voltages and fields.

Radiation Interference - That interference which emanates from wiring within an enclosure,

or externally from wiring to and from an enclosure.

Conducted Interference - That interference which is conducted by wire of structure from

an interference producing source.

Signal Circuit - A circuit containing information which normally varies with time.

Power Circuit - A circuit which distributes energy from a source to a using element. No

information is present beyond that relating to the energy.

Control Circuit - A circuit, normally of the on-off type, which is used to control action or

events in other circuits.
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System - The satellite vehicle with all of its subsystems installed and operating.

C. Objectives

The objective of this Interference Control Plan is to indicate how interference control will

be accomplished on the Program. This document describes interference control measures

taken in the following areas:

1. Engineering design procedures applied to the satellite at the system level, and
to the components.

2. The Military Specification Requirements of MIL-I-26600 and MIL-E-6051C be
met.

3. Design aspects of the interference environment which is created by the satellite.

4. Utilization of the inherent shielding characteristics of the satellite.

5. Shielding and bonding techniques.

6. Cable routing.

Paragraph E of this plan is, in essence, a status report of the interference control studies

and plans made to date. However, the objective of the total control plan is to identify all

critical interfering and susceptible components, test them in accordance with specification

MIL-I-26600, and apply suppression or protection techniques where required.

D. Interference Control Philosophy

All subsystems of the satellite and ground support equipment have been reviewed and com-

ponents identified if they are potential interference generators or are susceptible to radiated

or conducted EMI. Test plans and test reports will be submitted to the procuring agency for

approval. The components will be tested in accordance with specification MIL-I-26600,

and the test data will be presented to the Program System EMI Engineer for approval.

Before approving the EMI test data for any component or subsystem, the System EMI

Engineer will compare the data with data from other components and/or subsystems in the

satellite.

Where the interference level is above the specification limits, this point in the frequency

spectrum will be investigated on other components and subsystems in an effort to predict

the compatibility of the components subsystems when operated as a complete system or

assure compliance with MIL-E-6051C. This spectrum analysis shall also include frequen-

cies known to emanate from the boosters, the launch range communications, and tracking

stations. After this analysis is made, the System EMI Engineer shall recommend that the

out-of-specification component either be corrected or approve a request for waiver to the

specification. This request shall be forwarded to the procuring agency.

E. Component Design Requirements

The components which are designated as being critical with respect to EMI (potential

interference generators or susceptible to EMI) are as follows:

F-2
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1. Electrical Equipment Package

2. Communication Package

3. Initial Separation and Spin-up Subsystem

In order to assure development of "interference free" equipment, interference considera-

tions have been initiated early in the equipment design stages as part of the overall design

and development program. The interference control design techniques are described in

the following paragraphs.

1. Electrical Equipment Package

This section describes the steps which have been taken at this time to identify radio

frequency interference emanations from and to improve the susceptibility characteristics

of the several units of the Electrical Equipment Package. The functional parts of this

package to be considered are:

1. Case and Harness

2. Telemetry Transmitter

3. Telemetry Processor

4. Voltage Regulator

5. Telemetry Converter

a. Case and Harness

In order to control the electromagnetic interference and susceptibility in the Electric

Equipment Package the following design standards shall be met.

1. EMI Grouping - Elemental power and signal distribution drawings will be constructed.

Circuit strings will be analyzed for both d-c and dynamic impedances, including the

operational power source. Conductor sizes, routing and grouping will be controlled so as

to approach a low noise distribution network for both conducted and radio received noise.

Noise and quiet circuits will be used where practical. It is intended that wherever possible

the harness wire shall be bundled, routed, shielded and color coded in accordance with its

EMI characteristic. Typical groupings are:

Power circuits

Noisy and non-susceptible

Not noisy and susceptible

Not noisy and not susceptible

High frequency potential radiators

Noisy and susceptible

In some

noise.

An attempt has been made to route equal and opposite current circuits (such as power and

return leads) as twisted pairs.

cases, filter networks will be inserted in the lines to decouple and isolate conducted
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2. Shielding and Bonding - The package is partitioned into sections to provide internal

isolation from interboard cross talk. Noisy circuitry is isolated physically from poten-

tially susceptible circuits. For example, the transmitter and power supply circuits are

located together at one side of the canister to shorten the noisy leads and to permit a

metal shield to be constructed across the box to separate these units from the telemetry

processor boards.

All leads entering or leaving the unit will be either shielded wire or coaxial cable.

Separate connectors will be used for power and signal leads. All critical leads inside

the box will be shielded_with the shields, as a rule, grounded to the case at the input end.

However, it has been determined from experience that the final shield-ground scheme

will be based upon the best operating results, which are usually based upon the frequency

of the information carried by the wire and its location with respect to the chassis and other

wires. The effectiveness of the routing and shielding techniques will also be greatly

improved by planning all questionable interfering cables and wire to cross each other at

right angles.

The aluminum canister has an alodine conductive coating. There will be two bonding straps

to assure a low resistance path from the canister to the satellite air frame. All internal

ground circuits from the modules to the canister skin will have resistances of less than

0. 005 ohms.

b. Telemetry Transmitter

1. Case Design - The telemetry transmitter is constructed in a dip brazed aluminum

compartmentized box. The chassis and its covers are silver-plated to assure good r-f

conduction andgold-flashed to prevent corrosion of the silver plate. A woven aluminum

screen has been placed under the case covers and under the d-c power input connector to

prevent r-f radiation from the case.

2. D-C Power Line Filtering - The positive side of the two d-c voltage input lines are

filtered by the use of feed-through capacitors in each line and by an L-section filter in the

32-volt line and a Pi-section filter in the 15-volt line. The d-c leads inside the chassis

are also filtered by the use of ferrite beads. The d-c return lines are case grounded inside

the chassis.

3. RF Output Filter - Spurious emissions and harmonic content at the output of the trans-

mitter are reduced by the use of a high-Q tuned output circuit and by a special bandpass

filter in series with the antenna lead.

c. Telemetry Processor

In order to control interference and susceptibility in the processor circuitry the following

design techniques have been utilized:

F-4
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wall between the processor boards and the other circuitry. Provisions have been
made for installing additional shielding between processor boards if required
after the final packaging.

2. The printed boards have been designed with shortest possible interconnecting leads
and with all d-c returns connected together to give the processor a common ground
reference point.

3. All power supply lines have decoupling capacitors across them as they enter each
board. This arrangement accounts for as many as three 0. 005 microfarad
capacitors on each of the nine printed circuit boards.

4. Several design tradeoffs have been made in the processor circuitry to reduce the
susceptibility levels. These are described in the section of this report concerned
with design levels.

d. Voltage Regulator and Telemetry Converter

The Voltage Regulator and Telemetry Converter combination have been designed to work

compatibly with each other, with the solar array as an input and with their outputs to the

telemetry subsystem and communication package. All leads have been kept to a minimum

length and isolating capacitors are used across the switching circuit. A separate ground

wire is used for the return circuit of each output voltage in order to minimize coupling

between the power output circuits.

2. Communications Package

The CommunicationRepeater is being developed on subcontract to General Electric. The

subcontractor will institute an EMI Control Program in compliance with the Phase II Work

Statement. This program will be closely integrated with the General Electric program to

assure r-f compatibility of the subsystems.

a. Radio Frequency Interference Control

Effective radio frequency interference control is essential not only to assure compliance with

Specification MIL-I-26600, Interference Control Requirements for Aeronautical Equipment,

but also to adequately safeguard against self-jamming on spurious transmissions due to

internally generated interference. In fact, it is imperative that radio frequency inter-

ference control be effectively implemented from the subassembly to the system level.

The initial EMIC task will be to review equipment design and EMIC requirements. An

EMI control plan will be prepared and submitted for AF/SSD approval. The approved

control plan will serve as a design guide for the project to insure compliance of the com-

pleted equipment with the EMIC requirements. The following design topics will be detailed

in the control plan:

1. Preferred circuits

2. Source suppression

3. Components, choice and mounting details

4. Bonding (compliance with MIL-B5087A)

5. Shielding

6. Case continuity
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7. Groundsandgroundcurrents
8. Internal and interconnectwiring

A formal EMIC test plan will be prepared. The test plan will detail all tests required by

the EMIC specification, and will be submitted for Air Force Approval.

b. EMIC Program Summary

1. Review design requirements with

project

2. Liaison with customer on conflict between

equipment requirements and EMIC specification

3. Prepare EMIC control plan to ensure compliance

with design and test requirements of MIL-I-26600

and MIL-B-5087A

. Provide EMIC engineering assistance on the

following:

a. Review of electrical and mechanical design

b. Component Tests (selected areas)

c. Module tests (selected areas)

d. Development model test

e. Data analysis

f. EMIC progress reports to
customer

g. EMIC test plan to MIL-I-26600

5. EMIC test on prototype

6. Formal qualification test

7. Formal test report to MIL-T-9107/

MIL-I-26600

8. Re-assurance Test

9. Production follow-on

a. Prepare follow-on test program

b. Review production changes

c. Perform follow-on tests

Inception of program

Completion of Item 1

Inception of program

Submit document within

90 days of inception or per

contract

Prior to module fabrication

Prior to developmental
model

Earliest available

After each test

Part of monthly technical
progress reports

Submit document 30 days
prior to test or per con-
tract

Per project schedule prior

to production

On Non-High-Rel Unit

Subsequent to test

High-Rel Unit

Prior to production run

As needed

Per 8

3. Initial Separation and Spin-Up Subsystem

For control of interference and susceptibility in this subsystem the following design tech-

niques shall be used: The actuator pyrotechnic squib utilized in the tank-valve assembly

shall not fire as a result of the application of one watt of direct current power for five

minutes and as a result of the application of one ampere of direct current for five minutes.

This application must be met without the application of external shunts.

I
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Igniter shorting caps shall remain on all pyrotechnics unless required for testing or

completing final assembly of the vehicle in the field. For other design techniques used

in this subsystem refer to Paragraph G on System Design Requirements.

F. Component Testing Requirements

1. General

The Electrical Equipment Package and the Communications Package shall comply with the

requirements of MIL-I-26600. Each package shall be subjected to the following qualification

tests as described in MIL-I-26600:

1. Conducted Interference on power lines

2. Radiated Interference

3. Conducted Interference on signal lines.

4. Susceptibility

a. Radio Frequency Conducted
b. Audio Frequency Conducted
c. Radio Frequency Radiated

5. Antenna Conducted

6. Intermodulation (communication Package only)

7. Front-end rejection (Communication Package only)

2. Test Plan

A detailed test plan for each of these components shall be prepared, showing the means

of implementation and the application of the test procedures of MIL-I-26600o The test

plans will be approved before any interference testing is started on these two packages.

3. Test Report

After the interference tests have been completed, a test report conforming to MIL-T-9107

shall be submitted to the Air Force for approval. In addition to the requirements of

MIL-T-9107, the test report shall include such details of testing as described in

Paragraph 4.1.3 of MIL-I-26600.

G. System Design Requirements

In order to control the electromagnetic interference and susceptibility throughout the

satellite the following design standards shall be met.

1. Interference-Free Design

Interference generation and susceptibility shall be considered in the basic design of all

electronic and electrical components and subsystems. This design should be such that

a minimum of interference is generated before suppression is applied.

2. Power and Signal Return Lead Considerations

In the design and layout of all interconnections, it is necessary to consider the complete

circuit, i.e., the going and return wires. The interconnection design should be such that
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wires carrying current to and from the load are always run together and twisted for their

full length. Where branch circuits are created, both wires should be treated in a similar

manner. This method of power and signal distribution wiring will minimize the creation of

large loops and the associated magnetic coupling which may be the source of adverse

influence upon power circuits or may be susceptible to interference from signal circuits.

Power circuits shall be twisted and provided with a wire return bus to the power source.

If the circuit must be grounded to the airframe, this shall be done at one point only. The

aim is to keep the structure as an equipotential element.

Low current power and control return circuits shall generally be treated the same as

power circuits.

The signal point within a unit is often necessarily common to the power return point. To

reduce common impedance between these circuits, separate connector pins and separate

wire returns should be provided. When grounding is required, it shall be within the unit

case.

3. Shielding Consideration Radiation and Susceptibility Minimization

In general, shielding of leads shall be employed only as indicated below. Where leads are

shielded, the shield shall be continuous along its length. General practice should be to

protect shielded conductors with an insulating covering to prevent any intermittent contact

between shields in a cable or between shields and frame.

In the following paragraphs the dividing line for a low and high impedance circuit shall

be considered as 0. 5 volt. However, this voltage level or dividing line is tempered by

considerations of impedance levels and interference signal levels. A high impedance

circuit shall be construed to be one having an impedance much greater than 1000 ohms.

A low impedance circuit is one whose impedance is much less than 1000 ohms.

a. Low Level Signals_ Low Impedance

In general, twisted pairs shall be used for signal and return leads. Leads shall be carried

through connectors on adjacent pins. For very low-level signals, i.e., where good

resolution is desired at a few millivolts level, the pair should also be shielded. Grounding

should be achieved inside the component cases.

b. High Level Signals t High Impedance

In general, groups of leads can be run through a single overall shield.

in the vicinity of interference sources, shielding is also recommended.

be case-grounded at the connector.

For single leads

The shield may

4. Component Cases

The cases of all electronic equipment containiz_g amplifier stages, or signal circuit elements

feeding amplifier stages shall be provided with tightly fitting covers.

overlapped to eliminate gaps which provide electromagnetic paths.

F-8

All joints shall be

I

I

I
I

I
I

I
I

I

I
I

I
I

I
I

I
I

I
I



I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

Cases containing r-f sources such as transmitters and receivers shall have maximum

fastener spacing of two inches. For r-f leakage elimination the fastener spacing should

assure tight, continuous contact pressure between two surfaces. An alternate solution,

which simplifies the pressure is the use of conductive gaskets composed of knitted wire

mesh. In addition to high pressure between two mating surfaces, good electrical contact

must exist. Therefore, non-conductive coatings must be removed. Cases containing r-f

sources or receivers shall have filters on the leads leaving the case (other than r-f coax).

If filter circuits are required to be external to the case, they shall be shielded, and the

interconnections treated as for r-f coaxial leads. The filters shall reduce the lead conducted

noise to the required level.

5o Bondin_

The cases of all electrical-electronic components shall be bonded to the structure.

objective is to place the box and structure at the same potential.

The

Where integral bonds are used, they may be welded, brazed, sweated, or bolted provided

mating surfaces are cleaned of paint or surface film before assembly and at least four

bolts are used.

6. General

For reduction of conducted interference, the following actions are being taken:

1. Use of transformers with electrostatic shields

2. Filtering of rectified power leads where they enter a unit in which an interference
source exists.

3. Decoupling pulse circuit power leads near the point of generation

4. Noisy leads crossing clean leads at right angles and isolated where possible

5. Rise time of pulses does not exceed that necessary for proper equipment
operation

. Signal leads separate from power leads throughout their length. This requires
separate cable bundles and separate connectors. Where equipment design does
not allow this, good separation shall be maintained on connector pins between
the signal and power leads.

. Placement of components shall be such that a minimum of undesired coupling
is achieved with a minimum use of suppression devices. Components shall be placed
so that the more susceptible leads are the shortest. Major noise sources will also
be located so that the power leads are of minimum length.

H. System Testing Requirements

1° Specification Compliance

The complete satellite will comply with the system compatibility specification MIL-E-6051C.

Compliance will be demonstrated by testing the D1 and P1 satellites in accordance with this

specification. The purpose of this test is to prove (1) that all components within the satellite

are compatible with each other and (2) that there will be a low probability of the system's

malfunctioning due to interference. )_,/_ff
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2. System Test Description

The philosophy of the electromagnetic compatibility test is to monitor numerous critical

points within the system while individually operating known or potential noise sources.

The process will be carried out conservatively and a sufficient number of times in order

to ascertain whether any degradation of system performance or any malfunctions have or

have not occurred. A time-abbreviated mission profile should also be accomplished to

determine the effect of a reasonable multiplicity of interference sources operated simul-

taneously.

3. System Test Plan

A detailed test plan showing the means of implementation and the application of the test

procedures in MIL-E-6051C will be submitted to the Air Force thirty days prior to the

starting of the system compatibility test. The plan will include a test matrix which will

outline the expected noise source, critical points to monitor, and the monitor instrumen-

tation to be used. Figure 1 is a typical matrix sheet.

The noise sources (frequency and amplitude) will have already been identified and localized

during the MIL-L-26600 component tests. Likewise, the various points of vulnerability

to high level EMI within the satellite will have been determined by the same means.

Insofar as possible, the practical objective of the compatibility test is not only to demon-

strate compatibility of the various combinations of high level noise sources and vulnerable

points as discussed above, but the degree or tolerance level by which malfunction is avoided.

It is stipulated in MIL-E-6051C that if the voltage level incident upon a particular point

which produces malfunctioning (i. e., the threshold level of malfunctioning) is determined,

then the actual level produced at that point by the energizing of a particular noise source

shall be at least six db below that threshold (ie, less than one-half).

I. EMI Management

To assure proper and timely implementation of the EMI Control Plan the Program Manager

has designated responsibility to the following groups:

lo

The
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1. System Engineering

2. Integrated Test Planning Board (ITPB)

3. Subsystem Engineers

4. EMI Consulting Engineers

System Engineering

System EMI Engineer is responsible for:

1. Establishing the EMI control requirements by preparing an in-house technical
interpretation as a supplementary document to the applicable Military specifications.

2. The preparation of and periodically up-dating of the System Interference Control
Plan after critically reviewing all of the subsystem Interference Control Plans.

3. Reviewing and approving all EMI test plans and test reports on components and
systems. J
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, Collecting all test data, plotting overlay graphs which show a comparison of all
interference levels so that a decision may be made as to the extent of design
changes and additional filters in order to increase the probability that the
subsystems will be compatible with each other.

5. Liaison with the customer's EMI technical representatives.

2. Integrated Test Planning Board (ITPB)

This group consists of:

1. ITPB Chairman

2. The System EMI Engineer

3. Representatives from the subsystem groups as required.

4. System Quality Control Engineering representatives.

5. Consulting Engineers as required.

The duties of this groupare:

1. Approve list of components to be tested.

2. Review test plans.

3. Review design changes.

4. Approve request for waivers.

3. Subsystem EMI Engineers

The additional duties of the subsystem engineers are:

1. Prepare EMI test plans for their components and subsystems.

2. Design interference-reduction techniques and features for components and
subsystem.

3. Analyze EMI test reports and forward copies to System EMI engineer and ITPB.

4. Supervise actual EMI tests.

o

The EMI

program

services

1.

Consulting Engineers

Consultants if required, will provide any degree of EMI effort necessary on the

as delegated by the System EMI Engineer. The list below represents typical

provided by the EMI consultants:

Preparation of Interference Control Plans on components and subsystems:
critical review of Interference Control Plans prepared by others.

2. Preparation of EMI Test Plans for components and subsystems: critical review
of EMI Test Plans prepared by others.

3. Design of interference-reduction techniques for components and subsystems,
and analysis and improvement of such features as developed by others.

4. Design of susceptibility-reducing features of unusually vulnerable components
and subsystems, or portions thereof.

5. Plan system tests, analyze system for anticipated areas of high interference or
susceptibility, general supervision and observation of EMI testing, analysis of
test results, design of special shielding, filtering and other interference and
susceptibility reduction features, preparation of final report, design of special
susceptibility tests to simulate operation environment and design of special tests
for entire system to check intrasystem compatibility.

't
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MARINER B STERILIZATION



The material contained in this appendix has been reprinted from
the Mariner B Entry Vehicle, Vol. 1 Technical Study, p. 6-1to 6-22,
published 26 November 1963 by the Re-Entry Systems Department
of General Electric.
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6.0 STERILIZATION, RELIABILITY, AND MANUFACTURING

6.1 MARINER B STERILIZATION

6.1.1 Introduction

A positive requirement for the Mariner B system, as set forth by NASA, is that the proba-

bility of contaminating Mars with terrestrial organisms be less than one chance in ten

thousand. The objectives and reasons for rigid sterilization requirements have been out-

lined by many authors (References 1, 2, 3, 4) and agreement that contamination of the target

must not be permitted is virtually unanimous among those planning the scientific objective

of the mission.

Sterilization must be planned to assure the required reliability and, hence, the success of

the total mission. Biological research has shown that the most reliable technique for ac-

complishing total vehicle sterilization is a suitable thermal treatment, at some practical

level attainable by engineering practice. The use of gaseous and liquid sterilants should

remain as back-up or as secondary methods. Gases and liquids present an attractive ap-

proach for some component problems but sterilization by these methods affords no guaran-
tee of an aseptic vehicle.

Another technique, treatment by radiation, presents engineering and component problems

that appear unsolvable at present. Levels of radiation lethal to the majority of micro-

organisms are approximately equal to those that jeopardize the performance and reliability

of vital components. Accordingly, radiation sterilization at present must be limited to

selected components. Even this limited use assumes sterile assembly of these parts. Jaffee

(Reference 1) has discussed current techniques of sterile assembly intended for planetary

spacecraft, and indicates that they are not likely to comply with the required 1 x 10 -4

probability of contamination. However, radiation may be useful for reducing the "biologi-

cal load". Koesterer (Reference 5) has suggested that a combined treatment at reduced heat

levels and lower radiation levels might be a feasible solution to the sterilization problem.

!
!
1
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The guidelines prepared by the Conference on Spacecraft Sterility (Reference 2), held under

the auspices of NASA Biosciences Programs, 9 July 1962, have been adopted as the founda-

tion of this study. A functionally reliable, biologically sterile spacecraft is the objective

established by the guidelines.

Components and materials have been reviewed and screened for early identification of

sterilization problems. The concept of "reducing the organism and dirt load" at all possible

steps in the factory-to-launch sequence has been projected into the design, manufacturing,

and handling sequences.

6.1.2 Analyses

! A complete thermal sterilization, at 135oc for twenty-four hours, of the fully assembled

and tested Entry Vehicle, has been the design goal. It is believed that this goal can only
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be reached by close control of the entire componentand test, design, and manufacturing
process. Koesterer (Reference 5)has reported that micro-organisms in ordinary soil are the

most difficult to destroy; thus, the control of soil and dust contamination at every point be-

comes of paramount importance. To achieve a level of no more than two grams of soil (Ref-

erence 2) on and within the Vehicle requires ultra-clean-room assembly throughout. (The

alternative, cleaning each part and the Vehicle, is not considered a feasible solution either

from a technical or an economical point of view.) Clean-room assembly of all parts, com-

ponents, and structure, as well as clean-room testing, has been specified. Proposed

Federal Standards of clean rooms are Class 100, Class 10,000, and Class 100,000. These

standards have not yet been adopted, but it is felt that clean-room assembly and test re-

quirements of Class 10,000 will not impose unreasonable requirements if laminar airflow

equipment is utilized. The selection of Class 100 is not considered advisable inasmuch as

the mere presence of the human assemblers and testers would preclude practical realiza-

tion of this figure.

6.1.2.1 Discussion

6.1.2.1.1 Requirements

It is required that the chance of releasing a viable micro-organism on the planet target

shall be 1 x 10 -4. Only the Entry Vehicle will be considered. It is assumed that the

probability of the Entry Vehicle striking the target will be unity, while the trajectory of

the Bus will be such as to present less than 1 x 10 -4 probability of planetary impact.

Sterilization will be accomplished by thermal means. The use of ethylene oxide, as well

as other gaseous and liquid sterilants, will be restricted to "biological load" reduction or

other secondary uses.

Inasmuch as sterile assembly is considered to present more than a i x 10-4 probability of

organism survival, equipment, parts, components, and structures will be heated as a

terminal measure for at least 24 hours to 135oc. Sterile assembly will be limited to parts,

components, and structures that inherently cannot be heated to 145°C for three cycles of

36 hours. This latter temperature requirement is considered to be a qualification require-

ment. For qualification, parts, components, and structure must show the required func-

tional reliability (to be established for each mission) after a prescribed dormant period

following thermal cycling.

6.1.2.1.2 Classification

The interior portions of many structural materials are inherently sterile because of the

nature of their manufacturing process (high temperature over substantial periods of time).

However, inasmuch as only a small proportion of the parts to be considered fall in the

inherently sterile category, it has become necessary to subdivide components into three
general classifications: Classes I, II, and III.

Class I consists of items that do not suffer functional damage as the result of a heat soak.

These items can be fully qualified at 145°C for 36 hours, and tolerate ethylene oxide
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sterilization procedures. They may, if required, be reused in vehicles that suffer loss of

sterile integrity and go through recycle procedures. Items in this group further have been

demonstrated to withstand the simulated full mission profile, including space, vacuum and

planetary surface conditions following a full sterilization cycle (Reference 6).

Class II consists of items that have a temperature ceiling of 135oc. Items of this group do

not tolerate qualification temperature cycles unequivocally but may be further subdivided

into two categories: those items that should be exposed to terminal sterilization only once

and those items that may be recycled.

Class III consists of parts and assemblies that cannot withstand thermal sterilization. Res-

olution of the parts selection problem in this class must be achieved prior to final definition

of Entry Vehicle design.

An objective of the design program should be to eliminate all Class III and as many Class II
items as possible from the flight hardware.

The three classes may be further subdivided. The basic philosophy of maximum practical

sterilization treatment requires, from manufacture on, that each part, structure, and

component be subjected to the maximum sterilization environment without regard to the

general sorting and classification of individual parts.

Known high-reliability parts are to be carefully examined for thermal sensitivity. These

parts and materials constitute the basic list for design engineers. The parts, assemblies,

and subassemblies chosen for flight hardware should be qualified to both reliability and

sterility standards. Where functions exist that cannot be performed by a space-qualified

(both sterile and reliable) component, such functions may be omitted from the flight. Where

mission success depends or. a nonthermally qualifiable component, the item should be as-

sembled by sterile techniques that will ensure less than a 1 x 10 -2 probability of contami-

nation. Tl_ 2_-hour final heat soak should continue to be a requirement for Class II items to
assure the 1 x i0 -4 standard.

Class III items are not expected to be a part of the final flight hardware. The appearance

of a Class III item in the final design will constitute a serious problem to be solved only by

detailed examination of that specific part and function.

6.1.2.1.3 Procedure, Processes, and Design Approvals

Clean-room requirements for the Mariner Program are concluded to be Class 10,000 or

less. This manufacturing requirement is regarded as absolute.

During testing of the assembled vehicle, prior to terminal thermal treatment, this require-

ment may be met by conducting the entire testing cycle within a pliable plastic container.

It is not anticipated that clean rooms or containers will be sterile, nor need sterility be
sought.



During the testing cycles, the sealedportions of parts and componentsshould not be com-
promised, and thus sterility problems will be limited to outer-surface areas. The final
thermal treatment before sealing the protective flight container will sterilize thesesurfaces.

Class II and Class III spares and components, destined for assembly, require protection of

a special kind; soil contamination must be prevented as well as loss of sterility. Contain-

ers or biological barriers, designed to protect the items functionally, must include provi-

sion for maintenance of sterility and cleanliness.

A Sterility Contamination Control Group should review each design item. Each final

machine assembly drawing should be approved and signed by a member of this group. De-

sign items should be checked for sterility interfaces, material compatibility, manufactur-

ing processes, and final packaging. During the assembly phase as well as the manufactur-

ing phase, critical steps and processes should be monitored and approved by a trained

sterility inspector.

It is not practical to assay flight equipment. The adoption of a satisfactory method for

sterilization, followed by a strict adherence to the systematic method from manufacture
through launch, is required to achieve 1 x 10 .4 probability of a sterile vehicle.

At the time of equipment selection and qualification, selected components should be

"seeded 'r during the manufacturing cycle. The "seeding" will utilize an organism resistant

to thermal and gaseous sterilization. A microbiological assay may be conducted on these

components and parts after trial assembly runs and sterilization tests, to verify the ef-

ficacy of the procedure.

The sterility program requires at least clean-room assembly for all components. Each

step of the manufacturing and assembly process should be monitored. Random samples of

component parts may be selected, throughout the manufacturing and production phase, and

subjected to biological assay techniques. A rigorous personnel training and motivation

program would be required.

Each step of the manufacturing process should be analyzed for sterility breaks. Packaging,

transporting, and storaging operations represent areas where detailed procedures and

minute attention to detail are the best assurance of a sterile end product.

6.1.2.1.4 Manufacture and Assembly

a. Class I Items

Class I items are to be manufactured in a clean room, Transportation must be

made in dust-and soil-proof containers. Initial thermal sterilization should occur at the

earliest possible time. Primary purpose of this sterilization step would be to reduce the

organism load. Surface sterilization would occur at each step into a higher assembly. It

is expected that gaseous sterilization of component containers would suffice inasmuch as

each component would be internally sterile and only surface contamination would occur.
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b. Class II Items

Class II items, the minimum grade parts tolerable for the initial Entry

Vehicle, must be assembled in a clean room or sterile chamber as required, and con-

tainerized in the requisite contamination barrier. They should be subjected to surface

sterilization by ethylene oxide as they are built into higher assemblies. Modularization

would be functional and designed to prevent internal contamination.

c. Class III Items

While Class III parts should not be planned as a part of the design, a discus-

sion is included in the event that highly important experiments may have to be handled in

this manner. Class HI items require sterile assembly. It is possible that Class III items

may require sterile raw materials. Each part of the sterile assembly must be sterilized

prior to assembly by the most appropriate method (heat, gas, irradiation), and placed into

a sterile component container. Assembly of higher components, utilizing items of this

class, can be done in ethylene oxide chambers. The resulting assembly will become

Class III also. These items should be added to the Entry Vehicle after thermal steriliza-

tion and before the biological protective container or barrier is sealed.

d. Requirement for Clean Rooms

The questions arise: why clean room manufacture and assembly ? why not

merely add one or more complete thermal cyclings to the terminal thermal cycling already
p!armed ? Load reduction is the objective with either method.

Firstly, while sterilizations are to some extent additive, the time between the

sterilizations is an important factor. Reliance upon a load-reducing technique would be in-

adequate if survivors were able to find a usable substrate. Under proper substrate condi-

tions, bacteria can reproduce, from a single individual, to 10 6 in approximately six hours.

A vehicle assembled under normal manufacturing conditions could provide potential sub-

strate concentrations throughout. Until one is prepared to prove that the particular dust

and contamination on the vehicle could not support growth and reproduction, it may simply

be considered a fact that the dust and dirt of manufacture and assembly provides nutrients
and sites for organism multiplication.

Secondly, it has been verified that some organisms and spores are vastly

more resistant to thermal treatment when surrounded or emplaced in soil or dirt-like

substances. Therefore it is an inescapable conclusion that the thermal death time re-

lationship of practical sterilization techniques may be inadequate if the vehicle is not clean.
Partial success is no different from total failure.

Thirdly, Component reliability may be expected to drop as the temperature

rises or the time of thermal exposure is lengthened. The deleterious effects of heat on

some components are well documented. Lengthening the heat cycle would almost certainly
amplify the damage.
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Where a given componentor assembly would be useful after one cycling, a
secondcycling may destroy its usefulness. The data on rate of failure is insufficient for
too many componentsto justify a firm standas to exact conditions.

For the reasons mentioned, it is believed that clean-room assembly with re-
peated sterilizations of componentsand assemblies, reflecting the nature of the component,
offers a more practical approach to vehicle sterility than normal manufacturing tectmiques
followed by multithermal treatments.

e. Functional Flow Concept

Figure 6.1-1, the flow diagram of the sterilization sequence (factory-to-

launch), shows the major operational steps of the sterilization plan. Further breakdown

of this flow is contained in the manufacturing, handling, and AGE functional flow diagrams.

f. Transportation

Transportation functions begLn within the clean room. All of the packing

containers that are used are sterilized to avoid additional contamination. In this phase,

the vehicle is ultra-clean rather than sterile. It contains components, however, that are

internally sterile. Loaded containers (components, subsystems, etc) are flushed with

ethylene oxide and filled with an inert gas at a positive pressure. Such pressurized coI.-

tainers can be shipped or stored, as required. Loss of pressurization would signify com-

promise of the sterile (insofar as ethylene oxidesterilization may be considered sterile)

condition.

6.1.2.2 Launch Area Operations

6.1.2.2.1 Concept

The requirement for assembly of the Entry Vehicle to the Bus at the field site, before

terminal sterilization, requires that clean rooms be established at the Atlantic Missile

Range (AMR) facility. The entire train of events, including all testing, leading to the
sterilization chamber is conducted within a clean room.

The terminal sterilization should be thermal. Based upon the assumption that the final

vehicle will include only a minimum of Class II items, the Entry Vehicle, its biological

container, and the associated AGE should be placed in the sterilization chamber and given

the specified thermal soak. Liquids, such as coolants and battery fluids, would be sepa-

rately sterilized within the chamber, then added to the Vehicle (see "Manufacturing",

Section 6.3). This step is required in order that the liquids not be within their flight con-

tainers during the sterilization process because of the weight penalty that would otherwise

be paid to strengthen the container walls enough to withstand expansion occurring during the

135°C soak and to avoid possible chemical action.



6.1.2 ° 2.2 Biological Barrier

Design requirements for the biological barrier for the Entry Vehicle have been carefully

examined. A brief concept of the protective container (or barrier) is as follows:

The sterile protective container (or barrier) surrounds the Entry Vehicle portion of the

system from the time of thermal sterilization until approximately 500,000 ft into space°

This barrier is never entered, once it is sealed and pressurized, thereby guaranteeing

the integrity of the sterilization performed.

The interface material can be of any thermally resistant material and, although assembled

to the Entry Vehicle first, it is essentially a part of the Bus after separation° Only the

exterior side may be contaminated° It is proposed that the barrier be fabricated of alumi-

num, and double as the BusJEntry Vehicle/Launch Vehicle interstage°

Figure 6.1-2 illustrates the assembly and separation of the Capsule/Bus with their inter-

face.

\
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6.1.2.3 Sterilization Technologies

6.1.2.3.1 Thermal Sterilization

a. Discussion

Koesterer (Reference 5} has conducted extensive studies on heat as a steriliz-

ing medium. Dry heat has been selected as the primary method (over moist heat} to lessen

the possibility of damage to the components of the Entry Vehicle. It is not possible to ac-

curately predict the resistance of a spore population to a lethal agent. With heat, the order

of death of an organism population has been assumed to be logarithmic. This implies

death is a function of the time-temperature relationship involved, assuming a lethal tem-

perature is used. If the theory of logarithmic death functions were perfectly true, then by

using techniques and theories long employed by the food industry, thermal-death rates

and times could be easily predicted. Consistent data at temperatures of interest has not

been available, but there is general agreement that the final terminal cycle of 24 hours at

135°C will eliminate even the long-lived exceptions to the heat-death theory, particularly

in a population already exposed to the prior sterilization treatment described previously.
Biological load reduction, then, is considered to play an important part to constructing a

sterile vehicle. It may be said that to some unknown extent, sterility treatments are
additive.

Ethylene oxide is discussed in subsection 6.1.2.3.2; however, it is important

to differentiate here between the survivor curves of ethylene oxide and dry heat. It is pos-

sible that no amount of ethylene oxide treatment can guarantee a sterile end-product. A

curve of thermal treatment (Figure 6.1-3} will tend to resemble the ethylene oxide curve

(Figure 6.1-6} with the following exception. There is a temperature-time point where

lethality is assured when using heat. The lowest possible completely lethal temperature
for each organism is not known; however, 135Oc has been assumed to be above this lethal

point when combined with long exposure. It is possible that future research may uncover
organisms that survive this treatment. The alternatives at this time would be to raise

the temperature, lengthen the exposure, or to start with such a low initial population that

acceptable probability of sterility for any given vehicle is reached. The third alternative,

described above, must be introduced into the recommended sterilization process, achieved

by clean rooms and repetitive sanitization and sterilization treatment, from manufacturing
on through launch.

Figure 6.1-3 illustrates a typical thermal micro-organism population versus

time curve, and Figure 6.1-4 a spore-death time versus temperature curve should be used.

b. Vehicle Design

The need for sterile planetary entry vehicles imposes two strenuous conditions
upon the vehicle design as follows:

(1} The vehicle must survive an extended soak at elevated temperatures.
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(2) The vehicle must be fabricated in such a manner that it can be success-

fully kept clean and then sterilized by dry heat.

The exposure to sterlization temperatures occurs prior to other environmental

survival conditions. Thus, the vehicle must pass through the sterlization cycle, maintain

all its functional capability, and still possess adequate strength to perform its mission.

These requirements impose the problems of designing a structure for elevated

temperature and for accommodating or minimizing the effects of thermal transients and

gradients. The total time at temperature can be quite extensive due to thermal lag within

the Vehicle. This may impose limitations on material selection to avoid effects such as

overaging of some of the aluminum and magnesium alloys. The structure must not con-

tain entrapped micro-organisms or spores.

Figure 6.1-5 illustrates a concept of a combination final assembly and steri-

lization chamber. The entire interior of the chamber and its contents are brought to

temperature and soaked for the required period. After cooling, assembly is done by me-

chanics wearing impermeable suits.

Problem areas in design and fabrication imposed by these requirements,

and establishment of guidelines for preferred materials, design concepts and configura-

tions, fastening, and joining methods, manufacturing, assembly, and sterilization pro-

cedures for this type of vehicle are the objectives of a current study (Reference 11).

The ideal structure for elevated temperature would be statically determinate
and free from residual stresses. It would be constructed of a material which had no

noticeable loss of properties after the thermal cycle. Under these conditions, the tem-

perature and thermal gradients would not play an important role. The thermal gradients

would be important only insofar as they were not linear in nature.

For decontamination, the ideal would be a homogeneous, integral structure.

The structure should be physically smooth to facilitate cleaning. For sterilization, the

structure must be constructed so that all its components can be brought rapidly to sterili-

zation temperature.

The above requirements are not necessarily mutually incompatible; however,

they are not completely attainable because of other requirements on the structure. How

far a design must vary from the ideal, as discussed above, will be a measure of the prob-

lems introduced by the sterilization requirement:,.

Three significant aspects of the sterilization process with regard to structure
are readily apparent:
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(1) Rate of heating to and from soak temperature (thermal gradients}

(2) Soak temperature

(3) Time at soak temperature

These must be investigated thoroughly for their effects on the structure and
structural materials.

Based on investigations already performed by GE-MSD, several prime

sources of structural difficulty can be pinpointed. Dimensional stability may be compro-

mised by the thermal soak cycle. This is of particular importance for non-metallic or

low-yield-strength materials, optical, and control instrumentation. Severe thermal gra-

dients with accompanying stresses and possible excessive distortions occur wherever

components of vastly different thicknesses are adjoining. Local concentrations of material

should therefore be avoided. A like condition arises where thermally dissimilar materials

are used adjoining each other.

The following structural areas are critical areas with respect to elevated

temperature, and are indicative of the problems which arise through sterilization:

(1) Sandwich panels and laminated structures, particularly where dissimilar materials

are employed or where thermal gradients cannot be readily avoided.

(2) Attachments into honeycomb and similar sandwich materials where application of

heat may degrade the connections to the extent that flight loads cannot be sus-
tained.

(3)

(4)

Thin shells with massive stiffeners should be avoided because of the unequal heating
rates of the two different masses which cause thermal stresses and distortions.

Various types of component support structure found both internally and externally

to the vehicle, such as composite beams, brackets, shear panels, etc. These

are particularly susceptible where they mount components requiring alignment

accuracy, such as optics, control nozzles, momentum wheels, antennas, and

similar instruments common to entry vehicles. Permanent distortion due to the

thermal effects of sterilization may be intolerable, and special mounting concepts

may be required.

(5) Sealed and pressurized structures, tanks, and high pressure vessels where the

sterilization thermal cycle can damage seals by distortion or material degrada-

tion, and internal pressures may be increased during the sterilization process

to excessive levels. Also the physical support of these units can be significantly

affected by heating and will warrant investigation.

/
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(6) Structural devices where preload must be maintained or devices which depend on

specific spring rates that can be degraded by the temperature levels required for

sterilization. An example of this is the spring-loaded Survival Package actuator.

Structural components susceptible to degradation or damage due to strains from

differential coefficients of thermal expansion, such as lugs employing steel bush-

ings pressed into aluminum or magnesium, or various joints where close toler-

ances must be maintained, such that yielding due to temperature will degrade

later performance at flight loads and vibration levels.

The areas listed must be investigated with the intent of fully defining the

structural problems associated with the present concept of sterilization.

c. Thermal Considerations

The use of heat for spacecraft sterilization makes it desirable that good

heat flow paths exist between the external surfaces of the vehicle and the innermost po-

tential bacteria site. When such heat flow paths consist of homogeneous solids, the ther-

mal properties of the material itself are important for the establishment of minimum

transient time during the heating cycle. Selection of materials and dimensions, such that

desired thermal properties are obtained, will result in a dimensionless parameter of the

proper magnitude to minimuze the heating transient. These considerations apply equally
to the cool-down procedure after sterilization.

The present generation of spacecraft which need to be sterilized are not

homogeneous bodies, but consist of bolted, clamped, welded, and otherwise joined assem-

blies. For this reason the thermal conductance through such composite structures must

first be known and then improved in order to minimize total heating time. The General

Electric Company has investigated the problem of joint thermal conductance on a continuing

basis for several years, as shown in the published papers in References 12 and 13. This

investigation is continuing.

When a spacecraft is designed, adequate heat flow paths are normally pro-

vided between heat generating and heat dissipating surfaces. These heat-flow paths will be

useful in the spacecraft heating cycle during sterilization. However, there are numerous

appreciable "thermal masses" within a typical spacecraft, which are not heat dissipators

and, therefore, are not provided with adequate heat flow paths to the vehicle skin. For

this reason, one of the major efforts of the final design would have to include the identi-

fication and improvement of the heatflow paths for such non-heat generating mass con-

centrations. Examples of such improvements include: reduction of heat-flow path length,

substitution of materials, elimination or reduction of contact resistances, re-distribution

of masses, and improved fastening methods.
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An atmosphere of nitrogen or heat sterilized air is maintained during the

heating cycle. This results in an appreciable reduction of the transient through heat trans-

fer by gaseous conduction and convection as well as by solid conduction and radiation. The

presence of an inert gas during heating, with gas removal after the 135°C soak temperature

has been reached, appears to be an attractive solution, since, for example, the heat trans-

fer across a spacecraft aluminum joint at 5 psi contact pressure is 20 times better in air

or nitrogen at atmospheric pressure than in a vacuum as established by experimental data.

Experiments performed using multi-layer reflective thermal insulation, a common space-

craft material, have shown that the transient temperature regime can be reduced drastical-

ly by maintaining several hundred microns pressure during the heating cycle. The use of

forced convection heating also must be considered, since the transport of heat to remote

components by conduction and radiation may impose severe temperature gradients.

Because of the difficulties inherent in instrumenting flight hardware for

temperature monitoring with thermocouples, it is very important for the thermal conducti-

vities of joints to be predictable. The study of structural joints for sterilization by exter-

nally applied heat must include the variations of properties as well as the properties them-
selves.

d. Joining and Fastening Methods

The requirement that structural joints (as in frames, supports and vehicle

skins) be sterile, while in use, means that many joining techniques are not adequate. The

choice of the proper means of connection, i.e., nut and bolt, riveting, welding, brazing,

etc, must be made, not only with the consideration of strength, but also with the considera-

tion of the susceptibility of the joint to contamination. A particular joint must be designed

so that it can be made sterile at the time of the assembly, but it must also be designed so

that it may be sterile while in use.

The problem of designing both structural joints and leakproof fluid connectors,

such that they may be thermally sterilized during or shortly after assembly, requires even

more stringent conditions on the hardware. Whatever means of sterilization are used,

they must ensure that the structural integrity of the joint and the leakproof characteristics

of the fluid connector are maintained. Since the sterilization process includes temperature

cycling, the use of some temperature-sensitive materials for fluid connectors is immedi-

ately ruled out. Both in the case of structural joints and fluid connector joints, a reduction

must be made in the number of surface crevices and voids in the joint area. A criterion

for design must be that voids, cracks, and crevices be reduced or omitted completely,

since contamination is closely associated with the number of voids in the materials, and
since sterilization becomes more difficult as the number and sizes of voids increase.

Hence, conventional use of nuts, bolts, and rivets creates problems, whereas welding,

brazing, and bonding techniques appear to be more suitable.

6.1.2.3.2 Sterilization with Ethylene Oxide

a. Discussion
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Thermal sterilization treatments are to be used wherever possible to provide
internal as well as surface sterilization for Mariner B Entry Vehicle systems. Where the
nature of the componentmodule, part, etc, is such as to preclude thermal treatment,
chemical sterilization, utilizing a 12percent ethylene oxide, 88 percent freon 12 gaseous
mixture, provides a goodbackuptechnique. In addition, terminal sterilization canbe pre-
served by maintaining a slight positive pressure of this gas mixture in an airtight shroud.

b° Compatibility - Materials

Information on the effects of ethylene oxide and ethylene oxide-freon mixtures

on the properties of materials is limited. While there are some indications that these

effects are, in most instances, not critical (References 7 and 8) it is, nevertheless, neces-

sary to test candidate materials for compatibility. A small test chamber will permit evalu-

ation of materials subjected to chemical sterilization conditions. The development of ana-

lytical methods for accurate and rapid determination of degradation products, structural

modifications, phase transitions, etc, is essential for accumulation of data on the materials

behavior and reaction mechanisms.

c. Sterilization Efficiency

The effectiveness of ethylene oxide and ethylene oxide-inert gas mixtures as

sterilants is not yet fully established. Those parameters most in need of investigation

are:

(1) Humidity

(2) Temperature

(3) Pressure

It has been shown that there is a relationship between relative humidity and

sterilizing action. Optimization of this relationship (while concurrently protecting com-

ponents, parts, etc. from moisture attack) is necessary.

The increase in temperature of sterilization of a mere 10°C has been shown

to increase the sterilizing efficiency of ethylene oxide (ie., reduce the required exposure

time for 100 percent kill) by a factor of 2.74 (Reference 9). The range of temperatures

studied (5 to 37oc) was, however, limited and further investigation should be performed.

Little or nothing is known of the effect of higher than atmospheric ethylene

oxide environment pressures. This should be studied along with the effects of combined

humidity/temperature/pressure variations.

In addition to the above, further studies to obtain data on time/concentration

effects should be initiated.
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d, Personnel Hazards

Ethylene oxide is dangerous both as a toxic material and as a highly combustible

gas° Ethylene oxide has a maximum allowable concentration of 50 ppm in air and a mini-

mum explosive limit in air of 13 percent. The 12 percent ethylene oxide - 88 percent freon

12 mixture is not an explosive hazard in air; however, the health hazard remains. In view of

of this, handling procedures must be prescribed and safety equipment design and testing
initiated,

In addition, since the rate of sterilization is apparently proportional to the con-

centration of ethylene oxide, the possiblity of using higher concentrations of ethylene oxide

should be investigated. It is recognized that this would increase the hazards associated with

ethylene oxide; nevertheless, it has been shown that ethylene oxide can be handled safely and

efficiently using simplified procedures and observing safe handling regulations. Combining

higher ethylene oxide concentration with slightly elevated temperatures (35 ° to 50oc) may

provide a more efficient sterilization procedure.

Figure 6.1-6 illustrates that primary dependence upon ethylene oxide is not justi-

fiable. There are reports that use of ethylene oxide alone may never reduce micro-organ-

ism population to zero for a given organism (Reference 10). The curve also illustrates the

usefulness of ethylene oxide for reducing bacteriological load. The efficiency of this pro-

cess is heavily dependent upon initial population. It is obvious that a reduction in the initial

load will vary the acceptable portion of the curve. Thus, ethylene oxide treatment is a

useflfl technique at various points in the assembly and handling process, but cannot be de-

pended upon as the agent for reducing bacteriological population to the required level.

6.1.2.3.3 Clean Rooms

Figure 6.1-7 illustrates a typical laminar flow clean room enclosure. One end is a clean

air supply and the other is a return module. A return air plenum connects the two via a

double ceiling. Clean air moves through the room at the rate of approximately one mile

per hour, filling the room from side to side and floor to ceiling. The air flow removes all

but the heaviest particulate matter from personnel and parts as soon as it becomes air-

borne. Essentially, there are 100 air changes a minute across any one-foot section.

The usual incidentals of clean rooms such as air showers, shoe cleaners, etc, are unneces-

sary, since dust from clothing is continually carried out of the room by the laminar flow as

soon as it becomes airborne and since it has no place to accumulate. A clean room of this

type may be shut down for extended periods with little loss in efficiency. The dust count

can be expected to be less than 1000 particles per cubic foot. Figure 6.1-8 graphs the dust

levels of various types of clean-room facilities as compared to the laminar flow method.

It is proposed that an enclosed clean room of this type be utilized where parts or modules

are assembled prior to part sterilization as outlined in the flow diagrams.

A similarly designed system would be utilized for major assembly and test operations

(See subsection 6.3, "Manufacturing").
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As stated before, a clean-room operation should be done throughout the system at every

stage of manufacture and assembly, except during metal pouring, molding, and casting

operations, and some structural shop operations.

6.1.3 Microbiological Analysis

6.1.3.1 Concept

Methods for detecting and identifying microbiological contamination are well established

and documented in the technical literature. Difficulties in establishing proper culture

media and swabbing techniques indicate that conventional methods may not be fully adequate

for sterilization. The "seeding" of selected parts and components, previously mentioned,

would utilize spores of relatively rare organisms. By utilizing spores of known resistance

to thermal sterilization techniques, rapid analysis can be run on parts and components as

a part of qualification testing. It is felt that only by the use of controlled seeding techniques

and the subsequent proof of sterilization established by such techniques, can the prescribed

sterilization procedure be verified. Use of thermally resistant containers to contain the

parts, and sterilization of the containers with ethylene oxide after removal from the thermal

chamber will protect the interior of the component from post-sterilization contamination.

6.1.3.2 Technique

Discussion of the specific assay technique must be withheld until a particular trial organism

is selected and a test part chosen. The methods involve destructive testing, and actual

flight vehicles would not be so assayed.

The use of protective containers for parts makes possible the bio-assay at a central loca-

tion. Numerous small laboratories may thus be avoided. The work at Wilmot-Castle,

Millipore, JPL, and others, is sufficiently detailed in the open and commercial literature

as to provide preliminary guidelines for this activity.

A Sterilization Control Group should review all bio-assay reports. In the event of a posi-

tive finding, an investigation would be made of all the steps involved in manufacture and

assembly of the component to determine how and when contamination occurred. The in-

vestigation would include a review of the bio-assay and the technique utilized.

6.1.4 Sterility Control Group

6.1.4.1 Concept

Opfell (Reference 2) has stated that, "The effect ._f any sterilization process will be a func-

tion of the entire history of the components that come in." The program will depend heavily

on the develppment of a qualified, reliable, sterilizable-parts list. Parts selection and

qualification must begin immediately if launch windows are to be met. Following selection
and qualification of parts, it is critical that all materials and processes in the fabrication

of equipment be surveyed and continuously monitored. For flight hardware, total reliance

must be placed upon procedures in order to assure requisite reliability and sterilization.
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Although the final assembly contractor is responsible to NPL/NASA for the entire process,

a tremendous amount of manpower would be expended if each and every step of every sub-

contractor operation were to have a prime contractor inspector check for violations of

sterility. Subcontractor selection with respect to the sterility requirement, therefore,

must be undertaken with great care. The prime contractor must institute a motivation

and training cycle for his subcontractors. This duty would fall on the Sterility Control

Group.

6.1.4.2 Duties

The Sterility Control Group should provide continuing surveillance of the sterilization re-

quirements in the areas of:

• Personnel training

• Handling procedures

• Storage requirements

• Certification requirements

• Shipping conditions

• Assembly procedures

• Interface considerations

• Materials selection and acceptance

• Biological testing and certification

• Design review

• Reliability assessment

6.1.4.3 Membership, Authority, and Controls

Professional bio-engineering personnel should review each step of the manufacturing pro-

cess for every component, together with the subcontractor personnel. The motivation and

training of the operation and assembly personnel would be done by the subcontractor for his

own personnel. Each subcontractor should appoint a leadman for his own effort. This

leadman will become a member of the Sterility Control Group. A member of this group

should physically review and inspect critical points of the assembly. The prime contractor

would, where possible, take non-statistical samples and subject them to destructive assay

to determine sterility.
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